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1 Abstract	  
 

The Flexible Lunar/Extraterrestrial Exploration Transportation Systems (FLEETS) is a long-term 
multi-vehicle space program developed by the University of Maryland, College Park Space 
Systems Design senior class.  Requirements were taken from the Space Systems class, as well as 
from NASA’s RASC-AL competition.  The main goals are to achieve regularly scheduled 
manned lunar missions as soon as possible, with an eventual goal of long-term lunar stays of up 
to 28 days.  These goals must be achieved within a fixed yearly budget, while maintaining 
flexibility for evolving program goals.  FLEETS implements a number of vehicles used in 
multiple mission configurations, including seven vehicles fully designed in-class, as well as 
NASA’s MPCV.  The final program schedule projects the first manned lunar mission in program 
year 9, with the first 28-day lunar mission occurring in program year 12. 

 	  



2 Introduction	  (Christopher	  Flood)	  

2.1 Background	  
Since the conclusion of the Apollo program in 1972 the 
United States has foregone returning to the moon, favoring 
instead to keep manned mission within Low Earth Orbit 
(LEO).  Now that the Space Shuttle has been retired we no 
longer have any manned missions launching from American 
soil. The space industry has effectively lost the interest and 
support of the American people. When President Kennedy 
set the lofty goal of putting an American on the moon before 
the end of the 1960’s, he energized the space industry and 
captured the imagination of the public. In the years between 
Kennedy’s famous speech and putting a man on the moon, 
the National Aeronautics and Space Administration (NASA) 
directly engaged the American public. NASA kept the 
interest of America and the world by launching elaborate 
manned missions of increasing intricacy and magnitude. 
Currently, NASA’s only plans for manned missions (outside 
of LEO) involve the Multi-Purpose Crew Vehicle (MPCV) and the Space Launch System (SLS). 
These modules will not be able to deliver a man to the moon for at least another decade, by this 
time any remaining interest from the American public will be long gone. Thus, our once 
astonishing and breathtaking space program will have faded into a distant memory; our 
glamorous stellar nebula will have dimmed into the twinkle of a far off white dwarf. 

2.2 ENAE	  483/484	  
The University of Maryland Aerospace Engineering Program offers the ENAE 483/484 track as 
a senior capstone design level course. Each year this team of students is tasked to design a space 
system in conjunction with the Space System Laboratory’s faculty. This year the group of 
students was asked explore modular spacecraft and how to incorporate them into a single 
comprehensive mission architecture. The goal for this class was to design an affordable, vibrant, 
and sustainable mission architecture. These terms are defined as: 
“affordable – all exploration costs, including new spacecraft and launch vehicle development, 
procurement, and mission operations, must not exceed $3B (FY2013) in any given year. This 
represents a realistic estimate of the funding which will be available for exploration after 
standing NASA funding for science, LEO space flight, aeronautics, and other long-established 
programs are subtracted from the (assumed stagnant) NASA annual budget. 

 vibrant – the final program shall incorporate human flight beyond Earth orbit at the earliest 
feasible point in the timeline, and sustain that momentum by supporting at least one human 
mission beyond LEO in every year thereafter. 
 sustainable – the program must be bounded such that no cost element (development, production, 
or mission operations) dominates in any given year, but such that regular development of 
systems providing advanced capabilities are underway at all time, such that exploration activities 
are continually increasing in the scope of the missions, and in the distance and diversity of target 
destinations.” (Akin) 

 
Figure 2.1-1 Man on Moon 



The completed capstone design will use modular spacecrafts to develop an affordable, vibrant, 
and sustainable mission architecture which would also fulfill the requirements of the RASC-AL: 
Human Scale Architecture and Systems Competition. 

2.3 RASC-‐AL	  
Revolutionary Aerospace Systems Concepts Academic 
Linkage (RASC-AL) is run by The National Institute of 
Aerospace (NIA) and sponsored by NASA.  The 
University of Maryland was selected as one of nine 
undergraduate teams to compete in the Human Scale 
Architecture and Systems Competition in 2013. The 
primary focus of this competition is to provide 
university-level engineering students with a forum to 
display their unique skills in the development of a 
human scale architecture based on current real world 
engineering challenges. Competing teams are asked to 
show case their innovative solutions to one of three 
themes: 

• Near Earth Asteroid (NEA) Flexible Mission 
Architecture Designs 

• Human-Focused Mars Mission Systems and 
Technologies 

• Human Lunar Access and Initial Exploration 
Teams can choose to compete in one of two ways: 

1. By developing a complete, integrated, end-to-
end architecture addressing one of the three 
themes listed above 

2. By performing a thorough system design of a 
supporting element such as a mobility system, 
habitat, or lander. (nianet) 

The University of Maryland team has chosen to provide a contemporary and alternative solution 
to provide human lunar access and initial exploration through the development of a complete, 
integrated, end-to-end architecture while still performing a thorough system design of multiple 
intricate supporting elements. 

 	  

 
Figure 2.3-1: RASC-AL 

 



3 Requirements	  

3.1 ENAE484	  (Chris	  O’Hare)	  
The following program requirements were derived from the ENAE484 project requirements.  
The requirements below are as dictated, with specific values to be determined during design: 

• The program shall launch manned lunar missions as soon as possible from program start. 
• The program shall launch a minimum of one manned lunar mission per year upon start of 

program manned missions. 
• The program shall stay within a yearly budget of $3B ($2013). 
• The program shall maintain a yearly budgetary allowance for further development, while 

fulfilling the above requirements. 

3.2 RASC-‐AL	  (Matthew	  Marcus)	  
The following program requirements were derived from requirements listed from the RASC-AL 
Aerospace Concepts design competition: 

• An end to end architecture shall be developed to facilitate manned lunar access, and be 
evolvable to exploration of other locations within the solar system 

• The program shall utilize the Space Launch System (SLS). It will be assumed that initial 
development of the 70MT class SLS will be conducted by a separate effort within NASA. 

• The program will conduct development to the 105MT class SLS launch vehicle. 
• The program shall utilize the Orion Multi-Purpose Crew Vehicle (MPCV). Development 

will be completed by this program from the current state of vehicle development, as of 
January 2013. 

• The program shall consist of missions to carry a crew of four to the lunar surface. 
• Four person missions shall consist of lunar surface missions of 28 days, to pressurized 

surface habitats. 
• Missions shall be conducted to polar regions, during continuously sunlit periods. 
• Pressurized rovers shall be utilized to enhance crew mobility for exploration, and shall 

allow short term habitation 
• January 1, 2014, shall be the assumed program start date 
• Initial manned lunar missions (MLMs) shall occur by 2025. 

3.3 Design	  Reference	  Mission	  (Matthew	  Marcus)	  
Based on the requirements listed above, and early mission planning work, the following design 
reference missions were developed, for landing crew and cargo on the lunar surface.  Each 
mission features a Lunar Propulsion Module (LPM).  This vehicle features a descent stage, 
which performs the final descent and landing maneuvers, as and an ascent stage, which performs 
launch from the lunar surface into LLO for crewed missions.  The ascent stage is left unfueled 
for cargo missions.  The module also features sensor packages and structures necessary for 
landing.  Trans-Lunar Injection (TLI) and Lunar Orbit Insertion (LOI) of all vehicles to be used 
in lunar space is accomplished with a large cryogenically fuelled propulsion module (OPM-C).  
All other major orbital and descent maneuvering is performed by a storable-fuelled propulsion 
module (OPM-S).   

All missions will be conducted by combining modules launched separately on existing 
commercial launch vehicles expected to be operational at the time of the program.  The payload 



of each lunar-bound launch will feature a module or series of modules required for a mission, 
plus an OPM-C.  The launch vehicle will insert the payload into LEO, and the OPM-C will 
deliver the payload from LEO to LLO.   
For all missions except cargo missions with payloads below 2000kg, OPM-Ss will be required to 
augment LPM maneuvering on descent and in orbit.   Each mission will begin with the launch of 
all OPMs required for descent, one at a time, to LLO, where they will rendezvous and dock into 
a stack.  They will then be followed by an LPM, and finally the payload to be landed, which will 
be the vehicle carrying the crew to the surface in the case of a manned mission.   

Initial crewed missions will consist of two-person crews, and will conduct scientific sorties and 
habitat construction missions for future, longer duration four-person missions. For these 
missions, the crew will launch in an all-purpose crew module (CM), which will carry support 
them during all phases of the mission, including Earth launch, lunar transit, lunar descent and 
landing, surface mission, and lunar ascent and Earth return, for a duration of up to 17 days, 
including a nominal surface mission of up to seven days.  The CM will launch mated to an OPM-
S that will perform lunar orbital maneuvering and insertion into an Earth return orbit at the end 
of the lunar mission.  Upon arriving in LLO, the CM will undock from the return OPM-S, which 
will remain in LLO, and will dock with the OPM/LPM stack assembled in LLO from previous 
launches.  It will support the crew for the duration of their surface mission, up to a duration of 
seven days. 

For four-person, long duration missions, a separate pressurized landing vehicle (OLV) will be 
launched to LLO, and mated to the top of the stack, on top of the LPM.  The OLV is designed to 
support the crew for the trip from LLO to the lunar surface, and vice versa, but nominally does 

 
Figure 3.3-1: FLEETS two-person example launch concept.  OPM-Cs (light blue) are used to 
launch each payload to LLO.  Through this method, a stack of two OPM-Ss (green, first two 
launches), and LPM (green with brown legs) and a CM (darker blue) are assembled in LLO. 



not sustain the crew on the lunar surface for any given length of time. An additional OPM-S will 
also launch for Earth return, after the descent stack has been completed with the OLV in LLO.  
This will remain in LLO, near the orbit of the stack, and await arrival of the crew in the MPCV.  
The crew will launch and travel to LLO in the MPCV.  The return OPM-S would rendezvous and 
dock with the MPCV and maneuver it to rendezvous and dock with the OLV.  The crew then 
transfers to the OLV, and undocks from the MPCV, which remains in LLO.  The Crew then 
descends to the lunar surface in the OLV, landing in the vicinity of a lunar habitat.   

For lunar descent, each OPM-S in the stack burns to depletion, and jettisons successively, with 
the final portion of descent and landing being completed by the LPM.  For two person missions, 
the crew conducts their surface mission out of the CM.  For four person missions, after landing, 
the crew transfers to a pressurized rover or habitat by EVA, out of which they conduct the 
surface mission, up to a duration of 28 days.  At the end of the surface mission, for missions 
returning to orbit, the LPM conducts ascent to LLO, where the Earth return hardware rendezvous 
with it.  For two person missions, the CM jettisons the LPM, and docks with the Earth return 
OPM-S, and for four person missions, the OLV docks to MPCV, and the crew transfers back to 
MPCV.   In both cases, the Earth return OPM then performs the Trans-Earth Injection, as well as 
any course corrections necessary in LTO.  Upon arrival at Earth, each crew vehicle jettisons 
from the OPM-S and any additional attached hardware, and performs Earth entry and landing. 

 

 
Figure 3.3-2: FLEETS four-person example launch concept.  OPM-Cs (light blue) are used 
to launch each payload to LLO.  Through this method, a stack of two OPM-Ss (green, first 
two launches), and LPM (green with brown legs) and an OLV (red) are assembled in LLO.  
The crew then travels to LLO in MPCV, and docks with and transfers to the OLV. 



4 Program	  Overview	  

4.1 Module	  Intro	  
The following is a small introduction to each of the designed program modules.  A more detailed 
design description of each module can be found in the Module Designs section. 

4.1.1 Crew	  
 

Crew Module 

The Crew Module is a manned pressurized 
spacecraft for lunar missions with a 2-crew 
complement.  It provides independent life 
support and structural support from launch 
through earth re-entry.  The Crew Module is 
designed exclusively for lunar missions, and is 
capable of supporting lunar excursions.  It is 
the primary manned vehicle for Program Phase 
II missions. 

 
Number of Crew 2 

Mission Duration 17 days total 
7 days lunar surface 

Max EVA’s 6 
 

Dimensions Diameter: 3.98 m 

Height: 3.4 m 
Mass 5427 kg 

Pressurized Volume 11.8 m^3 
Habitable Volume 8.6 m^3 

 

 
  



 

Orion Landing Vehicle (OLV) 

The Orion Landing Vehicle (OLV) is a 
manned vehicle designed for 4 crew members. 
Its purpose is to dock with Orion in LLO and 
taxi the crew to and from the lunar surface. The 
OLV is designed to be simple and lightweight 
to save on cost. Nominally it is only used for 
half a day in descent and half a day in ascent. 

 

Number of Crew 2 

Mission Duration 1 total day in transit 
3 contingency days 
on surface 

Max EVA’s 1 nominal (3 total) 
 

Dimensions Diameter: 2.5 m 

Height: 3.8 m 

Mass 3628 kg 

Pressurized Volume 9.1m3 

Habitable Volume 9.1m3 
 

 

Multi-Purpose Crew Module 

The Multi-Purpose Crew Module is a 
manned pressurized spacecraft with a 
4-crew complement, currently in 
development by NASA.  It provides life 
support from launch to low lunar orbit, 
and from low lunar orbit to earth re-
entry.  The attached service module 
also provides propulsion capabilities.  It 
is the primary orbital manned vehicle 
for Program Phase III and IV missions. 

 
Number of Crew 4 

 

Dimensions Diameter: 5 m 

Mass Capsule: 8913 kg 
Total: 21250 kg 

Pressurized Volume 19.56 m^3 
Habitable Volume 8.95 m^3 

 

 



4.1.2 Propulsion	  
 

OPM-C 

The OPM-C is a rocket stage that provides all 
the heavy lifting required to get payload to the 
Moon. The largest payload the OPM-C can 
carry has 15,200 kg of mass. The two 
propellants used by the OPM-C are liquid 
hydrogen and liquid oxygen. All other modules 
are launched on top of the OPM-C, and a 
special fairing was designed to cover 
components on top of the OPM-C. 
 

 
Specific Impulse 441s 

Lifetime 3 days 
 

Number of Engines 5 

Mass 37,800 kg 
Dry Mass 5,980 kg 

Payload Mass 15,200 kg 
 

 

OPM-S 

The OPM-S provides all the ∆V maneuvers 
on orbit for a mission after the OPM-C is 
spent. This includes maneuvers to return to 
LEO, the most important phase of a mission. 
Additionally, the OPM-S assists the LPM 
during lunar descent, so a typical mission 
will use several OPM-S modules. This 
modularity and repeated use takes advantage 
of the learning curve effects in the cost of 
the module, making it possible to fly 
missions more often in the later years of the 
program.  

 

∆V 837 m/s 

Lifetime 6 months 
 

Number of Engines 5 

Mass 15,200 kg 

Dry Mass 1,303 kg 
 

 



Lunar Propulsion Module 

The Lunar Propulsion Module (LPM) is the 
module responsible for performing the final 
part of the descent burn to and landing on the 
lunar surface for all payloads, as well as 
performing the ascent burn for payloads 
returning to low lunar orbit. The LPM consists 
of two stages for descent and ascent that have 
separate fuel tanks but share the same set of 
engines. This strategy was implemented to 
reduce the amount of inert mass in the descent 
stage of the module. 

 

Mission Duration 34 days total 

~33 days in orbit 
 

Payload Capabilities 6000 kg to surface 
and back to low 
lunar orbit 
14,200 kg to surface 
with no return 

 

Dimensions Diameter: 5.5 m 

Height: 3.57 m  
Mass 15,200 kg wet mass 

2750 kg dry mass 
  

  
 

 

4.1.3 Lunar	  Habitation	  
Lunar Habitat (Lhab) 

The lunar habitat is a permanent structure 
designed to house a crew of 4 for a 28 day 
lunar mission. It is an inflatable structure with 
an internal structure supporting a second floor. 
The habitat will be constructed by 2 people in 
one short lunar mission and inhabited by a 
crew of 4 in subsequent missions. 

  
Number of Crew 4 

Mission Duration 28 days 

 
Max EVA’s 28 

 

Dimensions Diameter: 6.9 m 
Height: 6.65 m 

Mass 5626.9 kg 

Pressurized Volume 168m3 

Habitable Volume 168m3 

 

 

  



 

Lunar Roving Vehicle 

The Lunar Roving Vehicle will provide 
astronauts on the lunar surface with pressurized 
mobility.  This will allow the astronauts to 
move between habitats and transverse great 
distances to achieve science objectives.  The 
lunar roving vehicle is a variation of NASA 
Small Pressurized Rover concept modified to 
meet our mission architectures requirements. 

(Woodfill) 

Number of Crew 2 nominally 

4 emergency 

Mission Duration 14 days 

Maximum Speed 10 km/hr 
Dynamic Stability 40° slope 

Range 500 km 
 

Height 3.05 m 

Length 4.5 m 

Wheel Base 3.96 m 

Mass 3000 kg 

Payload 1000 kg 

 
 

 

4.1.4 Communication	  
 

Lunar Relay Satellite 

The Lunar Relay Satellite is a communications 
satellite in lunar orbit.  It is part of a planned 
constellation of satellites that will provide 
continuous communications between lunar 
polar surface bases and the earth surface.  The 
LRS is being modeled as a TDRSS satellite for 
purposes of mass and size. 

(No Picture Available) 

Constellation Size 4 satellites 
(3 main, 1 backup) 

 

 



4.1.5 Launch	  Vehicles	  
Falcon Heavy 

The Falcon Heavy is a spaceflight launch 
system, currently in development by SpaceX.  
It is used as the main launch system to LEO for 
Program Phases I, II, and III.  

 
(Payload fairing not shown) 

Target Launch Orbit LEO 
Launch Cost $128M 

 

Max Payload Mass 53,000 kg 
Diameter of Stage 
Below Fairing 

3.7 m 

 

 

 Space Launch System Block I/Block I A-B 

The Space Launch System is a spaceflight 
launch system, currently in development by 
NASA.  It will become the main launch system 
for Program Phases III and IV once 
development is complete. 

  



 

 
Block I Block I A-B 

 
 (Payload fairing not shown) 

Target Launch Orbit LEO 
 

 Block I Block I A-B 
Max Payload 
Mass 

70,000 kg 105,000 kg 

Diameter of 
Stage Below 
Fairing 

5.1 m 8.4 m 

 

 
  



 

4.2 Program	  Phasing	  (Matthew	  Marcus,	  Chris	  O’Hare)	  
The FLEETS program has been separated into four main phases, each phase focusing on specific 
program requirements.  Each phase will use modules and missions types relevant to the 
completion of phase objectives.  The program is able to transitions freely between phases to 
satisfy relevant program objectives. 

4.2.1 Phase	  I	  
Phase I missions will consist of initial tests of the vehicles and infrastructure necessary to 
conduct the earliest manned missions. Test missions will initially consist of unmanned vehicle 
tests in low earth orbit (LEO), followed by propulsion tests into a lunar transfer orbit (LTO) and 
low lunar orbit (LLO), culminating in two final test missions; a crewed mission in Earth orbit, 
and an full-up unmanned test mission, following the same flight profile as a phase II mission, 
detailed below. 

Initial tests of the SLS will be conducted as portions of phase III missions. For these missions, 
the SLS launches will be a phase I mission, but the overall mission beyond rendezvous in LLO 
will be a phase III mission. 

4.2.2 Phase	  II	  
The program will transition into Phase II once all modules have been verified and the LRS 
constellation is operational.  Phase II consists of two main goals: science sorties and lunar base 
construction.  Science sorties are singular missions performed using the 2-person Crew Module 
for 7-day lunar stays, with various target locations based on science objectives.  These sorties 
will be the first manned lunar missions in the program.  Base construction requires both manned 
missions and unmanned lunar cargo missions.  Cargo missions will land autonomously at the 
target base location, with payload consisting of the Lunar Habitat and Lunar rover modules.  
Manned missions are sent to the base location using the Crew Module, with the primary goal of 
base construction and setup. 
Table 4.1.2-1: Phase II mission Types 

Mission type Goal Payload modules 
involved 

Lunar location Lunar duration 

2-crew manned Science sortie CM 
LPM 

Entire surface 7 days 

2-crew manned Base 
construction 

CM 
LPM 

Proposed base 
location 

7 days 

Autonomous 
cargo 

Lunar hardware 
delivery 

LHab (cargo) 
LRover (cargo) 

LPM 

Proposed base 
location 

N/A 

 



4.2.3 Phase	  III	  
The program will transition into Phase III once the Lunar Habitat has been constructed.  Phase 
III consists of 4-person manned lunar missions using MPCV and OL, with the purpose of 28-day 
habitation in the Lunar Habitat.  The Lunar Rover is used to extend operational range from the 
primary base location for science and exploration.  Phase III also includes possible 2-person 
lunar missions, in the event of a possible objective outside the operational range of the base 
location. 

Table 4.1.3-1: Phase III mission types 

Mission type Goal Payload modules 
involved 

Lunar location Lunar duration 

4-crew manned Habitat-based 
science 

MPCV 

OLV 
LPM 

LHab 

Base Location – 
Lunar Habitat 

28 days 

2-crew manned Science sortie CM 

LPM 

Entire surface 7 days 

 

4.2.4 Phase	  IV	  
Phase IV missions shall consist of missions to targets beyond the Earth-Moon system, such as a 
manned mission to the Martian system. These missions will utilize the Orion MPCV currently 
under development by NASA, as well as large, 70 MT class propulsion modules, launched on the 
105 MT class SLS launch vehicle. 

4.3 Mission	  Types	  (Chris	  O’Hare)	  
The FLEETS program will employ the following mission types.  A more detailed description of 
each mission can be found in the Missions Architecture section. 

4.3.1 Crewed	  Missions	  

4.3.1.1 Two-‐Person	  Missions	  
The two-person crew mission will provide transport for manned lunar missions.  The crew will 
be supported by the Crew Module throughout the entire mission.  These missions will be used 
primarily in Phase II, with possible secondary use in Phase III. 

4.3.1.2 Four	  Person	  Missions	  
The four-person crew mission will use the MPCV and OLV modules for transport to and from 
the lunar surface.  Upon lunar landing, life support will be provided by the established Lunar 
Habitat.  These missions will be used primarily in Phase III. 



4.3.2 Un-‐Crewed	  Missions	  

4.3.2.1 Lunar	  Cargo	  
The lunar cargo mission will provide autonomous transport of largo cargo payloads to the lunar 
surface.  Payload deployment will be performed by crew during crew missions.  These missions 
will be used primarily in Phase III. 

Table 4.3.2.1-1: Module and launch hardware per mission.  Final 
module numbers are dependent on cargo payload mass. 

Modules per Mission 

LPM 1 

OPM-S 2 

OPM-C 1-4 

Launches per Mission 

Falcon Heavy 1-4 

 

4.3.2.2 LRS	  Deploy	  
The LRS deploy missions will deploy a Lunar Relay Satellite into the target lunar orbit.  These 
missions will be used primarily in Phase I. 

Table 4.3.2.2-1: Module and launch hardware per mission. 

Modules per Mission 

LRS 1 

OPM-S 1 

OPM-C 1 

Launches per Mission 

Falcon Heavy 1 

 
 

 	  



5 Mission	  Planning	  (Arranged	  by	  Matthew	  Marcus)	  

5.1 Lunar	  Site	  Selection	  

5.1.1 Science	  Points	  of	  Interest	  (Christine	  Doeren)	  

5.1.1.1 Introduction	  
The Apollo program was designed to not only establish preeminence in space, but also to obtain 
rich and meaningful information about the enigmatic and unexplored moon. There are limitless 
potential scientific benefits to returning as soon as possible and the science objectives are the 
motivation behind the FLEETS program. Continued lunar exploration will lead to new 
technologies and harvested in-situ materials may be used to support lunar bases on the surface. 
Self-sustaining habitats will allow the United States to lead an international lunar network and 
provide a support facility for future missions to Mars and other places of interest. 

5.1.1.2 South	  Pole	  Science	  
The South Pole-Aitken Basin is of particular interest since it has never been explored by man 
during the Apollo era. One of the first science objectives at the lunar South Pole will be to 
analyze the volatile flux and regolith layers. The Lunar Reconnaissance Orbiter has detected 
hydrogen, water ice, helium-3, radionuclides, and rare-earth elements (REEs) on the surface of 
the moon (Ambrose, 1). Areas on the lunar surface with large amounts of certain minerals have 
characteristic color profiles that indicate which particular mineral is there. Observing areas in 
different wavelengths can produce such a color profile and distinguish what materials are 
dominant (Soderman, 1). The astronauts will collect and analyze samples to assess the ability to 
utilize these in-situ resources to our advantage. The long-term goal is to eventually use resources 
like these to support extended scientific missions to the Moon. They may provide permanent 
habitats with food, water, and raw materials for rocket propellants, nuclear energy, construction 
materials, and the like.   

Exploring the South Pole is also of high importance during Phase III. The picture below shows a 
map of the area with Shackleton crater, the first landing site, located in the center.  The closest 
crater to Shackleton is DeGerlache, which is about 68 km away and has the potential for 
excavation since it has been known to have a high hydrogen signal. Several paths are shown that 
lead to each crater in the area, all of which have a slope that does not exceed 30º to make rover 
transportation safe and manageable.  Any of these craters may contain valuable materials and 
may be explored after a lunar habitat is established at the rim of Shackleton crater, the furthest 
being Malapert Crater at about 250 km away (Kring, 517). 

The South Pole also presents a unique opportunity to gain information on the Helium-3 isotope, 
which is an energetically-rich isotope carried by solar winds over billions of years and gets 
embedded in the upper layers of the lunar surface (Helium-3, 1). 
Harvesting Helium-3 from the Moon’s surface would be an ideal, yet challenging, objective for a 
Phase IV mission but the benefits could be very substantial. One application for He-3 on Earth is 
nuclear fusion reactor technology that will generate enormous energy outputs with negligible 
waste.  Other applications include medical diagnostics imaging and Positron Emission 
Topography in the biomedical field (D’Souza, 2). 



 
Figure 5.1.1.2-1: Map of the South Pole with Slope Gradient 

 
It is important to determine where these deposits are and how abundant the supply is during an 
early Phase mission. A future Phase IV harvesting capability to collect and transport large 
amounts of He-3 back to earth would require such information. 
He-3 is widely thought to be most abundant in the South Pole region because it is exposed to the 
most amount of sunlight throughout the year.  Since He-3 is carried within the solar particle 
gradient, the areas of the moon with the most sunlight will theoretically have the highest amount 
within the surface dust (D’Souza, 57). 
David Dietzler, a founding member of the St. Louis Chapter of the Moon Society, gave his 
insight into the feasibility of mining He-3 from the Moon. He calculated that approximately 737 
Mark II miners would be required on the lunar surface to extract 25 metric tons of He-3 per year, 
which would be enough to provide power to the United States for one year at current 
consumption rates. This would require about 13,636 tons of machines, which seems very 
daunting. However, he articulated a detailed plan involving the use of state-of-the-art Artificial 
Intelligence mining technologies to utilize in-situ resources that would help manufacture such 
machines on the Moon rather than solely on Earth. That would reduce the amount of payload 
mass required for the extensive mining endeavor (D’Souza, 106-109). 

By keeping technological developments in mind, Dietzler expected that it would take about 50 
years to accomplish the mining process if we start today, but also that currently there is no 
interest to begin now and not much preliminary investigation on where the isotope is located in 
large quantities. He remained optimistic about the topic of He-3 mining from the Moon because 



of current advancements in technology like materials, ion drives, compact space nuclear power 
supplies, artificial intelligence, robotics, and low cost rockets (D’Souza, 109). 

5.1.1.3 Extralunar	  Meteorites	  
Material is transferred between planets by impact ejection of native rock followed by a period of 
free flight in solar orbit that results in landing upon another body. The discovery of terrestrial 
meteorites in the lunar regolith could provide insights into the nature of surface and subsurface 
conditions of early Earth and provide information pertinent to early evolution of terrestrial life 
(Fries, 1-2). 

University of Washington astronomer John Armstrong suggested that material ejected from 
Earth during the Late Heavy Bombardment might be found on the moon.  That period lasted 
about four billion years and the Earth was subjected to a myriad of asteroids and comets (Ruley, 
1). On Earth, the geologic record of these critical events has been destroyed by crustal recycling; 
however, such a record could exist on the moon as a terrestrial meteorite record. Extralunar 
grains will appear “unusual” upon inspection because of the simple nature of native Moon rocks 
(Fries, 2). 
Various different factors must be considered when developing a strategy to locate and study 
extralunar meteorite samples. Survival of particles after lunar impact, existence of untainted 
particles after extended lunar processing or “gardening”, and the extent to which these fragments 
can retain information about the parent body. However, if surviving rock samples cannot be 
located, it would be somewhat useful to gather data from the disseminated extralunar material 
(Fries, 3). 
The main obstacle for a meteorite to survive would be the lack of atmosphere around the Moon. 
On Earth, when an object approaches the surface, it is usually significantly slowed down by the 
atmosphere, causing most of the sample to survive impact (Hill, 1). 

Research was conducted by Ian Crawford, Emily Baldwin, and their team at Birkbeck College’s 
School of Earth Sciences. This research has put numbers to Armstrong’s theory, via a 
sophisticated simulation of the pressures impacting a meteor travelling from Earth to the Moon. 
Their findings showed that, in many cases, the pressures on the meteor would have been low 
enough that a small amount of genetic data would have survived. Crawford found that some 
portions of the simulated meteorite would have melted, but most of the projectile’s trailing half 
had experienced much lower pressures. The lower impact velocity was about 2.5 kilometers per 
second, and he noted, "No part of the projectile even approached a peak pressure at which 
melting would be expected" (Hill, 2). 
Dr. Mike Gaffey of the University of North Dakota Space Studies Department remarked that any 
meteorites that made it to the Moon during the Heavy Bombardment Period would have been 
shattered in to such small concentrations that it would be impossible to detect from orbit, so a 
lunar rover equipped with high-resolution IR sensors or something similar may lead to the 
discovery of hydrates and other materials on the surface (Hill, 2). Sorting through and analyzing 
the discovered samples and then deciding what will be sent back to Earth for further study, 
would be a lot easier with a human presence on the Moon provided by the FLEETS program. 

 	  



5.1.1.4 Sortie	  Missions	  to	  other	  Landing	  Sites	  

5.1.1.4.1 Near	  Side	  Science	  
Marius Hills is a near-equatorial landing site far from the South Pole site, which would provide 
more diverse exploration of the Moon. To better understand Moon evolution and crustal 
processes, different rock types present on the lunar surface must be inventoried and classified. 
The astronauts can also use this impact crater as a natural drill to sample material from deeper 
layers of the moon (lower crust and upper mantle). Large impact craters and impact basins eject 
subsurface material from the lower crust and upper mantle naturally and deposit them in the 
region surrounding the crater. Material from the greatest depths is deposited close to the crater's 
rim, and material from shallower depths is deposited at increasing distances from the crater. The 
astronauts can take samples at these varying distances, known as “radial sampling” and can thus 
gather data from a gradient of different subsurface regolith samples (Sharma, 1). The use of 
pressurized mobility will allow for a wide area of coverage to collect rock samples, as well as 
satisfy RASC-AL’s pressurized mobility requirement. 

5.1.1.4.2 Far	  Side	  Science	  
The Apollo missions had never put a man on the far side of the Moon and so it is important to 
explore this area and take rock samples that can reveal a window into the unique crustal 
processes of the far side. The composition and diversity of the far side crust are of particular 
interest not only in terms of the complex thermal evolution, but also because far side samples 
would be key to determining the bulk composition of the lunar crust, which is still quite 
mysterious (Pieters, 1,7). The Lunar Reconnaissance Orbiter has also found the availability of 
thorium and other REEs and energy minerals that can be excavated from the far side and 
exported to earth. A future mission to the far side would require more communications 
equipment and a strategy to utilize as much sunlight as possible for power would have to be 
examined (Far, 1). 
Tsiolkovskiy crater is a smooth, flat area that was strongly advocated for by Harrison Schmitt for 
the Apollo 17 landing site. Schmitt was the only trained geologist to walk the Moon surface and 
believed that the far side gave a unique opportunity to explore the surface and collect data 
(Tsiolkovsky, 1). 

5.1.1.5 Strategy	  for	  Sample	  Collection	  
Hand Tools and coring drills will be used for surface sample collection. The pressure suits worn 
by the Apollo astronauts restricted their mobility, particularly with bending over, so some 
specially-designed tools were manufactured to allow them to collect rocks and soil for return to 
Earth. Some of these tools include: tongs, scoops, rakes, hammers, and core tubes. The hammers 
would be used to break small fragments off of large rocks and also for the purpose of driving the 
core tubes into the deeper regolith.  At the Marius Hills site, “radial sampling” will allow the 
astronauts to collect samples at varying distances from the crater’s rim, effectively collecting 
material from different depths below the surface (Collecting, 1). 
Drilling will also make up a large portion of the sampling capability. In 2002, The Italian Space 
Agency funded the DeeDri drilling program with NASA’s cooperation for the Mars Exploration 
Missions. A prototype of the core sampler mechanism has been developed and tested by 
Tecnospazio and Galileo Avionica. The drilling tool prototype consists of a hollow steel tube 
equipped with an auger thread on the outer surface and a drill tip at the lower end. It drills a hole 



35 mm in diameter and produces a core sample 14 mm in diameter and 25 mm in length. There 
are also two drill system configurations: the single-rod design (drills to a depth of about 1 meter), 
and the multi-rod design (drills to a depth of about 3 meters). The FLEETS science missions will 
integrate the multi-rod design into core sampling efforts. It weights 8.3 kg but some slight 
modifications can decrease the weight about 400 grams if needed. The weight and footprint of 
the multi-rod design were similar to the single-rod design but drills about three times deeper. It 
also has a reasonable average intake power requirement of about 7.5 Watts. The tests have been 
conducted with Mars exploration in mind, but can be easily implemented for scientific purposes 
on the Moon. A virtual representation and schematic of the multi-rod design are shown below: 
(Magnani, 1-3). 

 
Figure 5.1.1.5-1: DeeDri Multi-Rod Design Schematics 

 
This sample drill fulfills the requirements of collecting samples that are embedded deeper in the 
regolith, and is especially useful for radial sampling of impact crater rim ejecta to locate 
extralunar meteorites. 

5.1.1.6 Strategy	  for	  Analyzing	  and	  Storing	  Data	  
The collected samples, as well as local experimentation and initial identification of samples will 
be filmed on the Moon and streamed back to the scientists on Earth so their professional opinions 
and input can be utilized as fast as they receive the data. Examination of lunar regolith will 
initially be done in the LHab by the crew in order to reduce the weight of “dead” samples being 
transported back to Earth. Regolith and rocks will be screened using an Alpha Particle X-Ray 
Spectrometer (APXS) to determine if samples are worth returning to Earth for more extensive 
analysis. The APXS technology was used during the Pathfinder Mission, and is a compact and 
low power method of analyzing the components of extraterrestrial rocks and soil (Alpha, 1). 

Splitting the analysis between the crew on the Moon and scientists on Earth also allows for less 
equipment size, processing power, and capability restrictions on the Moon, as well as more time 
for analysis on Earth. Some samples may also need specific conditions to be analyzed such as 
pressure, temperature, and “clean room environments”, that would not be feasible to have 



available in the LHab. Data obtained from the initial tests will be sent back to Earth and also 
stored locally for backup purposes. 

5.1.2 Science	  Payload	  Options	  (Christine	  Doeren)	  
Shown below is a plot of various Apollo mission return sample masses versus EVA time on the 
lunar surface and a fit curve is also represented.  

 
Figure 5.1.2-1: Apollo Sample Return Mass vs. Total EVA Duration  

 
With an estimated four hours of EVA per day for seven days, this plot shows about 180 kg of 
return sample mass. It is important to note, however, that a portion of EVAs during Phase II will 
go toward habitat construction. The 180 kg estimation was then reduced to a conservative 150 
kg, also taking into account the brief screening process that the lunar material will go through 
before returning to Earth. Once Phase III missions begin, another limiting factor for return mass 
may be spacecraft capability, rather than EVA durations (Shearer, 2-6). 

Below is the equation for the fit line used in this plot: 
 

 ! = 14.12!!.!"! + 5.658 5.1.2-1 

            ! = !"#$%&  !"#$%&  !"##  (!"), ! = !"#  !"#$%&'(  (ℎ!"#$) 
 

Prior to habitat construction completion, most of the scientific payload would consist of the 
following sampling equipment: 
 

 



Table 5.1.2-1: Payload Instruments and Masses Prior to LHab Completion 

Instrument Mass (kg) 

Drill 8.5 

Cryostat and Containers 200* 

Drive Tubes 16 

Tongs/Scoops/Rakes/Hammers 15* 

Return Sample Mass 150* 

 

Once the habitat is complete, some scientific payload for the LHab will consist of the following 
items: 

Table 5.1.2-2: Payload Instruments and Masses Following LHab Completion 

Instrument Mass (kg) 

Glove box 100* 

Microscopes 20 

Rock Splitter 40 

Spectrographs 20* 

Refrigeration/Freezers 200* 

APXS 10.5* 

Note that * indicates an approximate value. 

5.1.3 Habitat	  Site	  Criteria	  (Michelle	  Sultzman)	  
Several factors were taken into consideration when choosing a lunar base of operations, chief 
among them being duration of sun exposure, suitable landing site conditions, and scientific 
interest. Program requirements and human safety factors dictated sunlit missions only, restricting 
possible habitat sites to the lunar polar regions. Scientific opportunities were abundant at each 
pole, but an availability of information about lighting conditions was more readily available for 
the south pole at the time of decision, leading to the choice to have the habitat for the first 
mission located in this region. 
The best candidates for southern pole sites based on lighting conditions were determined. Bussey 
et. al. used images of the pole taken by the Kaguya orbiter to develop the LunarShader software 
that “precisely simulates the illumination conditions using a topography data set and precise Sun-
Earth-Moon ephemeris data or a user-chosen Sun position.”  The software was used to evaluate 
in detail six sites that received the most sunlight over the course of the year 2020 (as determined 
by the software).  These points are shown in Figure 5.1.3-1. Point A is located on the rim of 
Shackleton crater, Point B is situated approximately 10 km away from Point A, Point C resides 
on the rim of De Gerlache Crater, and Point D is located on a small ridge formation. Sites M1 
and M2 are both located on the Malapert Mountain range, about 100 km from Shackleton. 



The results of the simulation are presented in Table 5.1.3-1. Each number represents the 
percentage of the lunar day the site remained sunlit. Day 1 corresponds to the southern 
hemisphere’s summer solstice and Day 7 to the 
winter solstice. Because of the Moon’s relatively 
small tilt with respect to the ecliptic plane there 
exists solar symmetry that allows the data to be 
extrapolated backward from the summer solstice 
and provide a full year’s worth of analysis. Point 
B and Point D are continuously sunlit for over 
four and six months centered around the lunar 
summer, respectively. Points A and C are 
illuminated at least 97% of the time during that 
same span. However, the illumination percentages 
drop rapidly when moving away from lunar 
summer. 

Figures 5.1.3-2 and 5.1.3-3 show the location of 
the sites overlaid onto topographical maps taken 

Figure 5.1.3-2: Lunar Orbiter Laser 
Altimeter (LOLA) Elevation map for the 

six habitat site possibilities 

Figure 5.1.3-1: Location of the six sites whose lighting conditions were analyzed by researchers 
using LunarShader software (Bussey) 

Table 5.1.3-1: Percentage of each lunar day sites were illuminated over 7 day period (Bussey) 



from the South-Pole – Aitken Basin Landing Site 
Database (an ESRI ArcGIS tool) and were used to 
evaluate landing site potential. Sites A through D 
are all at lower elevations, while M1 and M2 are 
at about 10 km above zero. Points A and B both 
rest on the same plateau, with the slope on that 
plateau never exceeding ten or fifteen degrees. 
Site C is positioned at the top of De Gerlache’s 
rim – a thin strip of flat land surrounding the 
crater but surrounded by fifteen to thirty degree 
slopes on either side. Similarly, M1 and M2 are 
located on a flat, but small band of land with 
slopes up to thirty degrees on the mountain sides. 
Finally, site D is located on the side of a ridge 
formation in a region inclined at about fifteen 
degrees. 

Based on the above criteria, the site that best satisfies the requirements for a habitat is site B, 
located at 89.44°S, 166.0°W. Its position upon the plateau provides the largest potential landing 
area of all the possible sites. From site B it would be easy to travel to other areas for exploration 
purposes, particularly site A at the rim of the scientifically interesting Shackleton crater. Perhaps 
most importantly, the area is bathed in constant sunlight for over four and a half months during 
the southern hemisphere’s summer. This provides a large window in which to carry out a twenty-
day eight long mission entirely in sunlit conditions. In addition, if the mission were to be 
expanded to include two bases, sites A and B are collectively lit 94% of the year, even further 
expanding this window. This condition of continuous sunlight during the summer imposes a new 
requirement for mission timing that will be discussed in the next section. 

5.2 Mission	  Timing	  (Matt	  Rich)	  
The landing site selected near the lunar south pole is continuously lit during lunar south pole 
summer. The elevation angle of the sun above the south pole horizon also reaches its maximum 
value during summer. Continuous sunlight during the lunar surface mission is required to 
alleviate the load on the crew’s thermal support systems, and a higher solar elevation angle is 
preferable for pilot visibility and shadow avoidance during landing. Since a summer landing is 
desirable, it is important to identify the schedule of lunar seasons, for which it is important to 
understand the geometry of the moon and its orbit. 
The lunar orbital plane is 
inclined a fixed 5.14° with 
respect to the ecliptic. The 
lunar line of nodes, displayed 
in Figure 5.2-1, is defined as 
the line shared by the lunar 
orbital plane and the ecliptic. 
The sections of the lunar orbit 
that lie above and below the 
ecliptic will henceforth be 
referred to as the high and low 

Figure 5.1.3-3: LOLA Map of slope for 
the six habitat site possibilities 

	  
Figure 5.2-1: Lunar Orbital Plane Diagram 



sides of the lunar orbit, 
respectively. The moon 
exhibits an axial tilt of 6.68° 
from the normal to its orbital 
plane such that the north pole 
tilts toward the high side of its 
orbit and the south pole 
toward the low side. The 
projection of the moon’s axis 
onto either its orbital plane or 
the ecliptic is always 
perpendicular to the lunar line 
of nodes. The lunar axial tilt 
from the normal to the ecliptic 
is thus a fixed 1.54°.  
Because the lunar south pole tilts toward the low side of the lunar orbit, lunar south pole summer 
occurs when the near-sun section of the lunar orbit lies below the ecliptic. The top configuration 
in Figure 5.2-3 represents lunar south pole summer. 

 

The lunar south pole summer solstice is defined as the time at which the sun attains its maximum 
possible elevation angle above the south pole horizon. The summer solstice occurs when the 
moon’s south pole is tilted directly toward the sun, or when the projection of the lunar axis onto 

	  
Figure 5.2-2: Earth/Moon Geometry 

	  
Figure 5.2-3: Lunar Seasons Diagram 

South pole summer 



the ecliptic is aligned with the vector drawn from the moon to the sun. Recall that the projection 
of the lunar axis onto the ecliptic is always perpendicular to the lunar line of nodes. The summer 
solstice can thus be identified as the time at which the lunar line of nodes is perpendicular to the 
moon-sun line. Analytical Graphics, Inc.’s (AGI’s) Systems Tool Kit (STK) 10 was used to 
generate a plot of the angle between the lunar line of nodes and the moon-sun line as a function 
of time during the year 2025. 

The year 2025 was chosen because it is realistically far in the future for a crewed lunar mission. 
The blue dotted line in Figure 5.2-4 is the 90° marker. The two intersections of the 90° marker 
and the black line represent the two times when the lunar line of nodes and the moon-sun line are 
perpendicular, corresponding to the south pole summer and winter solstices. December 5, 2025 
was identified as the summer solstice upon determination that the low side of the lunar orbit lies 
between the Earth and the sun on that date. 

The orientation of the lunar orbit is not fixed in inertial space. The lunar line of nodes precesses 
360° westward every 18.6 Earth years, which acts to shorten the lunar year in comparison to the 
Earth year. 19.6 lunar season cycles elapse every 18.6 terrestrial season cycles, so lunar seasons 
repeat approximately every 346 Earth days. The dates of lunar south pole summer solstices in 
years other than 2025 can easily be calculated with the knowledge that a summer solstice occurs 
on December 5, 2025 and solstices are separated by 346 days. 

5.3 Launch	  Windows	  (Michelle	  Sultzman)	  
A number of factors will affect the launch windows for each mission in addition to the timing 
requirements described in the previous section. Because the first several missions will be to the 
lunar South Pole the LLO orbit chosen for rendezvous maneuvers and loiter will be a polar one. 
Polar orbits eliminate some of the traditional (i.e. Apollo Mission) launch window constraint 
factors, but they impose new restrictions. Further information about launch window constraints 
that were not considered in this analysis, but that should be taken into account for future 
missions if a more equatorial landing site were to be chosen is located in the Appendices. 

 

	  
Figure 5.2-4: Lunar Seasons Diagram 



5.3.1 Daily	  Launch	  Window	  Constraints	  
Once the vehicle has launched into LEO, it must loiter until it is time to perform the Trans-Lunar 
Injection (TLI) burn. In a simplified situation, one not accounting for the Moon’s sphere of 
influence, the ideal transfer orbit from LEO to LLO would be an elliptical orbit with apogee 
positioned at the Moon’s location at the time of LLO injection and perigee located at the point 
where the TLI burn will be performed. Taking into consideration the Moon’s gravitational 
influence on the vehicle’s trajectory it becomes necessary to shift perigee slightly behind the 
original point.  This orbit will minimize the ∆v required for transfer. This basic principle still 
holds in the non-simplified trajectory discussed in later sections. To time the TLI burn so that 
these conditions are met, the ground tracks of both the module stack in LEO and the Moon’s 
antipode are examined. 

In order to launch the maximum 53,000 kg of payload into LEO with a Falcon Heavy, a launch 
azimuth of 90° (i.e. due East) is required. This will put the modules into LEO at an inclination of 
28.5°, which corresponds to the latitude of the launch site, Cape Canaveral. The ground track of 
the modules in LEO – defined by this inclination – as well as the ground track of the Moon’s 
antipode around the time of LEO insertion (approximately three days after the TLI burn) are 
plotted together in Figure 5.3.1-1 (Note that the ground track of the stack in LEO does not 
intersect itself; this is because it was plotted using trajectory simulation data from December 
2025 - the portion that breaks away is the ground track during the TLI burn). The ideal moment 
at which to perform the TLI maneuver is approximately 8° after either of the ground track 
intersections (Wheeler). 

There are two intersections twice every twenty-four hours. Performing the TLI burn at the first 
intersection will give a northbound maneuver that will insert the module into LLO from above 
the Earth-Moon plane. A burn at the second will yield a southbound maneuver that inserts into 
LLO from below the Earth-Moon plane. TLI burns performed at the different points will result in 
opposing orbital directions once in LLO. Through simulations of the communication satellite 
coverage (which will be discussed later in this report) it was discovered that in order to maintain 
communication during rendezvous, docking and lunar landing operations the modules must be 
 

 

Spacecraft (LEO) 
Ground Track – 
December 1, 2025 
_______________
_ 
 

Lunar Antipode 
Ground Track – 
December 4, 2025 
_______________

Figure 5.3.1-1: Ground tracks of both the vehicle loitering in LEO and the Moon’s 
antipode at the time of arrival 



orbiting the Moon in the direction given by the southbound maneuver. Therefore, the TLI burn 
of each of the four launches must occur right after the second ground track intersection of the 
day. 

5.3.2 Monthly	  Launch	  Window	  Constraints	  
In order for the vehicles to rendezvous while in LLO, each module must be maneuvered into the 
same orbit prior to assembly. Assuming each component is placed onto the same Earth-Moon 
trajectory, one of the largest maneuvers with respect to fuel consumption will be changing the 
right ascension of the ascending node (RAAN) of each low lunar orbit. If one module is sent to 
orbit the moon, and a second module is sent exactly one day later with the same transfer time, 
their two orbits will have ∆RAAN = 13.4°. Separating each launch by exactly one sidereal lunar 
cycle (27.3 days) will result in the same RAAN for each orbit upon insertion. 
Each OPM-S will be required to perform its phasing and rendezvous maneuvers; therefore, the 
amount of available propellant will limit the RAAN change each module can make. This 
limitation defines a monthly launch window constraint. Separating each component launch by 
exactly one cycle would be nearly impossible, and it conflicts with the daily launch window 
constraint described above (the TLI burn would most likely have to be performed when the 
ground tracks were not intersecting). In order to guarantee the opportunity to perform the TLI 
burn at the proper moment, the module in LEO will need the capability to loiter for up to twenty-
four hours. Thus each OPM-S will be filled with at least enough fuel to perform a 6.7° RAAN 
change during phasing maneuvers, which corresponds to a half-day window on either side of the 
nominal launch time. 
An additional, although slightly less important, factor that can be taken into consideration is the 
direction of the lunar landing trajectory relative to the Sun’s position. While the landing will be 
automated, it would still be desirable for the craft to not be travelling directly toward or away 
from the sun. In these cases, the sun would either create glare or shadow that would obstruct the 
crew’s view should they wish to visually confirm the designated landing site is safe or take over 
control of the descent. These two situations correspond to the quarter phases of the lunar cycle; 
hence it is preferable to land while the Moon is near its new or full phases. This is not a steadfast 
requirement for landings (and therefore launch timing), but it is a condition to aim for if possible. 

5.3.3 Yearly	  Launch	  Window	  Constraints	  
The habitat site that has been chosen remains continuously sunlit for a period of four and a half 
months during lunar summer. The latest landing of the crewed vehicle on the lunar surface must 
leave enough time for the surface mission to be carried out: two months after the summer solstice 
minus however many days have been allotted for the mission. For a Phase III mission (twenty-
eight days of surface operations) this leaves a three month window per year in which to land the 
crewed vehicle. For Phase II missions (seven days of surface operations) there is also only a 
three month window. This is due to the condition of one launch per month given by OPM-S 
maneuvering capabilities. 
The earliest landing opportunity for the crewed missions is approximately two months prior to 
the lunar summer solstice; aiming for this date gives the mission launching operations three 
months of slack time before the latest landing opportunity. All components sent to LLO prior to 
the CM or MPCV need to be docked and ready to use when the crew arrives. For example, in a 
CM mission the two OPM-S modules and LPM need to be sent to LLO at least three months 
prior to the CM. If the TLI burn window is missed for any of the launches the entire mission 



window will slide forward one lunar cycle and the crew will land a month later. Cargo missions, 
which have neither the requirement for sunlit surface operations nor the inclusion of human 
safety factors during landing, are not subjected to this lunar summer constraint; they would still, 
however, be bound by the monthly window constraints, and the shifting of the mission window 
should a burn opportunity be missed.  



6 Mission	  Architecture	  (Arranged	  by	  Matthew	  Marcus)	  

6.1 Launch	  Vehicle	  Selection	  (Jason	  Burr)	  
Long-term objectives of the FLEETS architecture are to fully develop the MPCV and the SLS 
launch vehicle. However, both of these systems are constrained by developmental costs, and as a 
result, are not available for use in early program years. To expedite man’s return to the moon, 
several additional requirements must be provided. The early program shall: 

1. Utilize active large-payload launch vehicles available by 2015. 
2. Use a 6,000 kg 2-crew vehicle (Crew Capsule) for nominal mission operations. 
3. Develop propulsive modules that will be used in future program operations. 

 

The Crew Capsule mass is reflective of the minimum capsule mass required to sustain two 
astronauts for short lunar mission durations, as discussed within the crew systems section of the 
report. 

6.1.1 Available	  Heavy	  Lift	  Vehicles	  
Although there are several launch vehicles available that deliver large payloads to LEO and 
GTO, such as the Angara 5 and the Proton, the most accessible vehicles that deliver the largest 
payloads are the Falcon Heavy and the Delta IV Heavy, as listed in the table below. Multiple 
entries are supplied for each launch vehicle to provide comparisons of the launch vehicle to 
different orbit types.  
Table 6.1.1-1: Heavy Lift Vehicle Payload Delivery Considerations 
Launch Vehicle Insertion Orbit 

Type 
°Nominal Payload °Nominal 

Launch Cost 
Cost per 
Kilogram 

Falcon Heavy LEO *53,000 kg *$128 M $2,400 / kg 

 GTO *12,000 kg *$128 M $10,700 / kg 

Delta IV Heavy LEO *22,560 kg *$254 M $11,300 / kg 

 GTO 12,980 kg $254 M $19,600 / kg 

 LTO 9,980 kg $254 M $25,500 / kg 

*Both nominal payload and nominal cost for the Falcon Heavy are predicted values. The first 
Falcon Heavy is not scheduled for launch until ~2013. However, these values will be assumed as 
accurate for the analysis of the FLEETS architecture. 

°Nominal Payload and Nominal Launch Cost data accessed through spacelaunchreport.com. 
There is an additional constraint we have to apply to this launch vehicle: because the MPCV 
finishes being developed before the SLS, the launch vehicle should have the capacity to deliver 
the MPCV to orbit. MPCV’s dry mass is 13,343 kg, and its mass with propellant is 21,250 kg. 
Using only the launch vehicle, and no additional booster stages supplied by the FLEETs 
architecture, it becomes clear that the target insertion orbit must be to LEO for either launch 
vehicle.  

A simple comparison of the two vehicles shows that because the Falcon Heavy can deliver more 
payload to LEO than the Delta IV Heavy, and at nearly half of the launch cost, then the Falcon 



Heavy launched to LEO is the ideal launch vehicle choice at an approximated $2,400 per 
kilogram. 

6.1.2 Rendezvous	  Location	  Possibilities	  
Using the Falcon Heavy directly to insert into LTO is not possible if we wish to be able to 
deliver the MPCV – the payload to GTO is not even enough to deliver the dry mass of this 
capsule. However, it is possible to supplement the Falcon Heavy launch vehicle with an 
additional booster stage to move it to a higher orbit. This destination orbit will be where 
rendezvous are performed for when multiple launches are required (as they will be), and as a 
result either the Crew Capsule or the MPCV may have to spend several days here to perform 
docking maneuvers.  

To simplify the choices for these rendezvous locations, and to limit exposure to the intense 
radiation of the Van Allen belts, the rendezvous location is set at LLO. For use in this analysis, 
and to provide the ∆V’s for an entire range of orbital maneuvers in this initial analysis, the data 
table below lists the expected ∆V’s associated with maneuvering between several orbits of 
interest in a lunar architecture. 
Table 6.1.2-1: Summary of ∆V’s for Lunar Mission Maneuvers° 

  To→ 

↓From 

Low Earth 
Orbit 

Lunar Transfer 
Orbit 

Low Lunar 
Orbit 

Lunar Descent 
Orbit 

Lunar 
Landing 

Low Earth Orbit - 3107 m/s - - - 

Lunar Transfer Orbit 3107 m/s - 837 m/s - 3140 m/s 

Low Lunar Orbit - 837 m/s - 22 m/s - 

Lunar Descent Orbit - - 22 m/s - 2684 m/s 

Lunar Landing - 2890 m/s - 2312 m/s - 

°From Akin, Dave. In-Space Operations: Developing a Path to Affordable, Evolutionary Space 
Exploration, 2010. 
Therefore, the two ∆V’s of significance in this booster stage analysis are the ones from LEO to 
LTO (3107 m/s) and then from LTO to LLO (837 m/s). Although there are marginal returns for 
performing these burns with several booster stages instead of a single one, the analysis simplifies 
significantly if they’re performed by a single stage (and the total ∆V for this “single” maneuver 
is 3944 m/s). This leaves us with two distinct kinds of stages: storable and cryogenic.  

The main advantage of the storable booster stage is that there are no concerns with ullage from 
boil-off within the tanks. However, the lower specific impulse of the tank (Isp ~ 320 seconds) 
implies that a large propellant mass is required for this maneuver into LLO.  Using historical 
storable propellant stages, the inert mass of a stage can be approximated as a function of the 
stage’s total mass as (Akin, Lecture 03): 
 

6.1.2-1 minert,storable =1.6 !mstage
0.725



Note that as the stage mass increases the inert mass increases to become an even larger fraction 
of the inert mass. This is expected because components like tanks can scale easily, but other parts 
such as nozzles and combustion chambers are more size invariant.  
A cryogenic boost module (Isp ~ 450 seconds), on the other hand, has a more efficient propellant 
system. As a drawback, the system suffers from boil-off problems associated with the thermal 
insulation of the cryogenic tanks. Although this can be limited, these modules should be used in 
a relatively short period of time – for this boost stage, the total required life is 3 days (time for 
transit to the moon), so boil-off should be a minimum. The inert mass of the stage for a 
cryogenic module is approximated as (Akin, Lecture 03): 

6.2.2-2 

 
For both of these module types, the propellant mass is then calculated as: 

6.1.2-3 
 

This propellant mass, however, is an early approximation. To ensure that there is some additional 
margin in this design (perhaps for boil-off or loss in lines), a further assumption classifies 2% of 
the initial propellant from each stage as inert mass. Thus, for a given stage mass we then update 
the inert and propellant mass as: 

 
6.1.2-4 

 
6.1.2-5 

These stage characteristics are computed for a wide variety of total stage masses and saved for 
the time being.  

Another approach to solving this booster stage sizing is through the rocket equation. Using the 
standard rocket equation, one can re-arrange the terms and solve for the propellant mass required 
to move the initial mass (recall this is 53,000 kg) through the given ∆V using an arbitrary Isp. 
This process of re-arranging yields: 

 
6.1.2-6 

 
 

Once we have these two sets of values, the required propellant mass from this rocket equation 
and the array of propellant masses as a function of stage mass, we can solve for the stage mass 
that accomplishes this maneuver. In doing so, we find the following (for both the storable and 
cryogenic cases): 
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minert = 0.98 !mpropellant



Table 6.1.2-3: Consideration of an Additional Boost Module for Falcon Heavy Launches 

Booster Type Isp 
(seconds) 

Required Propellant 
Mass (kg) 

Corresponding 
Stage Mass (kg) 

Maximum Payload 
to LLO (kg) 

Storable 320 37,900 42,300 10,700 

Cryogenic 450 31,700 37,800 15,200 

 
Through doing this, we come to the realization that a single storable module is insufficient to 
send the MPCV (~13,400 kg dry mass) into an LLO orbit for rendezvous. However, if we use a 
cryogenic module, rendezvousing in LLO is possible, and in fact we can even partially fuel the 
MPCV’s service module (we’ll discuss how much at a later time, but suffice it to say it’s not 
enough to return to Earth). 

There is one other important finding from this analysis: if the FLEETS architecture rendezvous 
in LEO, then only storable propulsion modules can be used. Cryogenic propulsion modules 
would boil-off far too much propellant if they remained in LEO for the months in-between 
subsequent Falcon Heavy launches. In contrast, if FLEETS launches to LLO then only 
cryogenics will be able to deliver a partially fueled MPCV as payload. This leaves us with two 
distinct mission architectures – launching to rendezvous in LEO and rendezvousing in LLO. 

6.2 Rendezvous	  Location	  Determinations	  and	  Payload	  Sizing	  
After the initial discussion of rendezvous locations (Section 6.1.2) it became clear that there were 
several ways to address how to rendezvous the multiple launches that are required by FLEETS. 
Before discussion of these rendezvous locations (LEO and LLO) it is first important to discuss 
the methods by which the architectures were designed. 

6.2.1 Methods	  and	  Assumptions	  
Although there are many smaller calculations required by this analysis, the most important are 
discussed in the next three subsections. 

6.2.1.1 Maximizing	  Use	  of	  Propulsion	  Stages	  
Propulsive modules have the ability to perform multiple burns (although they cannot be throttled 
an infinite number of times, one assumption here is that the number of times they turn on and off 
is small in comparison to their expected lifetimes). However, the exact way they perform these 
burns must first be modeled.  
The simplest way to do this is to know the mass of the vehicle at the end of the burn (say the 
mass of the capsule after the burn from LLO to LTO, 6000 kg), and how much propellant 
remains in the module, say mremain. Using the rocket equation, it is possible to determine the 
propellant required to move through the burn. In the following equations, minert is the inert mass 
of the propellant stage and mpaylaod is the mass of the entire system at the end of the propulsive 
burn, not including the remaining propellant that is present in the module at the end of the burn. 
Thus: 
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If the sum of madditional-propellant and mremain is less than or equal to the total propellant mass the 
module could carry, then the burn can be accomplished by a single stage. For previous burns, 
mremain is updated to include this additional propellant mass. 
If, however, the propellant required to perform this burn exceeds the propellant that can be added 
to the module, then the ∆V that can be supplied by the module is calculated instead as: 
 

 
6.2.1.1-2 

This ∆V is then subtracted from the total ∆V required by the maneuver and an additional stage is 
added. Note that in this subsequent stage the remaining propellant is initially 0 (because of 
course the stage is empty). This process repeats until the correct number of stages is achieved for 
this maneuver. Burns taking place chronologically before this one (but later on in the sense of 
calculations) will us the final mass of propellant in the last stage added as mremain. 

6.2.1.2 Determining	  Minimum	  Launches	  Required	  
After determining the number of propulsive stages, crewed vehicles, or other components of 
architecture required by a nominal mission, an array of masses are known. For example, this 
array could have four propulsion modules with a mass of 10,000 kg each, a partially filled 
propulsion module at 7,000 kg, and a crewed vehicle with 6,000 kg in mass, like so: 

 
 

The maximum mass 
that can be launched by the launch vehicle is also known. For the Falcon Heavy, this is 53,000 
kg to LEO (or effectively 15,200 kg to LLO when accounting for the mass of the boost stage). 
However, for this example, the maximum mass is 18,000 kg. The constraints on the number of 
launches will be found between two bounds. The lower bound is: 
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Where ‘ceil’ implies that the value be rounded up (of course launches must be in integer values). 
The maximum number of launches required would be the number of masses (assuming a single 
launch per mass). Thus: 

 
6.2.1.2-2 

For the example provided, the number of launches is bounded by 3 ≤ N ≤ 6 (using these 
constraint equations). Although this does not provided a single number, it provides bounds for 
the subsequent process. 
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To method used is as follows: 
1. Initialize a variable N as ‘1’ for the number of launch vehicles. Initialize a second array 

‘launchmasses’ as 0 (this is the current mass loaded into the Nth launch). 
2. Order the array of ‘masses’ into an array of decreasing values (this is already so for the 

example provided). 
3. Add the masses into launch vehicles, starting with the first mass and the first launch 

vehicle. If the mass does fit, remove it from the masses array. If it does not, try 
increasingly smaller masses. If none of these masses fit, then the first mass that was tried 
(and failed) becomes the first component of the (N+1)th launch. Increment the number of 
launches required (N) by 1 and repeat this step with this next launch vehicle until the 
‘masses’ array is empty 
 

For the example provided, this would correspond to launches with masses: 

And therefore a total of 4 launches are required. This process is repeated for other cases. 

6.2.1.3 Propulsive	  Module	  Cost	  Considerations	  
Cost considerations for the propulsive modules produced were done using cost estimating 
relationships for both the non-recurring (development) and recurring costs (individual production 
costs). All costing values use the inert mass (in kilograms) of the propulsive stage and solve for 
either non-recurring or first unit cost using the form: 
 

6.2.1.3-1 
Where for the storable and cryogenic modules used, these coefficients are: 

Table 6.2.1.3-1: Cost Estimating Coefficients for Storable and Cryogenic Propulsive Stages 

Propulsive Stage 
Type 

Non-Recurring Coefficients First Unit Coefficients 

a b a b 

Storable 29.125 0.4554 1.8650 0.4782 

Cryogenic 29.125 0.4554 2.6147 0.4782 

From Arney and Wilhite, “Rapid Cost Estimation for Space Exploration Systems” AIAA 2012-
 5183, AIAA Space 2012, Pasadena, California, September 2012. 
With the cost of the first unit of production known (in millions of 2008 dollars) then it is simple 
enough to calculate the cost of subsequent units as (Akin, Lecture 07): 
 

6.2.1.3-2 
Where P is equal to -0.2775, which corresponds to a learning curve of 82.5% on the units 
produced (the second unit costs 82.5% of the first to produce). The number of units produced, 
assuming ten missions, is equal to ten times the number of units required for a single mission.  
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The sum of the costs of these units, as well as the development costs and the cost of the launch 
vehicles required (dictated by ten times as many are needed for a single mission) will determine 
the total cost of the propulsive side of the FLEETS architecture for early-program operations. 
The cost-minimizing solution is preferred when dealing with the 3 billion dollar a year budget 
limitation. 

6.2.1.4 Final	  Assumptions	  
Additional assumptions on the mission architectures include the following: 

1. Storable propulsion modules perform all lunar propulsive maneuvers. Cryogenic 
propulsion modules are only used in architectures where rendezvous are in LLO. 

2. A total of ten missions were performed with each architecture. This allows increasing 
returns on the propulsion modules that were produced.  

3. For all architecture types the Crew Capsule (mass of 6,000 kg) was used as the payload to 
be delivered to and from the surface of the moon. 

4. Number of launches for missions rendezvousing in LEO is dictated by the Falcon 
Heavy’s 53,000 kg payload. For those rendezvousing in LLO the payload limit is instead 
15,200 kg, the payload delivered to LLO by the cryogenic boost module. 

6.2.2 Rendezvous	  in	  LEO	  Options	  
Rendezvousing in LEO is not a specific enough architecture. Instead, what must be defined is the 
method by which the Crew Capsule reaches the lunar surface. Using the ∆V’s outlined in section 
6.2.2, it is clear that these options are as follows: 

1. The Direct Insertion Method: Direct insertion from LTO to lunar surface on descent. 
Direct insertion from LTO from lunar surface on ascent. 

2. The LLO Method: Move from LTO to LLO before beginning descent. Leave return stage 
in LLO. Return back to LLO after completing surface operations to retrieve return stage. 
Move from LLO to LTO for Earth return. 

3. The Hybrid Method: Crew Capsule direct inserts to lunar surface. Return stage, however, 
separates from the stack in LTO transit and maneuvers to LLO. Crew Capsule returns to 
LLO to retrieve return stage before maneuvering to LTO. 

 

Although the first case is the simplest to consider, it is unknown whether it will be the best. 
Bring enough propellant to immediately depart to LTO from the lunar surface is a large 
requirement, and of course results in additional propellant to land. However, there are 
disadvantages to maneuvering to LLO first. The primary of these being that the Crewed Capsule 
must maneuver through additional transfers, and thus through more ∆V.  

After considering these three architectures against an array of propulsion stage masses it became 
apparent that the superior of the three methods (in most cases) is to use the hybrid insertion 
scheme. For most cases the hybrid insertion method requires fewer stages as a whole. As well, 
the number of Falcon Heavy launches is also lower for the hybrid case. And finally, as one of the 
most important considerations, the average mission cost for the hybrid method is marginally 
smaller than for the other two options. Note that for all three cases the development costs 
increase at the same rate, as this is only a function of the inert mass of the stage. 
The benefit of any of these architectures over each other is relatively minimal from a cost 
perspective. However, it is clear that to minimize the costs, the best size for the propulsion 
module is approximately 26,000 kg in total mass. This of course is because two modules can fit 



within the Falcon Heavy (based off of mass) with minimal waste. The costs curves are 
discontinuous at 27,000 kg because at this point only a single full module can be placed on a 
Falcon Heavy. At the minimum cost (which only propulsive unit purchases and Falcon Heavy 
Launches, not development costs) the average mission is approximately $800 million (over ten 
missions). 

 
 

 

 	  

 
Figure 6.2.2-1: Number of Stages Required vs. Storable Stage Mass 
 

 
Figure 6.2.2-2: Number of Launches Required vs. Storable Stage Mass 



6.2.3 Rendezvous	  in	  LLO	  Comparison	  
There is in fact one last architecture that needed to be considered. Instead of performing 
rendezvous in LEO the Falcon Heavy’s can launch with a cryogenic boost stage, and with it, 
insert into LLO with 15,200 kg of payload at a time. Because the vehicles are rendezvousing in 
LLO, this architecture is most similar to the “The LLO Method” as described in section 6.3.2. 
The return stage will remain in LLO while the capsule descends to the surface and back. While 
the cryogenic propulsion modules are more efficient in delivering material to LLO, and therefore 
less total modules are required, there is an additional developmental cost for these cryogenic 
modules. For this architectural consideration, we imagined a larger number of missions, 15 total. 
When considering this architecture against the best LEO rendezvous architecture (The Hybrid 
Method), several of the findings are not, in and of themselves, very surprising. Note that only 
propulsion modules of mass leading up to 15,200 kg were considered for the cryogenic delivery 
case because modules more massive than this cannot be delivered to LLO. As expected, the total 
number of modules required dropped significantly. The number of Falcon Heavy launches did 
not significantly change in this analysis, and as a result, this plot is omitted (refer to Figure 6.3.2-
2).  Although the development costs increased (due to developing the cryogenic module), the 
individual mission costs (again, for the propulsive system only and not including developmental 
costs) decreased. This is due to less storable propulsion modules being produced on average. 

 
Figure 6.2.2-3: Average Mission Cost vs. Storable Stage Mass 



While this leads to the conclusion that launching to LLO is a superior method, there is one 
additional detail that sealed the deal – the cryogenic propulsion modules are useful in other 
applications. While the return on the investment is small for this lunar mission, using these 
cryogenic modules as an initial boost stage for deep-space missions, such as a mission to Mars or 
one of its moons would make the module worth it. As a result, this module, or one like it, would 
inevitably be required by the FLEETS architecture to be able to maintain a flexible path in space 
exploration. 
 

 
 

 
Figure 6.2.3-1: Number of Storable Stages vs. Storable Stage Mass 
 

 
Figure 6.2.3-2: Development Cost vs. Storable Stage Mass 



6.2.4 Required	  Vehicle	  Summary	  
In short, rendezvousing in LLO is the preferred method because it saves in average mission cost 
and reduces the number of vehicles required. By doing this, we set the stage for two distinct 
propulsive units. Both perform orbital maneuvers, and as a result, they are named the Orbital 
Propulsion Module – Cryogenic (OPM-C, the boost stage to LLO) and the Orbital Propulsion 
Module – Storable (OPM-S, the all-around propulsive unit in LLO). Their characteristics are: 
Table 6.2.4-1: OPM-C and OPM-S Module Characteristics 

Module Total Mass (kg) Inert Mass (kg) Propellant Mass (kg) Isp (seconds) 

OPM-S 15200 1730 13500 320 

OPM-C 37800 5400 32400 450 

Note: The propellant available in the OPM-C is budgeted at 31,700 kg. The additional ~640 kg 
of propellant is expected ullage from boil-off. However, it is not allotted into the structural inert 
mass budget. 

Omitted in this initial analysis is the development of a landing stage. This stage, due to the 
restrictions of launching in LLO, cannot exceed 15,200 kg in total mass. 

6.3 Trajectory	  (Matt	  Rich,	  John	  Pino,	  Alex	  Slafkosky)	  
A sample south pole mission occurring in 
2025, using Analytical Graphics, Inc.’s 
(AGI’s) Systems Tool Kit (STK) 10 a 
simulation was run that involved all four 
launches, coasts, Trans Lunar Insertions 
(TLI), Lunar Insertions, and subsequent 
orbital maneuvers to rendezvous the Crew 
Module (CM) and Lunar Propulsion 
module (LPM) to the OPM-S stack (Stack).  

 
Figure 6.3.1-1: LTO Trajectories 

 
Figure 6.2.3-3: Average Mission Cost vs. Storable Stage Mass 



6.3.1 Launch	  to	  LTO	  (Alex	  Slafkosky)	  
As can be seen by Figure 6.3.1-1 to the right and the accompany table below that each launch 
and LTO were accurate enough to keep the OPM-S’s and the CM within our expected error of 
6.7 degrees in RAAN. The reason for the blurriness of the Moon’s orbital track is actually the 
calculated orbit of the three OPM-S’s orbiting the moon during the three-month interval. 
 

Table 6.3.1-1 Launch Date with Associated RAAN Upon Arrival for each Module 

Module Launch Date RAAN 

OPM-S 1 (orange) 15 June 299.3° 

OPM-S 2 (green) 12 July 294.6° 

LPM (purple) 8 August 288.75° 

CM-EROPM (red) 4 September 282.5° 

 

As stated in a previous section, the Falcon Heavy must 
launch due east to achieve full cargo to LEO. As can be 
seen in Figure 6.3.1-2 to the right: 
Launch is in yellow with an azimuth of 90 degrees 

Coast in Low Earth Orbit is in purple 
LTO is in orange 

LTO is a three-day transfer because of two factors, the 
amount of delta-v required vs. transfer time, as Figure 
6.3.1-3 depicts and cryogenic boil off of 210 kg of fuel 
per day. Which has its affect seen how much propellant 
mass is required for a given number of days. 
 

 
Figure 6.3.1-3 Delta-V and Propellant Mass vs. Transfer Time 

Note how even though the 4-day transfer time is a minimum delta-v, and usually the trend 
follows the same for the amount of propellant mass. But because of the cryogenic boil off, the 
amount of mass that you need to bring in addition to the mass that escapes causes the three day 
transfer time to be the minimum for propellant mass.  
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Figure 6.3.1-2: LTO Trajectories 



6.3.2 Phasing	  and	  Rendezvous	  (John	  Pino)	  

6.3.2.1 	  LLO	  Phasing	  
Before modules dock and continue to other mission phases including landing, they must first 
rendezvous in LLO. This means that they will have to be launched an integer multiple of lunar 
cycles apart, and perform small RAAN corrections and phasing maneuvers. The RAAN changes 
are necessary and can only be performed in one way, but the phasing maneuvers can be 
accomplished with an infinite number of orbits. When choosing a phasing orbit semimajor axis, 
the time of maneuver and Δv required were considered. For manned vehicles, rendezvous should 
occur within 12 hours to ensure mission duration and thus consumable masses are kept within 
required limits.  The figure below shows the time and Δv required for various phasing orbits.  
 

  
Figure 6.3.2.1-1: Phasing time and Δv required vs. phasing orbit SMA in LLO 

 
Note that there is a region of large increase in time required for little change in semimajor axis 
(which translates to little change in Δv). With all missions, this region is preferably avoided.  The 
points indicated on the plots in Fig. 6.8-1 show a reasonable choice for a phasing orbit used for 
manned vehicles. As indicated, ap = 2200 km keeps Δv requirements as low as possible (280 
m/s) while avoiding region of major increases in time required (5.15 hours is 2-3 times the 
minimum value rather than 50 more). On the other hand, unmanned vehicles can take much 
longer to maneuver, and have no other duties during the months between vehicle arrivals. This 
allows a point much closer to the “elbow” in the graph on the left to be chosen, which serves to 
decrease Δv. For the unmanned case, ap = 1900 km keeps Δv requirements to 54 m/s while 
maintaining a transfer time of well under one month.   
 

6.3.2.2 LLO	  Orbit	  Maintenance	  	  
Manned missions will require the launch of up to five vehicles. Since all of these vehicles must 
rendezvous in LLO, it is desirable to launch them into nearly the same orbit. This means that 
each launch, at best, is one month from the last launch. The total time from first launch to lunar 
landing may be up to eight months if there are delays since the landing window is approximately 
three months long. Unfortunately, objects in lunar orbits of 100 km or less are subject to sizeable 
perturbations. This being the case, we would like to maintain the orbits each month so that they 



are close to the original designed orbits when a new vehicle arrives and attempts to rendezvous. 
The most notable perturbations lower the altitude of periselene and raise the altitude of aposelene 
which increases eccentricity. Since the orbit is polar, inclination will not be perturbed by 
oblateness and the right ascension of the ascending node will not drift, as seen in the following 
relationships.  
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Beckman and Lamb examined the change in eccentricity for satellites in polar, 100 km altitude 
orbits around the Moon, and their findings are summarized in Fig. 6.3.2.2-1 below. 

 

 
Figure 6.3.2.2-1: Variation of apoapsis and periapsis altitudes in 100 km polar lunar orbit 

 
 
From Fig. 6.3.2.2-1, one can estimate that after 28 days, periselene has dropped to about 80 km, 
and aposelene has increased to 120 km. In order to correct this stretching of the orbit, a 
Hohmann transfer or similar maneuver can be used to redefine altitude then circularize, or a 
single non-tangential maneuver can be used to circularize with one impulse, similar to an apse 
line rotation to a circular orbit. Figure 6.3.2.2-2describes the latter option, with the maneuver 
performed at point p.  Note that any phasing changes caused by perturbations or maneuvers can 
be neglected because the arriving spacecraft has the full capability to rendezvous with the 
orbiting vehicles in any starting phase condition.  
 



 
Figure 6.3.2.2-2: Visualized trajectory for a single, non-tangential impulse to circularize orbit 

 
The advantage of the option depicted in Fig. 6.3.-3 is that it is nearly instantaneous; however, it 
requires more Δv than the two maneuver option. The total mission Δv for the single impulse 
option is shown below. 
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6.3.2.2-3 

The Δv for the slower option is shown in the equation below, as is the total time required for the 
maneuver. 
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Given the above information, the two burn 
maneuver is more Δv beneficial, but requires a 
significant amount of time. In any situations were 
time is not important, it should be the chosen 
maneuver. If any situation occurs where time is 
critical, there is a faster option for re-circularizing 
low lunar orbits. 

6.3.3 LRS	  Trajectory	  (Alex	  Slafkosky)	  
The Lunar Relay Satellite deployment consists of 
two separate payloads inserted into lunar orbit. 
The first launch consists of LRS-1, LRS-2, and an 
OPM-S to maneuver LRS-2 to its orbit. The 
second consists of LRS-3, LRS-4B, and an OPM-

 
Figure 6.3.3-1: LOLA Map of slope for 

the six habitat site possibilities 



S to maneuver LRS-4B in case of a LRS-1 or LRS-2 failure. 
Using Analytical Graphics, Inc.’s (AGI’s) Systems Tool Kit (STK) 10, the LRS insertion 
sequence was successfully simulated. As can be seen in Figure 6.3.3-1, the second payload was 
deployed 120 degrees greater in RAAN then the original payload, LRS-1. 

6.4 Launch	  Window	  Margin	  (Jason	  Burr)	  
The initial analysis of launch windows required a ±0.5 day launch window. This corresponds to 
the notion that for every 24 hours a launch is either early or late from departing it’s “ideal” 
launch window it will arrive in a polar lunar orbit that is 13.4° off in the right ascension of the 
ascending node (RAAN) relative to the “ideal” orbit (neglecting mid-course corrections). 
Because the launch window to the moon occurs twice a day, orbits not launching at an ideal 
mission launch time will vary in RAAN by integer multiples of 6.7°. However, with proper 
considerations this launch window can be expanded for any mission architecture. 

In most architectures at least one module is launched to LLO under-filled. This under-filling is 
unfortunate because it represents wasted payload to LLO. If additional propellant is added to this 
module, then it is possible for it to perform RAAN change maneuvers (which are essentially 
inclination changes for calculation purposes) and phasing maneuvers to reach modules that are 
either launched early or late. The ∆V required for an arbitrary RAAN change maneuver in LLO 
is given as:  

 
 

6.4-1 
 

The extent to which this RAAN can be changed is dependent upon the mass of each individual 
module that needs to be reached, the propellant that can be added, and the RAAN change that 
needs to be accomplished. The ∆V required for phasing maneuvers is only 54 m/s because even a 
small change in the semi-major axis will result with modules phasing to each other within a 
single month (as these early launches are unmanned, this is acceptable). Manned missions 
require a slightly higher ∆V to be able to accomplish phasing within 5 hours for the purpose of 
minimizing strain on the life support system, and as a result it was budgeted at 281 m/s as a 
worst-case phasing maneuver.  

Determining how much ∆V a module can impart is not a simple process, but was determined for 
every architecture iteratively over a range of ∆RAANs. For any single ∆RAAN, the process of 
determining how much additional propellant is required is as follows: 

1. First launch arrives in LLO orbit. The first module(s) become are the “group” in LLO. 
2. Next launch nominally targets the “group” in LLO. Launch occurs at the beginning of the 

expanded launch window, corresponding to some ∆RAAN upon arrival in LLO. 
3. Group performs and inclination change of ∆RAAN to arrive in the same orbit as the new 

arrival and then phases to it with either 281 m/s or 54 m/s ∆V (depending on if the arrival 
is manned or unmanned).  

4. Using the sum of the two ∆V’s (one for RAAN change and the other for phasing) use the 
rocket equation to determine how much additional propellant is required as follows: 
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6.4-2 

 
5. The “group” now consists of the original “group” and the module(s) that recently arrived 

(and the mass includes the propellant mass required for this one maneuver). If more 
launches are expected, return to step 2 and keep track of the propellant required for 
∆RAAN changes for each arrival into LLO. If no more launches, record the total 
propellant required for all of the maneuvers. 

 
Once the mass of propellant required for these maneuvers is recorded for this given ∆RAAN, the 
next ∆RAAN is considered. The maximum ∆RAAN the system can support corresponds to the 
propellant mass required that is equal to the propellant mass available for the unfilled propulsion 
module originally launched into LLO. Once this ∆RAAN is determined, the number is divided 
by 13.4°/day and rounded down to the lowest 0.5 day. This number is the maximum launch 
window that the system has. In most cases, this is a much larger number than the original ±0.5 
days that was assumed. 

6.5 Two-‐Person	  Lunar	  Surface	  Mission	  (Matthew	  Marcus,	  Chris	  O’Hare,	  Jason	  
Burr)	  

6.5.1 Timeline	  
All launches will be conducted on Falcon Heavy, nominally spaced one month apart.  Modules 
will be combined into a descent stack for lunar landing, as shown in figure 6.5.1-1.   

Each two-person surface mission requires the modules listed in Table 6.5.1-1: 
Table 6.5.1-1: Module and launch hardware per mission 

Modules per Mission 

CM 1 

LPM 1 

OPM-S 3 

OPM-C 4 

Launches per Mission 

Falcon Heavy 4 

 



 

 
Figure 6.5.1-1: FLEETS two-person mission LLO staging timeline 

 
Figure 6.5.1-2: FLEETS two-person mission lunar surface mission timeline 



6.5.2 Contingency	  operations	  
The loss of any module while a stack is being assembled in LLO would produce a delay in future 
launches, and require a replacement module to be launched. This would require orbital 
maintenance burns for the stack in LLO, which would be conducted by the OPM-S on the 
bottom of the stack.  A delay of three months or less would be tolerable, and would not require 
any replacement modules other than those replacing the ones initially lost.  A delay of longer 
than three months would require the launch of an additional OPM-S to perform higher delta-V 
for orbital maintenance. 
Should an OPM-S experience a non-recoverable failure during descent to the lunar surface, it can 
be jettisoned, and the CM and LPM can return to LLO.  Should the LPM experience a failure, 
the LPM-D can be jettisoned, and the LPM-A can carry the CM back to LLO, assuming at least 
three working engines. 

6.5.3 Launch	  Window	  Margin	  
Extending the launch window of the 2-Man Crewed missions that use the Crew Capsule first 
requires an understanding of the different launches. They can be divided into two distinct groups, 
as indicated below: 

The Batch 1 group arrives in LLO one module at a time. Only one of the OPM-S’s are needed 
fully fueled, so the other performs ∆RAAN and phasing maneuvers to bring the others into a 
collective stack. In using this additional propellant the launch window can be extended to ±1.5 
days for this batch.  
It should be noted that this implies these launches should be scheduled for 1.5 days prior to the 
ideal launch window. With this analysis it can be said with confidence that the modules would be 
able to overcome this difference in RAAN and this also ensures a maximum number of launch 
attempts to LLO from the LEO environment. 

 
Figure 6.5.3-1: Groups of launches for RAAN changes in LLO. From left to right, these 
components are a descent stage OPM-S, another descent stage OPM-S, an LPM, and finally the 
Crew Capsule with its Launch Abort Tower and a partially fueled return stage OPM-S. 



The final launch is the Crewed Capsule with it’s return stage OPM-S. Because this OPM-S needs 
very little propellant to move from LLO to LTO when the mission is over, it can accomplish a 
very large ∆RAAN change. As a result, this batch’s launch window is ±2.5 days. 
Table 6.5-1: Launch Windows for the Crew Capsule with Falcon Heavy Configuration 

Group Launch Window 

Batch 1 ±1.5 days 

Batch 2 ±2.5 days 

6.6 Four-‐Person	  Lunar	  Surface	  Mission	  (Matthew	  Marcus,	  Chris	  O’Hare,	  Jason	  
Burr)	  

6.6.1 Timeline	  
Two launch configurations are used for the four-person, phase III lunar surface missions.  For 
initial missions, all launches will be conducted on Falcon Heavy, nominally spaced one month 
apart, and a descent stack would be assembled, as shown in figure 6.6.1-1, similar to the two-
person missions.  The final launch would carry the crew 
in MPCV, which, due to Falcon Heavy mass 
constraints, would launch with no propellant in its 
service module.  Starting with the second phase III 
mission, launches would be conducted using a 
combination of Falcon Heavy and SLS.  For the second 
phase III mission, SLS will be used to launch two OPM-
Ss on a single flight.  Starting with the third phase III 
mission and continuing for all future phase III missions, 
SLS will be used to launch the crew in MPCV, with the 
MPCV service module fully fueled.  This will eliminate 
the need for an Earth return OPM-S on phase III 
missions, since MPCV will be capable of performing 
this maneuvering on its own. Modules required for 
phase III, four person missions are listed in Table 6.6.1-
1,and a conops diagram is shown below in figures 6.6.1-
1 and 6.6.1-2: 

6.6.2 Contingency	  operations	  
The contingency operations regarding the loss of a module during LLO stack assembly are 
identical for a four-person mission as for a two-person mission.  In addition, during the first four-
person mission, MPCV will launch without any built in orbital maneuvering capability, due to 
mass constraints on the Falcon Heavy.  As a result, upon arrival in LLO, the Earth return OPM-S 
will nominally maneuver to MPCV, and maneuver it to the descent stack.  In the event of a loss 
of the Earth return stage, a separate OPM-S can be undocked from the stack, and can maneuver 
to MPCV, at which point the mission would be aborted, and the OPM-S would maneuver MPCV 
back to LTO for crew return to Earth.  In the event that all OPM-Ss in LLO are lost after MPCV 
has arrived in LLO, a new OPM-S would be launched from Earth to recover the MPCV and 
return it to Earth.  For phase III missions, this imposes the requirement that during any mission, a 
Falcon Heavy, OPM-C and OPM-S must be ready to launch to LLO whenever MPCV launches 

Table 6.7.1-1: Module and launch 
hardware per mission 

Modules per Mission 

MPCV 1 

OLV 1 

LPM 1 

OPM-S 2-3 

OPM-C 5 

Launches per Mission 

Falcon Heavy 3-5 

SLS 0-1 

 



on Falcon Heavy.  Contingency operations during lunar descent are the same as for a two-person 
mission. 

 

 

 
Figure 6.7.1-1: FLEETS two-person mission LLO staging timeline 

 
Figure 6.7.1-2: FLEETS two-person mission lunar surface mission timeline 



6.6.3 Launch	  Window	  Margin	  
Mission architecture for the MPCV based mission using the Falcon Heavy requires a total of five 
launches. They are categorically grouped into two “batches” of launches, as indicated below: 

For the Batch 1 group the OLV maneuvers to the full OPM-S, and the combined stack 
maneuvers to the LPM when it arrives. Because the descent OPM-S with the OLV does not have 
much additional room for propellant (this module is limited to a maximum mass of 10700 kg to 
ensure the OLV is delivered to LLO as well) the additional propellant is only enough to ensure 
the ±0.5 day launch window. 

The Batch 2 group, however, uses the return stage OPM-S to move to the MPCV and bring it to 
the Batch 1 group. Because the return OPM-S requires very little fuel to maneuver the MPCV 
from LLO to LTO, the launch window for these vehicles is ±1.5 days. 
One additional concern with this architecture is the inability of the MPCV to maneuver from 
LLO to LTO on its own. Although the MPCV 
would have real-time updates from the 
ground crew as to the status of these modules, 
and although the MPCV would be able to 
abort a descent into LLO moments before the 
OPM-C deposits it there, there is a slight 
possibility that the MPCV could be trapped in 
LLO. By considering a single fully-fueled 
OPM-S launched into LLO and determining 

 
 

Figure 6.7-1: Groups of launches for RAAN changes in LLO. From left to right, these components 
are the OLV on a descent OPM-S, a descent OPM-S, and LPM, the return OPM-S, and the MPCV 
with its Launch Abort Tower and Service Module. Note: All components sit atop OPM-C’s (in blue) 
and total launch mass from Earth to LEO is 53,000 kg. The order from left to right does not dictate 
launch order, rather the order of LLO ∆RAAN and phasing maneuvers. 

Table 6.7-1: Launch Windows for the 
MPCV with Falcon Heavy Configuration 

Group Launch Window 

Batch 1 ±0.5 days 

Batch 2 ±1.5 days 

Emergency 
OPM-S 

±7.0 days 



how extra propellant it could use in a ∆RAAN change, it was determined the OPM-S would be 
able to rescue the MPCV if it was launched ±7.0 days from when the MPCV is initially 
launched.  
This is more than sufficient, as the MPCV would be deposited in LLO on the 3rd day after it’s 
launch. As a provision for MPCV missions launched on a Falcon Heavy, this additional OPM-S 
and Falcon Heavy would be prepared to launch in the event of such an emergency. These launch 
windows are summarized in Table 6.6-1. 
Launch window analysis for an MPCV launch on the SLS Block-IA/B (gross payload of 105,000 
kg to LEO) has advantages over the launch using the Falcon Heavy. Because the SLS Block-
IA/B has a higher payload, the Service Module for the MPCV can be filled enough to perform 
the maneuver from LLO to LTO once at the moon – in short, the MPCV can only become 
stranded in LLO if there is a serious failure within the Service Module, and not if there are 
docking errors. 

 

The launch window analysis for this launch configuration is a little different – the second launch 
performs the RAAN change while the first performs the phasing maneuver. This is because 
neither launch has significant propellant to be able to perform both maneuvers. As a result, the 
maximum launch window that can be obtained is ±1.0 days. 

6.7 Cargo	  lunar	  surface	  mission	  (Jason	  Burr)	  
Payload delivered to the lunar surface (unmanned) of an unspecified mass can fall into one of six 
categories, as listed in Table 6.7-1. Note that in these categories payload is delivered to LLO 
before it descends to the lunar surface. 
For these architectures the ascent stage of the LPM would remain unfueled. However, because 
this is the location of the engine cluster it must still be brought to LLO. The OPM-S’s in this 
architecture serve as assistants in the descent maneuvers. Cargo is maximized at 15,200 kg when 
the OPM-C’s are unable to deliver payload any 
further payload to LLO. 
In this analysis all Falcon Heavies directly insert 
into LLO. However, it should be noted that for 
missions requiring only a single launch the 

 
 

Figure 6.7-2: Groups of launches for RAAN changes in LLO. The first launch includes an LPM, a 
descent stage OPM-S, and an additional OPM-S used for ∆RAAN changes. The second launch 
includes the MPCV, it’s Launch Abort Tower, and it’s Service Module (fully fueled) as well as an 
additional OPM-S descent module. Both launches use two OPM-C’s to place 33,300 kg to LLO. 

Table 6.7-2: Launch Windows for the MPCV 
with SLS Block-IA/B Configuration 

Group Launch Window 

Batch 1 ±1.0 days 

Batch 2 ±1.0 days 

 



architecture could be adjusted to directly insert to the lunar surface as opposed to first stopping at 
LLO. The savings that result from this destination change decrease the ∆V required by the OPM-

C, LPM, and potential OPM-S from 6.65 km/s (moving the LLO first) to 6.25 km/s (direct 
insertion). 
 Due to these savings in ∆V, less propellant would be required and as a result more payload 
could be delivered on a single Falcon Heavy. Thus, this analysis represents a “worst-case” for 
cargo delivery to the lunar surface. For low payloads (those falling within the first four 
categories) a more detailed analysis on insertion methods would be performed prior to launch. 
Because exact cargo estimates are unknown, exact filling levels will vary. Thus, a formal launch 
window analysis would have to be performed on a case-by-case basis of payload delivery, 
following the method outlined in section 6.4. However, because these one-way cargo missions 
are unmanned it is likely that a delayed launch of a month (for perfect re-alignment of departure 
trajectories) would not jeopardize the mission in entirety.  

6.8 LRS	  Constellation	  Design	  

6.8.1 Coverage	  requirements	  (Matt	  Rich)	  
Since the lunar south pole has been chosen as a landing and surface exploration site, it is 
important to address the topic of lunar south pole communications access from Earth. The Earth-
based communications network of choice is the Near Earth Network (NEN). The simplest 
communications strategy would be a direct line-of-sight link between the south pole surface 
mission and the NEN. Communications analysis in STK 10 yields the following access plot for a 
direct link between the lunar south pole and the Earth-based NEN. 
 

Table 6.7-1: Summary of Possible Cargo Missions with LLO Rendezvous 

Category Payload (kg) Number of 
Falcon Heavies 

Number of 
OPM-C’s 

Number of 
OPM-S’s 

Number 
of LPM’s Minimum Maximum 

1 0 650 1 1 0 1 

2 650 2490 1 1 1 1 

3 2490 8180 2 2 1 1 

4 8180 10050 3 3 1 1 

5 10050 14610 3 3 2 1 

6 14610 15200 4 4 2 1 

 



The orange lower line labeled “Surface_Mission” is a binary indication of whether or not a line-
of-sight link is available between the south pole and NEN at the times shown along the 
horizontal axis. The presence of a line indicates access, while a discontinuity indicates a breach 
of access. Each of the magenta, cyan, and green lines labeled “Australia”, “Wallops”, and 
“South_Africa”, respectively, indicates whether or not the NEN station at that location has direct 
access to the lunar south pole at the times shown. This plot spans the entire month of December 
2025 in an effort to capture an entire lunar orbital period and any associated periodic loss in 
coverage. Such a loss appears in the plot during the middle of the month and lasts about 14 days, 
which is approximately half of the lunar orbital period. Upon further inspection, this loss of 
coverage occurs when the moon is traversing the section of its orbit that lies below the ecliptic, 
when the south pole is tilted away from the Earth and the Moon obstructs the direct link. The 
frequency and duration of this access breach is unacceptable, especially for surface missions 
lasting 28 days. A signal relay is required to maintain adequate communications access between 
a lunar south pole surface mission and the NEN. 

One possible signal relay strategy 
involves erecting a communications 
tower on the lunar south pole, as 
depicted in Figure 6.8.1-2. An 
antenna at the top of the tower 
would provide a relay for the 
surface mission to NEN 
communications link. STK 10 
analysis shows that the tower must 
be 16 kilometers tall in order to 
maintain a line-of-sight link with 
the NEN throughout the lunar 
orbital period. This is structurally 
unrealistic, even in a reduced 

	  
Figure 6.8.1-1: South Pole Direct NEN Access Plot 

	  
Figure 6.8.1-2: South Pole Communications Relay Tower 



gravity environment. 
The colored regions of Figure 
6.8.1-3 signify areas of 
communications access on the 
lunar surface provided by a 
direct line-of-sight link or a relay 
link via the LRS constellation. 
The green spot marks the region 
that has 100% communications 
access to the NEN via the LRS 
constellation. It is a circular 
region centered at the south pole, 
with radius 120 kilometers. The 
blue region, bound by -82° and 
82° of latitude and longitude, 
exhibits 100% direct line-of-
sight access from the NEN. This 
region covers the majority of the 
near side of the lunar surface but 
less than half of the total surface 
area because of the moon’s libration. The red region that lies between the blue and green regions, 
namely from -86° to -82° latitude and -82° to 82° longitude, is afforded partial communications 
coverage by a combination of direct access and access via the LRS constellation. Locations in 
the red region proximal to the blue region are marked by greater direct access than relay access, 
and locations proximal to the green region see greater coverage from the direct link than via the 
LRS constellation. This schematic is symmetric about the lunar equator, so there will be a 
circular area of 100% coverage on the north pole and a band that separates this circle from the 
blue region. Locations on the lunar surface that lie outside of the colored regions do not 
necessarily exhibit zero communications access but are less notable for the scope of the FLEETS 
program.  The communications access plot for a lunar south pole surface mission with a signal 
relay through the LRS constellation is given by Figure 6.8.1-4.  

	  
Figure 6.8.1-3: Lunar Surface Communications Coverage 

	  
Figure 6.8.1-4: 5-Day South Pole/LRS Access Plot 



 
The continuity of the lower line marked “Surface_Mission” indicates that a communications link 
from the lunar south pole to the NEN via the LRS constellation is available for 100% of the time 
shown. The red, blue, and teal lines marked “Australia”, “Wallops”, and “South_Africa” indicate 
the location of the NEN station that is reading the relayed signal from an LRS. The presence of a 
line signifies that the corresponding station is active for the period of time that the segment 
spans. The magenta, cyan, and green lines labeled “LRS-1”, “LRS-2”, and “LRS-3” signify 
which satellite is relaying the signal from the south pole to the NEN. Again, a line segment 
means that the corresponding LRS is active for the time shown. This five-day access plot is 
provided for clarity’s sake, so that each of the segments can be easily seen. A thorough relay 
access analysis requires verification that there is periodic loss in coverage occurring each lunar 
orbital period. The relay access plot is provided over the entire month of December 2025 in 
Figure 6.8.1-5.  

The lack of breaks in the lower line signifies continuous coverage throughout the month of 
December and confirms that there is no periodic access breach due to the lunar orbital period. 
The LRS constellation thus facilitates 100% communications access between the lunar south 
pole and the NEN as long as all three LRSs are functional. 
If any one LRS becomes nonfunctional, there will be a periodic breach of LRS access to the 
south pole with period equal to that of each LRS’s orbital period. Because the three LRSs are 
equally spaced, the each access breach lasts approximately one third of the LRS orbital period. 
This is not precisely accurate, however, because of the slight overlap between LRS access 
segments during exchange of coverage between two satellites. This overlap last 2.4% of the 
orbital period, so the periodic breach due to a lost LRS would last 2.4% less than a third of the 
orbital period, or about 30.9%. The orbital period is 6.31 hours, so the access breach would last 
1.95 hours and occur once every 6.31 hours. Recall, however, that the south pole surface mission 
has direct line-of-sight access to the NEN for half of the moon’s orbital period. Given that the 
landing spacecraft has adequate transmission and reception capabilities, direct access to the NEN 
from the lunar surface can be used as a backup link for half of the lunar orbital period. 

	  
Figure 6.8.1-5: 31-Day South Pole/LRS Access Plot 



While in a lunar transfer orbit (LTO), each spacecraft will maintain direct line-of-sight access 
with the Earth-based NEN, as depicted in Figure 6.8.1-6. In the terminal phase of LTO and once 
in low lunar orbit (LLO), the primary communications link for all spacecraft will be via the LRS 
constellation, as depicted in Figure 6.8.1-7.  

Unfortunately, the link from a spacecraft in 100-kilometer LLO to the NEN via the LRS 
constellation is not available 100% of the time. STK 10 access analysis shows that this link is 
active 93% of the time. The access plot of this link is given in Figure 6.8.1-8. 

The lack of continuous coverage is made evident by the breaks in the lower line labeled “Stack” 
in Figure 6.8.1-8. If a backup communications link is required by a spacecraft in LLO, there is 
direct access from the NEN to a spacecraft in LLO for at least half of the spacecraft’s orbital 
period around the moon. A southern hemisphere lunar orbit insertion is employed so the backup 
direct access link is available to a spacecraft during its landing sequence for a south pole 
mission. Direct access from the NEN to a spacecraft during its landing sequence is shown in 
Figure 6.8.1-9. 

	  
Figure 6.8.1-7: LLO Communications Link 
 

	  
Figure 6.8.1-6: LTO Communications Link 

 

	  
Figure 6.8.1-8: Spacecraft in LLO/LRS Access Plot 



6.8.2 Constellation	  design	  (Alex	  Slafkosky)	  
To meet the coverage requirements, the communication constellation was designed to achieve 
the highest amount of communications access for each segment of a mission. The constellation 
consists of three Near Earth Network (NEN) ground stations and Lunar Relay Satellites (LRS). 
The three NEN locations are Dongara in Australia, Wallops Island in Virginia, and 
Hartebeesthoek in South Africa. The constellation design had to take several factors into 
account, namely, access to a various mission segments, access to one of the NEN locations 
whether directly or via a LRS, insertion capabilities, and orbital maintenance of the LRS system. 

Paramount to the design of the constellation is the communication coverage that it offers to the 
varying segments of a mission. Which consist of Low Earth Orbit (LEO), Lunar Transfer Orbit 
(LTO), Low Lunar Orbit (LLO), descent to surface, and on the surface of the Moon. Coverage to 
LEO can be handled by traditional means such as GPS or TDRS. Coverage to most of the LTO 
segment can be completely handled by the NEN. Coverage to the end segment of LTO, to LLO, 
and to the descent path are subject to various parameters, namely, the locations in inertial space 
of each aspect of the constellation. But coverage is obtained either fully or to a high degree in 
each case. Communications to the surface mission location, without the LRS aspect of the 
constellation, results in half a lunar period loss of coverage. All these cases are considered and 
shown in section 6.8.3.  

6.8.2.1 LRS	  Configuration	  
Clearly then, the driving parameter for the constellation design via communications coverage is 
how to ensure a full lunar period of coverage on the surface. There are two options: a 
communication tower on the moon or Lunar Relay Satellites. Which raises five questions: how 
tall does the tower have to be? Where will it be located? How many LRS satellites are there? 
What orbits are they in? What affects do those four answers have on installation and 
maintenance? 

As shown in Section 6.8.3, the idea of a communications tower is unrealistic due to the mission 
requirements to travel to the Polar Regions. Therefore, Lunar Relay Satellites are our remaining 

	  
Figure 6.8.1-9: LLO Direct Access Backup Link 

 



option. The figure below depicts Coverage Time / Period vs. Inclination of circular lunar orbits 
with a semi-major axis of 4000 km for a south pole mission. 

The results that created Coverage Time / Period vs. Inclination were generated from Analytical 
Graphics, Inc.’s (AGI’s) Systems Tool Kit (STK) 10. Where a satellite on a 4000 km semi-major 
axis circular orbit used line of site access to ascertain the percent coverage of period to a South 
Pole surface mission. The maximum coverage achievable is for an inclination of 90 degrees. 
Therefore any LRS inserted should be in a circular polar orbit. Is a semi major axis of 4000 km 
the best scenario? The figure below depicts Coverage Time / Period vs. Semi-major axis of 
circular polar lunar orbits. 

Figure 6.8.2.1-1 Coverage / Period vs. Inclination 
 

 

 

 

 

 

 

 



 

 

 

 

 

 

 

 

 

 

Figure 6.8.2.1-2 Coverage Time / Period 

Note how the percent coverage asymptotes, in fact, it will reach fifty percent coverage at 
infinitely large semi-major axis. Thus, the possibility of full coverage using two LRS’s is not 
feasible. Also note, that as the semi-major axis approaches the radius of the moon the percent 
coverage decreases, and thus the number of LRS’s to provide full coverage increases. To 
minimize cost for producing the LRS aspect of the constellation it makes sense to stay above 
1/3rd of a period coverage time so that only three LRS’s are required for full coverage. So what 
semi-major axis should the LRS satellite have? There are three considerations to account for: 
first, as semi-major axis increases the required delta-v for lunar orbit insertion increases; second, 
as semi-major axis increases perturbations from the Earth and Sun cause increases in the delta-v 
required for orbital maintenance; third, there is a small (in relation to the length of the period) 
exchange time between allowing one LRS to release control of communications relay to another 
LRS. Obviously the first two considerations dictate that additional mass, in fuel, be taken and 
thus place tighter constrains on a number of criteria, namely, insertion tolerance and launch 
window size. Thus a lower semi-major axis is desired, that will still give us a built in buffer to 
perturbations and lengthen our launch window. Therefore a semi-major axis of 4000 km was 
chosen that had a 35.7% coverage time per orbital period. Now, how to arrange the three LRS’s 
that are in 4000 semi-major axis circular polar orbits? 

Since, each LRS has coverage for 35.7% of their orbital period, it follows to phase them by 120 
degrees in true anomaly, so that the coverage overlap is shared on both the front and end portions 
of their respective orbital fly overs. How should the orientation of their orbital planes be 
arranged? 



The Right Ascension of the Ascending Node (RAAN) for each LRS of the configuration has a 
range of options between: all with the same RAAN to an even split between each LRS orbital 
plane. The two options present a dichotomy; if you keep them in the same orbital plane then you 
miss LRS coverage on the plane perpendicular to theirs, but ensure a swath from pole to pole that 
will have continuous LRS coverage; on the other hand, if you space them out evenly you miss 
continuous coverage on a band around the equator via LRS relay but are now able to get LRS 
coverage to the whole surface for a guaranteed 35.7% of a period. The paradox resolves itself by 
taking into account direct NEN access to the same band about the equator (earth facing) that an 
evenly spaced LRS constellation would otherwise miss full coverage, as shown in Section 6.8.1 
with the lunar surface portioned by varying levels of coverage. 

6.8.2.2 LRS	  4B	  
To maximize the utilization of the cost of 
the Falcon Heavies, via the unused mass to 
orbit, and the partially full OPM-C to insert 
LRS-3 after LRS-1 and LRS-2 are already 
in lunar orbit. A fourth LRS can be inserted 
with LRS-3 and act as a redundancy in case 
of an LRS failure. 

As depicted in Figure 6.8.2.2 to the right, 
LRS-4B uses a 60 degree RAAN change 
and 120 degree phasing maneuver to regain 
system integrity if LRS-1 or LRS-2 fail. If 
LRS-3 fails it can stay in its same orbit. 
The maneuvers would be accomplished by 
an OPM-S.  
Note that if LRS-2 fails, LRS-4B would 
maneuver 60 degrees counter clock wise and would regain LRS-2’s coverage slot, and not 
achieve the same value of RAAN, but would be in the same orbital plane before performing the 
necessary phasing maneuver. 
 

6.8.2.3 LRS	  Launch	  Strategy	  
Since maneuvers to change right ascension of the ascending node (RAAN) can be very large, it 
is desirable to insert the LRS satellites into orbits that are as close as possible to the final 
constellation. As mentioned in a previous section, this means that each orbit must have a RAAN 
spaced 60° from the next closest satellite orbit. This can be achieved by launching each satellite 
at a slightly different time each lunar cycle. The figure below shows how a polar satellite on the 
moon will have a different unadjusted RAAN when captured depending on launch date (which is 
directly proportional to the location of the Moon in its orbit). 
 

	  
Figure 6.8.1-9: LLO Direct Access Backup Link 
 



 
Figure 6.8.2.1-1: LRS RAAN compared to RAAN from reference launch date 

 
The first LRS launch can occur at any time, since the actual RAAN value is unimportant and 
only the spacing matters.  This launch will deliver LRS-1 and LRS-2 to lunar orbit, and an OPM-
S will perform a 60° RAAN chance for LRS-2. Since LRS-3 should be a full 120° from LRS-1, 
it should be launched  
 

 120°
13.4°/!"# = 8.95  !"#$ 

 

6.8.2.1-1 

after the first launch.  Of course, the launch could also occur any number of lunar cycles and 
8.95 days after the first launch. Since there is only one guaranteed suitable TLI time each day, 
there may not be a suitable time to launch exactly as calculated. Allowing a ±0.5  day window 
for the second launch, so that there is a guarantee of a suitable TLI time, means that the RAAN 
may be off by 6.7° in either direction, so the vehicles will need to be able to perform a correction 
maneuver. The Δvs required for the 60° and 6.7° RAAN change maneuvers are as follows: 
 

 ∆! = 2! ∗ sin
∆!
2  

 
60 °: ∆! = 1.107 km/s 
6.7°: ∆! = 0.1294 km/s 

 

6.8.2.1-2 

It is also important that the LRS satellites are spaced 120° in phase. Since it is difficult or 
impossible to control this parameter and RAAN with launch time only, the vehicles will be able 
to perform the maximum phase change necessary, which is a much lower performance 
requirement than the RAAN changes. In choosing a phasing orbit, both time and required were 
considered. Of course there are an infinite number of possible semimajor axis values for a 
phasing orbit, but it is desirable to keep both Δv and time low, though time is less important 
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because there is at least a month between launches. The figure below shows phasing time and 
phasing Δv for varying semimajor axis values.  

   
Figure 6.8.2.1-2: Phasing time and Δv required vs. phasing orbit SMA for LRS 

 
The plot on the left in Fig. 6.8.2.1-2 shows that there is a region of dramatic increase in time with 
decreasing semimajor axis. In this region, time may become unmanageable for little Δv benefit. 
As shown, ap = 4850 km keeps Δv requirements as low as possible (203 m/s) while avoiding 
region of major increases in time required (15.8 hours is only 1.5-2 times the minimum value). 

6.8.2.4 	  LRS	  Orbit	  Maintenance	  
The LRS constellation is required to maintain full coverage of the landing site as much as 
possible. In their initial configuration, the satellites meet this requirement. However, over the 
course of the LRS expected lifetime of approximately 10 years, perturbations from the Earth and 
Sun disrupt LRS orbits enough that full coverage is lost. Much like the other vehicles in LLO, 
though, the LRS satellites will not experience right ascension drift or inclination changes. Figure 
6.8.2.2-1 shows the change in orbital parameters over time for an LRS. 
 

 
Figure 6.8.2.2-1: LRS eccentricity and argument of perigee, ω, over 6 months 

 



From the figure above, it is clear that over a six-month period in lunar orbit, the eccentricity of a 
single LRS increases from nearly 0 to 0.04, and the average argument of perigee (once well 
defined) rotates approximately 8°. Note that also, less importantly, there are short period 
perturbations that do not move the satellite far from its initial orbit. The other orbital parameters, 
semimajor axis, right ascension of the ascending node, and inclination are not perturbed.  

 
Assuming the moon is spherical, one can find the true anomaly of a satellite when it enters the 
view of the south pole, as illustrated in Fig. 6.8.2.2-2. 
 

 
Figure 6.8.2.2-2: Angle when LRS enters view of South Pole in perfectly circular orbit 

 
When the orbit is circular, e = 0, we can calculate the angle shown in the figure above. 
 

 ! = acos
1737.4
4000 = 1.12  !"# 

 

6.8.2.2-1 

Since the orbit is circular, the mean anomaly, M, is equal to the true anomaly: 
 

 ! = ! =   1.12 
 

6.8.2.2-2 

In the worst case scenario, after 6 months the eccentricity of the orbit has increased to 0.04 with 
perigee over the South Pole. This means the satellite is spending a smaller fraction of its orbital 
period over the pole and thus providing less communications access. Since the semimajor axis is 
constant, the mean motion, n, is constant and the ratio r of time spent over the South Pole in the 
new orbit to time spent over the South Pole in the designed orbit is: 
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6.8.2.2-3 
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Where M1 is the mean anomaly swept from when the satellite enters view of the South Pole to 
when the satellite is over the South Pole in the perturbed, non-circular orbit. The true anomaly 
corresponding to M1, θ1, will be very close to θ since the orbit is still nearly circular, and it can be 
found by solving a simple system of two equations in one dimension. The first constrains true 
anomaly so that the radius vector, r, for the satellite is perpendicular to the site vector at the 
South Pole (which is where line of sight is first gained):  
 

 !! = acos
1737.4
!  6.8.2.2-4 

 	    
The second describes the radius as a function of true anomaly for the given eccentricity and 
semimajor axis: 
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!(1− !!)

1+ ! ∗ !"# !  
 

And substituting… 	    
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6.8.2.2-5 

 
We can graphically solve this system of equations by plotting with respect to r. The intersection 
of the plots will give an r and θ that satisfy the line of sight requirement and are on the new 
perturbed orbit. The graphical solution is show below.  

 
 

Figure 6.8.2.2-3: LRS perturbed orbit and first line of sight r magnitude and true anomaly 



 
From Fig. 6.8.2.2-3 it can be seen easily that at a radius of 3924 km with a true anomaly of 1.111 
radians, the perturbed LRS orbit is at the edge of line of sight access with the South Pole site, i.e. 
the vector from the pole to the satellite is tangent to the surface of the Moon. Using this 
information, the mean anomaly corresponding to this position can be found by first finding the 
eccentric anomaly, E1 using the parameters of the perturbed orbit and the true anomaly value 
from the graph above. 
 

 
!! = atan

1− !! ∗ sin !
! + cos !  

 

 

 Then using Kepler’s equation, the mean anomaly is 
 

 !! = ! − ! ∗ sin ! = 1.0403   6.8.2.2-6 
 
Finally, we can now solve for the ratio A, defined earlier in 6.8.2.2-1. 
 

 ! =
!!

! =
1.0403
1.12 =   0.9288 

 

6.8.2.2-7 

Equation 6.8.2.2-7 states that in the new, perturbed orbit, the satellite spends on 92.88% as much 
time in view of the South Pole compared to the original desired orbits. Since the semimajor axis 
is constant, the period remains constant. Recall that, in the desired orbit, each LRS spent 35.7% 
of its orbital period in view of the pole.  This means that after 6 months, an LRS will spend just 
 

 ! = 35.7% ∗ .9288 = 33.16% 
 

6.8.2.2-8 

of its orbital period over the South Pole. This is just slightly less than one-third of the period, 
meaning that if the satellites are allowed to be perturbed any more without maintenance, 
noticeable gaps in coverage will begin to appear (in this state there are approximately 38 second 
gaps which corresponds to 0.17% of the orbital period). 
 
The required maintenance at the six month period is found by circularizing the orbit using a 
single, non-tangential maneuver. This maneuver will also rotate the apse line of the orbit, but 
since the new orbit is circular, this parameter is insignificant.  
 
Since the target orbit has e = 0, the Δv required is independent of the angle of rotation of the apse 
line, which is undefined in the new orbit, but is otherwise calculated as a standard apse rotation 
maneuver yielding the following results: 
 

 Δv = 1.95
m
s !"#  !"#$%&$' ! 2

!"#$!"#$%
!"#$ ∗ 10  !"#$%  

 

Δv =
39!!
!"#$ 

6.8.2.2-9 



 
Since the mass of a single LRS is estimated to be approximately = 4000 kg, and thruster Isp is 
about 300 s, the fuel required for  10 years of maintenance is: 
 

 !!,  !"# = 4000 ∗ (1− !
!!"

!""∗!.!) = 52.7 kg fuel 6.8.2.2-10 
 

6.9 Phase	  IV	  consideration	  (Matthew	  Marcus)	  
While the primary initial focus of the FLEETS architecture is rapid, cost effective lunar surface 
access, it has been developed to enable the system to evolve to support missions beyond the 
Earth-Moon system. The MPCV is as an Earth launch and entry vehicle for long duration 
missions beyond Earth orbit, such as missions to the Martian system. While the designs of the 
OPM-C and OPM-S are tailored to lunar missions, the philosophy behind their design, as well as 
some of their hardware, can be well applied to a wider scope of missions.  

6.9.1 Reference	  Mission	  –	  Phobos	  Mission	  
As an example of the FLEETS phase IV capability, a notional manned mission to Phobos, the 
larger of Mars’ two moons, was considered, spending 30 days on the moon’s surface. The delta-v 
assumed for major maneuvers was determined using a MATLAB based, patched-conic trajectory 
toolbox. The final delta-v values used for module sizing and mission architecture development 
are listed below in table 6.9.1-1.  

This mission would involve the development of two new vehicles: a 68MT Mars Orbital 
Propulsion Module (OPM-M), and a 20MT Trans Martian Transport (TMT). All launches would 
be conducted on the 105MT class SLS Block IA/B. Each launch would include an OPM-C which 
would boost the payload to an elliptical earth orbit (EEO), with similar orbital parameters to a 
geosynchronous transfer orbit, to take advantage of the increased performance capability of 
cryogenic propulsion while also considering the short orbital lifetime. Seven launches would be 
required, as illustrated below, spaced approximately eight months apart. Each OPM-M would 
launch individually, and would be followed by a final launch of the crew in an MPCV, 
accompanied by the TMT. Like the architecture of earlier phases, all modules would dock, 
however in this case in EEO rather than LLO. After the final launch, the OPM-Ms would burn in 
succession, each one jettisoning once expended.  

Table 6.9.1-1: Phobos Mission Delta-V budget 

From\To	   MTO	   MCO	   PTO	   Phobos	  	   Earth	  Entry	  
Earth	  Escape	   2.4	  km/s	   -‐	   -‐	   -‐	   -‐	  
MTO	   -‐	   0.9	  km/s	   -‐	   -‐	   1.1	  km/s	  
MCO	   0.9	  km/s	   -‐	   0.5	  km/s	   -‐	   -‐	  
PTO	   -‐	   0.5	  km/s	   -‐	   0.5	  km/s	   -‐	  
Phobos	  Surface	   -‐	   -‐	   0.5	  km/s	   -‐	   -‐	  

 



Upon arrival at the Martian system, the module assembly will first insert into a Mars Capture 
Orbit (MCO), proceeding to a Phobos Transfer Orbit (PTO) to rendezvous with the moon, and 
finally would land on Phobos. After completing the Phobos surface mission, the vehicle would 
launch from the Phobos into a Mars orbit near the orbit of Phobos, from which it would burn to 
return to Earth. Shortly before arrival at the Earth-Moon system, the crew would transfer back to 
MPCV, and would jettison the remaining OPM-M and the TMT. MPCV would then conduct a 
braking maneuver to achieve a safe reentry speed, followed by reentry and landing on Earth, 
concluding the mission. 

  

 
Figure 6.9.1-1: Phobos mission Earth orbit assembly conops 

 
Figure 6.9.1-2: Phobos mission Mars transit conops 



7 Module	  Designs	  

7.1 Crew	  Module	  (Arranged	  by	  Chris	  O’Hare)	  
The Crew Module is a manned pressurized spacecraft for lunar missions with a 2-crew 
complement.  It is the primary manned vehicle for Program Phase II missions.  It provides 
independent life support and structural support through the entire mission, from launch through 
earth re-entry.  The Crew Module is designed exclusively for lunar missions, and is capable of 
supporting lunar excursions.  

7.1.1 Design	  parameters	  (Chris	  O’Hare)	  
This section provides performance definitions for all aspects of the Crew Module.  All systems 
are designed to satisfy these parameters. 

7.1.1.1 Design	  Objectives	  
The Crew Module was designed to satisfy the program-level requirements of performing manned 
lunar missions as soon as possible, while minimizing missions production costs to allow for a 
larger yearly development budget.  The development and production costing model used only 
total vehicle mass as an input, as such all systems were designed primarily to minimize final 
mass, and disregarded considerations for material values and production difficulties. 
Lunar surface operations were designed to anticipate a reasonable number of EVA’s per mission, 
while still conforming to the mass minimization directive, detailed above.  As there was no 
program requirement driving surface operations, lunar surface duration was set at a maximum of 
7 days with 6 possible EVA’s, with minimal decompression time necessary.  
Taking into account initial subsystem mass estimates, maximum design mass for the Crew 
Module was set at 6000 kg, with all other program vehicles designing around this mass.  Target 
design mass was set at 5000 kg to allow for margin in the final mass.  Non-crew science payload 
was neither required nor defined in the program, thus mass and volume allocation was not 
considered in the primary design. 

Table 7.1.1.1-1: Crew Module Design Objectives 

Consideration Objective 

Crew size 2 

Mission duration Total mission – 17 days 

Lunar surface – 7 days 

EVA’s Total – 6 EVA’s 

Minimal decompression time (30 min) per EVA 

Total mass Target – 5000 kg 

Maximum – 6000 kg 

Internal payload Not considered 

 



7.1.1.2 Mission	  Timeline	  
Crew missions involving the Crew Module are designed for 7 days on the lunar surface.  Total 
mission time was determined to be 17 days.  This duration includes a contingency of 3 days, to 
account for possible delays in mission performance.  Table 7.1.1.2 - 1 outlines the environment 
of each mission stage, with the associated planned duration. 

Table 7.1.1.2–1: Mission duration breakdown 

Mission Stage Duration (days) 

LEO 0 

Lunar Transit 3 

LLO 1 

Lunar Surface 7 

Earth Transit 3 

Contingency 3 

Total Mission 17 

 

7.1.1.3 Environment	  Definitions	  
The Crew Module was designed to the following mission environments, to be experienced at 
durations described in the previous section: 

Table 7.1.1.3-1: Low Earth Orbit (LEO) – The Crew Module will be orbiting the Earth at an 
altitude below 500 km. 

Earth Temp (K) 199-322 

Space Temp (K) 3 

Orbiting Altitude (km) 200-500 

Orbital Period (minutes) 88-96 

% in Eclipse 0-42% (up to 38 min) 

 
  



Table 7.1.1.3-2: Transit – The Crew Module will be in space transit between the earth and the 
moon. 

Space Temp (K) 3 

% in Eclipse 0 

 

Table 7.1.1.3-3: Low Lunar Orbit (LLO) – The Crew Module will be orbiting the moon at 
minimum altitude of 100 km. 

Lunar temp (K) 116-394 

Space Temp (K) 3 

Orbiting Altitude (km) 100-300 

Orbital Period (min) 117-138 

% in Eclipse 0-39.5% (up to 47 min) 

 
Table 7.1.1.3-4: Lunar Surface – The Crew Module will land on a lunar location that will have 
constant sunlight.  Specific location will be dictated by mission objectives. 

Lunat Temp (K) 116-394 

% in Shadow 0 

 

7.1.1.4 	  Operational	  Modes	  
The Crew Module is designed for operation in 3 modes: Normal, Emergency, and Launch/Re-
entry.  All systems have been designed to operate in Normal and Emergency modes.  Launch/Re-
entry mode operation was considered to be equivalent to Normal Mode. 

Normal Mode – This is the default mode for the Crew Module throughout a mission.  All 
systems are assumed to be in full working order.  Maximum operational time in Normal Mode is 
the full mission duration: 17 days. 
Emergency Mode - The Crew Module will enter this mode after the mission has been deemed 
compromised, and the mission has been aborted.  The Crew Module will enter into an Earth-
return trajectory, with a maximum time from any point in a mission to Earth re-entry of 6 days.  
Environmental regulation and other systems are assumed to be working at reduced/no capacity.  
All systems must be designed to run at minimal or no power during Emergency Mode. 

Launch/Re-entry Mode – This mode occurs only during the launch and earth re-entry portion of 
the mission. 

 
 

 
 



Table 7.1.1.4-1: Crew Module mode breakdown 

Mode Design Considerations 

Normal Mode All systems functioning 

Max time: 17 days 

Emergency Mode Limited system functionality 

Limited/no power available 
Max time: 6 days 

Launch/Re-entry Assumed same as Normal Mode 
Max time: 1 hour 

 

7.1.1.5 Layout	  Locations	  
The Crew Module consists of two main areas: Inner envelope and Outer envelope.  Figure 
7.1.1.5-1 shows the locations of each area in the Crew Module. 

Inner Envelope – This is the habitable crew volume.  The Inner envelope is pressurized, and 
provides thermal regulation and radiation protection suitable for human habitation.  Any system 
components requiring substantial environmental regulation are contained within the Inner 
envelope. 

Outer Envelope – This is the volume between the inner pressure hull and the outer hull.  The 
Outer envelope is unpressurized, and contains minimal thermal regulation and radiation 
protection.  Any system components that require minimal environmental regulation, or are 
deemed hazardous to crew health and safety, are located within the Outer envelope. 



  
Figure 7.1.1.5-1: Diagram of the Crew Module layout 

7.1.1.6 Factors	  of	  Safety	  
Factors of safety and redundancy considerations are broken down into three main groups: 
consumables, structural components, and system components.  All systems conform to the 
appropriate safety requirement, detailed below: 
Consumables – Consumables include any materials that are used by the crew (ie: food, water, 
atmosphere, etc).  All consumable material includes 3 extra days’ worth of supplies.  This has 
been incorporated into the mission timeline as contingency days. 

Structural – Structural components include any component that takes a physical load (ie: 
pressure tanks, stringers, panels).  All structural components are designed with a safety factor of 
1.5 to yield and 2.0 to ultimate. 

System – System components include any component that is not considered a structural 
component (ie: valves, electrical components).  Individual components must have redundancy in 
order to make the whole system single-point failure resistant and double-point failure survivable.  
In the event of a single-point failure, the system can still operate in Normal mode.  In the event 
of a double-point failure, the system can operate in Emergency mode.  A double-point failure 
event may cause a mission abort event. 

 

Outer Envelope 
(Unpressurized) 

Inner Envelope (Pressurized) 



7.1.1.6-1: Margins of safety definitions 

Consumable 

Contingency 3 days’ worth 

Structural Component 

Stress Safety Factor 

Yield 1.5 

Ultimate 2.0 

System Component 

Point Failure Resulting Mode 

None Normal 

Single Normal 

Double Emergency 

 

7.1.1.7 System	  Requirements	  
Crew Module systems shall: 

• Provide mission life support for a total of 17 days, which includes 7 days on the lunar 
surface 

• Provide life support for up to 6 EVA’s 
• Provide structural support for all mission environments, detailed above 
• Provide thermal regulation within the pressurized envelope through all mission 

environments, detailed above.  Thermal range must be sufficient for human habitation 
and for operation of all system components within the pressurized envelope 

• Provide constant available communication with earth stations at all stages of the mission 
• Provide 6 DOF control, detailed in the ACS section below 
• Provide position and orientation information, detailed in the Sensors section below 
• Provide a suitable level of radiation protection, detailed in the Radiation section below 
• Provide a launch abort strategy suitable for the chosen launch vehicle 
• Provide an earth re-entry strategy suitable for a water landing 

 

7.1.2 Subsystem	  specifications	  
This section provides detailed analysis and explanation of the design of each subsystem of the 
Crew Module. 

7.1.2.1 CAD	  Drawings	  (Siddharth	  Paruchuru)	  
In Figure 7.1.2.1-1 the Crew Module is placed next to a 95th percentile man to show a 
representative figure on how high the Crew Module will be next to an astronaut.  



 
Figure 7.1.2.1-1: The Crew Module next to an average 95th percentile male 
 

Figure 7.1.2.1-2 shows an isometric view of the Crew Module with the satellites in their 
deployed positions and with a transparent exterior to show how everything is placed on the 
inside. 



 
Figure 7.1.2.1-2: Isometric view of a transparent Crew Module to display everything in the 
vehicle 

Figure 7.1.2.1-3 shows two different views of the same cross section of the module, while figure 
7.1.2.1-4 does the same for the other half of the Crew Module. In these pictures we can see how 
almost everything in the inner envelope is as close to the wall as possible so that we can 
maximize as much open space as possible inside the module. 

 
Figure 7.1.2.1-3: Front and isometric views of one half cross section of Crew Module 



 

 
Figure 7.1.2.1-4: Back and isometric views of other half cross section of Crew Module 
 

Figures 7.1.2.1-5 and 7.1.2.1-6 show labeled views of everything that goes into Crew Module for 
the two different cross sections, with one section shown from the front and the other from the 
back. One important feature that can be seen in these pictures is that the food and water systems 
are as far away as possible from the trash and hygiene systems, which includes the bathroom for 
the astronauts, so that none of the consumables can be tainted. We also have the lithium 
hydroxide canisters coming out of the walls so that we are able save floor space by utilizing the 
empty wall space all around the inner envelope. 
 

 
 



 
Figure 7.1.2.1-5: Labeled front view of one half cross section of everything in the Crew Module 

 
Figure 7.1.2.1-6: Labeled back view of other half cross section of everything in the Crew Module 
 

 



In placing everything in the inner envelope, we tried to maximize space in the middle of the 
Crew Module and by the windows and the hatch so that the astronauts are able to have most 
habitable volume as possible. Figure 7.1-7 shows the best representation of the floor space for 
the Crew Module and how we were able to maximize habitable volume by moving everything in 
the inner envelope to the outside corners. 
 

 
Figure 7.1.2.1-7: Top View of Crew Module  
 



 
Figure 7.1.2.1-8: Outer dimensions of the Crew Module 

7.1.2.2 Structures	  (Alex	  Krajewski,	  Calvin	  Nwachuku)	  

7.1.2.2.1 Main	  Objective	  
The crew module is designed to withstand all of the loads that it will encounter for the duration 
of the mission, while still being under the mandatory mass budget. These loads include Earth 
launch, lunar descent, lunar ascent, and Earth landing loads. Besides these loads, the crew 
module must also be able to withstand the extreme case where the launch abort system is used. 
The crew module is also designed to ensure a yield safety factor of 1.5 and an ultimate factor of 
safety of 2.0. While employing these safety factors in the design, the other goal for this crew 
module is to make the margins of safety between zero and one. 

 
 

 
 

 
 



Table 7.1.2.2.1-1: Crew Module loads for duration of the mission 

Load Magnitude (kN) Temperature Range (K) 

Earth launch 353 233-310 

Earth launch with abort system activated 710 233-310 

Vibrational 3 293-310 

Lunar Landing 59 240-390 

Lunar Launch 10 240-390 

Earth landing 706 240-500 

 

7.1.2.2.2 Outer	  Envelope	  

7.1.2.2.2.1 Outer	  Envelope	  Conical	  Design	  
The preliminary blueprint of the outer envelope was a conical design where the pressure 
envelope and the outer envelope were one and the same. This simplified design was studied to 
estimate the loads the crew module would endure for the duration of the mission. The conical 
structure was chosen since it would resemble closer towards the final product of the outer 
envelope design, meaning the loads analysis done on this model would be a good approximation 
towards the final design. 

 
 

7.1.2.2.2.2 Thickness	  for	  Outer	  Envelope	  Conical	  Design	  
The loads that this module was to experience would be the Earth launch loads consisting of 6 g’s, 
which is approximately 353 kN. This module was designed with a single piece of material 
consisting of Aluminum 6063-T6, while enduring the Earth launch load as the worst case design 
scenario. Calculating the thickness of the outer envelope of the crew module uses the buckling 

Figure 7.1.2.2.2-1: Outer Envelope Preliminary Conical Design (All dimensions meters) 



equation found in the NASA Document, “Buckling of Thin-walled Truncated Cones”. Since this 
failure will be a yield type failure, the safety factor is 1.5. 

 
! =   

! 3(1− !!)
2!"# ∙ !"#!! !" 

7.1.2.2.2-1: Buckling of 
truncated cone equation 

 
*Weingarten, V. I., and P. Seide. Buckling of Thin-Walled Truncated Cones. Tech. no. NASA 
SP-8019. Washington, D.C.: NASA Langley Research Center, Web. Mar. 2013. 
<http://shellbuckling.com/papers/classicNASAReports/NASASP-8019.pdf>. 

 
 

 
 

 
 

 
 

 
The necessary thickness that was given using the buckling equation with the appropriate safety 
factor of 1.5 rounded up to approximately 0.5 centimeters. Since a large assumption was made 
choosing the conical design for simplicity, another 0.5 centimeters was added for worst case 
error analysis. The resulting thickness is one centimeter, now the mass and volume of the outer 
envelope conical design can now be calculated with the following equations below. 

Surface Area = !"# +   !!! 

Surface Area = ! ∙ 2! ∙ 4.73! + ! ∙ 2! ! = 42.29  !! 

!!" = 2700   !" !! 

Mass = !" ∙ ! ∙ !!" 

Mass = 42.29  !!    ∙ 0.01!   ∙ 2700 !" !! ≈ 1142  !" 

Volume = !
!
!!!ℎ   

Volume = !
!
! 2! ! ∙ 4.29!   ≈   18!!  

Equations 7.1.2.2.2-1: Shown above, the surface area is first calculated, then the thickness is 
multiplied to get the volume of the material of the crew module. After this volume of material is 
calculated, this number is multiplied by the density of the material chosen, in this case 
Aluminum 6063-T6, to get the crew module mass. 

Material: Aluminum 6063-T6 

Yield Strength: 214 MPa 
(Earth launch Load) P = 353 kN  

       (Poisson’s Ratio) v = 0.33 
  (Correlation factor) γ = 0.33 

  (Young’s Modulus) E = 68.9 GPa 
      (Half cone angle) α = 25° 



7.1.2.2.3 	  	  	  	  	  Outer	  Envelope	  Second	  Design	  
After further analysis, the top shape of the crew module was changed to provide a stable base for 
the abort launch system, which also reduced the mass of the crew module significantly. This 
launch abort system adds a new load to the crew module, meaning that if the launch abort system 
were to be used, a strong impulse force would be created, making the new worst case design load 
to be 710 kN.  

 
To calculate the new thickness of the crew module, the truncated thin-walled buckling equation 
is used once more, only this time, the load has changed from 353 kN 710 kN. 
 

 
 

 
 

 
 

 
 

 

Figure 7.1.2.2.3-1 Sketch of 2nd design of the crew module outer envelope 



 
! =   

! 3(1− !!)
2!"# ∙ !"#!! !" 

Equation 7.1.2.2.3-1: The 
buckling of truncated thin-
walled cone equation is used 
again 

*except the load went from 353 kN to 710 kN making an increase of 357 kN 
**Weingarten, V. I., and P. Seide. Buckling of Thin-Walled Truncated Cones.  

Material: Aluminum 6063-T6 
Yield Strength: 214 MPa 

(Earth launch Load) P = 710 kN 
(Poisson’s Ratio) v = 0.33 

(Correlation factor) γ = 0.33 
(Young’s Modulus) E = 68.9 GPa 

(Half cone angle) α = 25° 
(Safety Factor) SF = 1.5 

 
 

The thickness calculated from the truncated thin-walled equation above approximately rounds up 
to 0.8 centimeter. However, because of worst case error analysis, this thickness is rounded up to 
one centimeter. This means the mass and volume will change since the shape of the crew module 
went from a conical design to a frustum. 

Surface Area = !!!"##"$! + !!!"#! +   ! !!"##"$ + !!"# ! 

Surface Area = ! ∙ 1.99! ! + ! ∙ 0.4! ! +   ! 1.99! + 0.4! ∙ 3.756!  

Surface Area = 66.65 !! 

!!" = 2700   !" !! 

Mass = !" ∙ ! ∙ !!" 

Mass = 42.29  !!    ∙ 0.01!   ∙ 2700 !" !! ≈ 1111  !" 

Volume = !
!
!ℎ !!"##"$! + !!"##"$!!"# + !!"#!    

Volume = !
!
! 3.404! ∙ 1.99! ! + 1.99! ∙ 0.4! + 0.4! ! ≈   17.5!!  

 
Equations 7.1.2.2.3-2: The difference in equations here versus the conical design is that the 
surface area and volume equations have been changed to those associated with a frustum instead 
of a cone. These changes decreased the mass and volume respectively. 



7.1.2.2.4 	  	  	  	  Stringers	  and	  Panels	  Outer	  Envelope	  
To minimize the mass even further, a stringer and panel analysis was done on the crew module to 
get the loads on each shear panel and stringer for more accurate numbers. This stringer and panel 
analysis was done twice, once for the top view of the crew module, and again for the side view 
of the crew module. Getting both of these views would determine where the greatest shear and 
axial strengths reside in the crew module as it experiences the highest load in the earth launch 
load where the abort launch system is activated. 

7.1.2.2.4.1 Top	  View	  Stringers	  and	  Panels	  Analysis	  of	  the	  Crew	  Module	  

7.1.2.2.4.1.1 Top	  View	  Stringers	  Analysis	  

 
The top view analysis of the stringers and panels will be done with eight equidistant spaced 
stringers spread around the circumference of the crew module. Eight stringers were chosen since 
it creates enough stringers to surface the cross-sectional area of the crew module accurately and 
to lessen the load for the other stringers.  
  

Figure 7.1.2.2.4-1: Top view of the crew module stringer and panel assembly where each Q value is a 
shear flow going in the arrow’s direction. The y and z axes used in this section are also shown 



 
Figure 7.1.2.2.4-2: The force F being split up into its shear and axial components along the wall 
of the crew module. This is happening all along the crew module, a small section of the wall is 
shown here for simplicity’s sake 
 

The Earth launch load, plus the launch abort system, is represented on the crew module as the 
axial force being the cosine of the half cone angle, while the shear force is the sine of the cone 
angle. This is done to accurately represent what the stringers and shear panels have to go through 
during the calculations for determining the material and thickness necessary to withstand it. 

There were eight stringers designed in the top view mode of the crew module, designing each 
stringer to have an area of one square centimeter. Calculating the center of gravity for the model, 
where the origin in the y and z axes is, the greatest stress produced is where the stringer is the 
distance radius away.  
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Equation 7.1.2.2.4-1: Stress 
Equation for each Stringer 
given the moment and Earth 
launch load with the abort 
launch system activated 

 
There were one-hundred increments used in calculating where the greatest stress is produced 
height-wise of the crew module. This is starting from the bottom of the crew module, where the 
diameter is 3.985 meters, until the top where it is 0.8 meters. The result of this one hundred 
increment study is shown on the graph on the next page. 



 
Figure 7.1.2.2.4-3 Graph representing the axial stress of the stringers, in terms of MPa, from the 
bottom of the crew module until the top where the diameter is 0.8 meters. 

 
The results of this graph illustrate that the highest axial stress on the stringers happens on top of 
the crew module, since that is where the smallest cross sectional area of the crew module is 
located. The highest axial stress as calculated where the diameter is 0.8 meters is 291 MPa. 

7.1.2.2.4.1.2 Top	  View	  Shear	  Panels	  Analysis	  
In calculating the shear stresses in the shear panels, the shear flows are needed to accurately 
show where the highest shear stresses are being displayed. This is done by creating a set of 
equations known as the stringer equilibrium. 

 

Qx-Qy = −! ∙ ! ! ∙ !!
!!

 

Qx-Qy = −! ∙ ! ! ∙ !!
!!

 

 

Equation 7.1.2.2.4-2: These 
equations represent the 
stringer equilibrium where A 
is the given stringer area (1 
cm^2). This can be done with 
either axis giving the whole 
system of equations needed to 
calculate the shear flows 

 
Since in this top view there are eight stringers, there will be eight equations to solve for the eight 
unknown shear flows. By putting these stringer equilibrium equations into an eight by eight 
matrix, row reduction can solve each of these shear flow Q values. 

By repeating this process for each increment, as done for the stringer axial stress, a plot can be 
obtained for the shear stresses from the shear flows. 

 



 

 
Figure 7.1.2.2.4-4: A graph of the shear stresses that are calculated from each axis that vary 
going from the bottom of the crew module to the top of the crew module where the diameter is 
0.8 meters. As the results of this graph show, the highest shear stress is where the diameter is 0.8 
meters. 

To verify that the shear flows for the top view of the crew module are correct, the shear flows 
must satisfy another equation. This equation is the twist angle per unit length, the shear flows 
sum must be equal to zero. 
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Equation 7.1.2.2.4-
3: The Twist Angle 
per Unit length that 
the shear flows 
must obey. Since 
the sides and 
thickness are 
constant throughout 
the shear flow 
diagram, this 
simplifies to the 
sum of the shear 
flows being equal to 
zero. 
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After verifying that the shear flows are correct, the result is the highest shear stress that is found 
on top of the crew module is 100.1 MPa. The shear flow diagram and the shear stress diagram of 
these results for the top view of the crew module are shown below. 

 
Figure 7.1.2.2.4-5 Diagram of the resulting shear flows given the highest numerical case where 
the diameter of the crew module is 0.8 meters. The highest flow seen here is 450.4 kN/m 

 
To calculate the shear stresses associated with the following shear flows, the thickness of the 
shear panels needs to be taken into consideration as well as the safety factor. 
 

 
Shear Stress = 

!
!
SF 

 

Equation 7.1.2.2.4-4 The shear 
stress that is calculated from 
the shear flow by dividing the 
thickness (0.9 centimeters) 

 
Once the shear stress has been calculated for each shear flow, the shear stresses can be displayed 
and shown for the stringer and panel model for the top view of the crew module for a thickness 
of 0.9 centimeters. 



 
Figure 7.1.2.2.4-6 The shear stresses for the stringer and panel model for the top view of the 
crew module for the diameter of 0.8 meters 

7.1.2.2.5 Side	  View	  Stringers	  and	  Panels	  Analysis	  of	  the	  Crew	  Module	  

7.1.2.2.5.1 Side	  View	  Stringers	  Analysis	  

 

There are twelve stringers represented in this model to simulate them acting as hoops for the 
crew capsule if looked at a side view. Calculating the center of gravity and using it as a result for 
the axial stress for the stringers. 

  

Figure 7.1.2.2.5-1: Side view of the stringer and panel configuration for the crew module 
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Equation 7.1.2.2.5-1 The 
stringer calculating equation, 
except the z values will 
change quite a bit from the top 
view of the crew module 

 

The resulting max axial stress that the side view of the crew module will encounter is 284 MPa, 
given that the safety factor is 1.5 

7.1.2.2.5.1.1 Side	  View	  Shear	  Panels	  Analysis	  
To calculate the shear flows for the side view of the panels, the stringer equilibrium equation is 
set up as constraints. 

 
Qx-Qy = −! ∙ ! ! ∙ !!

!!
 

Qx-Qy = −! ∙ ! ! ∙ !!
!!

 

Equation 7.1.2.2.5-2: Stringer 
Equilibrium constraints that 
are employed to calculate the 
shear flows for the side view 
of the crew module. 

 
For the side view of the crew module, since there are twelve stringers, this in turn creates twelve 
shear flows. The matrix to solve for all the shear flows is a twelve by twelve matrix that is 
checked by the angle per twist unit length equation below. 
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3: Twist angle per 
unit length 
equation for the 
side view of the 
crew module. 
Since the sides are 
not constant, the 
twist per angle unit 
length cannot be 
simplified unlike 
the top view of the 
crew module 
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The shear flows once calculated and verified by the twist angle per unit length equation are 
shown below. 



 
Figure 7.1.2.2.5-2 Shear flows for the side view of the crew module 

To get the shear stresses for the side view of the crew module, the shear flow is divided by the 
thickness of each panel. 

 
Shear Stress = 

!
!
SF 

Equation 7.1.2.2.5-4: 
Converting the shear flow to 
shear stress 

 

The maximum shear stress of the side view of the crew module with a safety factor of 2 is 49.2 
MPa.  

 
 

 
Figure 7.1.2.2.5-3 The shear stress diagram of the side view of the crew module 

7.1.2.2.6 Inner	  Envelope	  
The inner envelope is the compartment of the crew module is the pressurized environment where 
the crew will spend the duration of the mission. The inner envelope is pressurized to nine pounds 
per square inch. 



 
Figure 7.1.2.2.6-1 The inner envelope of the crew module where the crew will sit 
 

Since the inner envelope is pressurized, the radius of curvatures had to employed as to create a 
sturdy environment so the inner envelope would not fail. The following table displays what the 
radius of curvatures are based on the characteristics of this inner envelope design. 
 

Table 7.1.2.2.6-1: Major to minor axis ratio of various parts of a pressure vessel design to 
determine the radius of curvature 

 
*Brownell, Lloyd Earl, and Edwin H. Young. Process Equipment Design: Vessel Design. New 
York: Wiley, 1959. Print. 

 
In determining the thickness of the inner envelope, the Euler buckling equation treated as a 
cylindrical component was used.   
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Equation 7.1.2.2.6-
1 Euler Buckling 
Formula used to 
calculate the 
thickness 
necessary for the 
inner envelope 
with worst case 
error analysis 

 

 

Using this buckling equation along with the worst case error analysis made the thickness of the 
inner envelope nine centimeters. 

7.1.2.2.6.1 	  Inner	  Envelope	  Pressure	  Stresses	  
To calculate the internal stresses that the nine pounds per square inch environment would do to 
the inner envelope, the hoop stress and axial stress need to be calculated. 
 !!""# =

!"
! ∙ cos! 

!!"#$% =
!"

2! ∙ cos! 

Equation 7.1.2.2.6-2 The hoop 
stress and axial stress 
equations for a cone with 
pressure P and a half cone 
angle α 

Since these stresses vary directly with the radius, the greatest amount of pressure stress will 
occur on the bottom of the crew module. The resulting hoop stress and axial stress at the bottom 
respectively is 16 MPa and 8 MPa 

7.1.2.2.7 Material	  Analysis	  
For satisfying the yield and ultimate strengths that the various loads have given to the crew 
module, a material study was done to pick the best material for the job. The following graphs and 
table below demonstrate the various strengths and properties of these materials. 



 

 

 
 

 

 
Table 7.1.2.2.7-1 Characteristics of specific materials with their associated densities, yield 
strength, ultimate strength and shear strengths in MPa 
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Figure 7.1.2.2.7-1: Graph of the various material densities and their associated shear strengths 

Figure 7.1.2.2.7-2: Graph of the various material densities and their associated yield 
strengths 



 

 

Sources :"Online Materials Information Resource - MatWeb." Online Materials Information 
Resource - MatWeb. N.p., n.d. Web. Apr. 2013. <http://www.matweb.com/>. 

Dally, James W., and Robert J. Bonenberger. Mechanics of Materials. Knoxville, Tennessee: 
College House Enterprises, LLC, 2010. Print. 



7.1.2.2.8 Outer	  Envelope	  	  Material	  Analysis	  
 

Table 7.1.2.2.8-1: Outer Envelope crew module mass results 

Technique Load (kN) Material Chosen Thickness (cm) Mass (kg) 

Conical Design 353 Aluminum 6063-T6 1 1142 

Frustrum single 
material 710 Aluminum 6061-T6 1 1111 

Stringers   
Aluminum 6063-
T835 1 cm^2 8.1 

Shear Panels 710 Aluminum 6061-T6 0.9 998.4 

    
1006.5 

 

Picking the right material for the outer envelope while employing the stringer and panel 
technique has saved almost one hundred kilograms of mass while being able to endure the loads 
with the given safety factors. 
 

7.1.2.2.8.1 Outer	  Envelope	  Thermal	  analysis	  
The outer envelope, as discussed in the beginning will experience a wide range of temperatures 
from 250 to 500 Kelvin for the duration of the mission. This affects the yield strength and 
ultimate strength of the material.  
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7.1.2.2.9 	  Inner	  Envelope	  material	  and	  mass	  analysis	  
The material chosen for the inner envelope to withstand the hoop and axial stress is Aluminum 
6061-T6. Following the nine centimeter thickness for this part of the crew module and the 
material density of 2700 kg/!!, the mass of the inner envelope is 625 kg. 

7.1.2.2.10 Mission	  Critical	  Components	  
Structural analysis was done on some of the most important sections of the capsule. We focused 
on the two components that the crew would need the most for survival: the window and hatch. If 
any of these parts of the capsule fail, the mission would be compromised. Therefore, we sought 
out sufficient margins when designing these components. However, considering the materials 
used for these components and the logistics of their dimensions, the margins of safety for the 
window and door were significantly higher than the rest of the module. 

7.1.2.2.10.1 Capsule	  Window	  
The capsule window will be the shape of a square with rounded edges on the opposite side of the 
capsule, its top parallel to the top of the hatch. It is 0.5 meters by 0.5 meters and 5 cm thick. The 
window will be constructed with of fully tempered glass. The window will be resisting 
pressurization loads from the inner hull as well as the same axial loads on the entire capsule. 
 
The stress in the window caused by the pressurization in the inner envelope can be calculated by, 
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!!!!
!!"#$$

 

 
Where pi is the pressure in the inner envelope, ri is the outer radius of the inner envelope, and 
tglass is the thickness of the glass. With a pressure of 9.5 psi, a radius of 1.4 m, and a thickness of 
5 cm, the stress in the window would be 1.83 MPa. With a pressure-resistive strength of 65 MPa 
and a factor of safety of 2, the pressurization margin of safety for the window is 34.4. 
 

The stress in the window caused by the maximum axial load on the window in the situation of a 
launch abort can be calculated by, 
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Figure 7.1.2.2.8-1 Graph of the changing yield strength and ultimate strength versus the Stress. 
Each temperature is the material being exposed to it for 1000 hours 

Online Materials Information Resource - MatWeb." Online Materials Information Resource - 
MatWeb. N.p., n.d. Web. Apr. 2013. <http://www.matweb.com/>. 

 



Where Pw is the load along the wall of the capsule and Ac is the cross-sectional area of the 
window perpendicular to the wall. With a load of 640 kN and a cross-sectional area of 250 cm2, 
the stress in the window would be 25.6 MPa. With a tensile strength of 200 MPa and a margin of 
safety of 2, the tensile stress margin of safety for the window is 2.9. 

 
We expected the margins for the window to be larger than the rest of the capsule. Given the 
necessity of the tempered glass that we are using for the window given the thermal conditions the 
capsule will be experiencing throughout the mission, these margins will be acceptable as the 
window does not add much mass to the system as a whole. With a density of 2420 kg/m3, the 
mass of the window is 30.25 kg.  

7.1.2.2.10.2 Glass	  window	  crack	  analysis	  
To determine the crack size in which the window will fail, the critical crack equation is 
necessary to figure out the crack size in which this will happen. 
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Equation 7.1.2.2.9-1: Critical 
crack equation where !!is the 
stress the glass experiences 
and !!" is the material fracture 
toughness 
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For the window to not fail, the crack cannot be bigger than 0.3 millimeters, or else the window 
will fail due to crack pressure failure. 

7.1.2.2.10.3 Capsule	  Door	  
The door will be approximately 0.909 meter by 1.06 meters in size. Located between two of the 
structural rings and stringers for the structural design of the outer envelope, the bottom of the 
hatch will begin at the bottom of the conical section of the inner envelope (The door sweeps an 
angular length of 42o on the capsule while the stringers are separated by an angle of 45o). Fitting 
through both the inner and outer envelopes, the door will be 10 cm thick and constructed out of 
the same 6061 T-6 aluminum alloy as the rest of the capsule. The door will be resisting 
pressurization loads from the inner hull as well as the same axial loads on the entire capsule. 
 



The door will be mounted on the capsule on hinges along its left neighboring stringer. Opening 
outward from the inside, the area of the opening is expected to be sufficient for a 95th percentile 
male to easily maneuver through. Further human factors testing will be done when the capsule is 
manufactured to confirm this.  

 
Using the same equations as with the window situation, where instead of twall you use the 
thickness of the door and Ac is the cross-sectional area of the door, we can calculate the stresses 
in the door. With a door thickness of 10 cm, the pressurization stress in the door is 917 kPa, with 
a safety factor of 1.5 corresponding to a margin of 124. With a cross-sectional area of 1060 cm2, 
the tensile stress in the door is 6 MPa, with a safety factor of 1.5 corresponding to a margin of 
18. 
 

The margins of safety on the door, as with on the window, are considerably high. However, the 
distance between the inner and outer envelopes fixes the dimensions of the door, and best heat-
treated material we can use, as we found from our analysis before, is aluminum. The best we can 
do to reduce mass is change the material to a slightly less dense alloy, 6063 T-6 aluminum. The 
mass would for the door with this material is 258 kg. 

7.1.2.2.11 Margins	  of	  Safety	  
The margins of safety for the crew module are noted in the table below. 

Crew Module 
Part Stress Load (Mpa) Material Chosen Strength (Mpa) 

Safety 
Factor 

Margin of 
Safety 

Outer Envelope          

Stringer 291 (Axial Load) Aluminum 6063-T835 1.5 0.039 

Shear Panel 101 (Shear Load) Aluminum 6061-T6 2 0.860 

Inner Envelope 60 (Axial Load) Aluminum 6061-T6 1.5 0.500 

Door 6 Aluminum 6061-T6 1.5 18.000 

Window 25.6 Tempered Glass 2 34.400 

 

7.1.2.3 Atmosphere	  Design	  (Dylan	  Carter)	  
The design of the cabin atmosphere is driven mainly by crew safety and comfort. On Earth, the 
atmosphere is composed almost entirely of nitrogen (78% N2) and oxygen (21% O2), with trace 
amounts of water, carbon dioxide, and metabolically inert gasses. This composition varies 
somewhat with altitude, as does the total atmospheric pressure; at sea level, this pressure is about 
14.7 psi. Humans can safely tolerate a wide range of atmosphere designs, but the artificial 
atmosphere of a spacecraft is tightly constrained by a number of factors. 

  



 

7.1.2.3.1 Restrictions	  on	  the	  Design	  Region	  
 

Limits	  of	  the	  Human	  Respiratory	  System	  

The primary constraint is imposed by the respiratory system. At sea level on Earth, the 
atmospheric partial pressure of O2 is approximately 3.09 psi. Humans are capable of tolerating a 
narrow range of pressures around this value without potentially dangerous side effects 
An atmosphere is hyperoxic if it contains more O2 by pressure than sea level conditions, and 
hypoxic if it contains less O2. For severely hyperoxic and hypoxic atmospheres, humans can 
experience dizziness, hallucinations, physical impairment, and unconsciousness or death. Due to 
the constraints imposed by the flammability and risk of decompression sickness (to be discussed 
below), we will see that low-pressure hypoxic atmospheres are ideal for the Crew Module. 
Therefore we will consider only the effects of hypoxia. The physical effects at varying levels of 
hypoxia are given below. 

 
Figure 7.1.2.3.1-1: Effects of Hypoxia (HIDH, 2010) 
From this we can see that the cabin atmosphere design must provide an O2 partial pressure of PO2 
≥ 2.65 psi. This will ensure that the crew’s performance is not impaired by hypoxia during 
normal operations. NASA standards require that for operations longer than two weeks, like those 
involving the Crew Module, the atmosphere must be diluted with inert gas like N2 (NASA-STD-
3001 V2, 2011). Therefore, in addition to atmospheric O2, the Crew Module atmosphere will 
contain N2 gas.   

Decompression	  Sickness	  (DCS)	  

The next constraint is imposed by the transition to the low-pressure, high-O2 EVA suit. When the 
atmosphere contains metabolically inert gasses like N2, these gasses dissolve into the body’s 
tissues. If the ambient pressure changes rapidly, the concentration of dissolved gas will equalize 



to the new pressure over time. This can be dangerous, as bubbles of escaping N2 can form in the 
tissues and bloodstream, causing headaches and fatigue, or even unconsciousness or death. In 
order to prevent this, the partial pressure of ambient N2 must be low enough to reduce the size 
and growth of bubbles; even then, astronauts may need to first breathe pure oxygen for some 
time to safely remove some N2. 
A common safety metric used is the “R-value”; this is the ratio of nitrogen tissue tension to the 
total ambient pressure, denoted by R. The Haldane equation is commonly used to calculate 
nitrogen tissue tension Ptissue after t minutes of entering a low-pressure environment from a cabin 
of total pressure P and volumetric nitrogen concentration QN2. Assuming that CO2 and H2O are 
of negligible concentration in the suit, this equation is given below: 
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) 

7.1.2.3.1-1 

T1/2 is the half-time (time required to remove half of the dissolved gas) of the tissue model used; 
often T1/2 = 360 minutes in human tissue models (Scheuring, 2007). The suit operates at 100% 
O2 and total pressure 4.3 psi: Psuit,N2 = 0, Psuit = 4.3 psi. Thus the R-value, defined as the ratio of 
Ptissue(t) to Psuit, is simplified as follows: 

 !(!,!!!, !) =   
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!!"(!)!"# ! 7.1.2.3.1-2 

Because time is critical on such short missions, it is important to reduce the partial pressure of 
ambient N2 as much as is feasible. For the Crew Module, 30 minutes of pre-breathe time can be 
allotted to the crew members prior to EVA to allow safe removal of N2. According to Section 
14.2.2.9 of NASA-STD-3000, safe R-values for nominal EVA are 1.4 or less (NASA-STD-3000 
V1, 1995), although past missions and standards have defined safe values as high as 1.65 (HIDH, 
2010). All vehicle designs for this program will be chosen such that the allotted pre-breathe time 
is enough to bring the R-value below 1.4. 

Flammability	  Risk	  

The atmosphere is further limited by non-metabolic safety concerns. Large concentrations of O2 
pose a significant flammability risk. For the Crew Module, the atmosphere will be diluted with 
N2, as it is on Earth. Special considerations for fire protection and prevention must be made for 
atmospheres containing an O2 concentration of QO2 > 30%, as outlined in Section 6.6.2a of the 
NASA Man-Systems Integration Standards. For this reason, concentrations in this range are 
generally considered unsafe for nominal cabin design. The Crew Module will adhere to this 
standard. 

7.1.2.3.2 Atmosphere	  Selection	  
 

Safe	  Design	  Region	  

The graph below illustrates a sample design space as constrained by the above requirements. 
Designs of previous manned spacecraft atmospheres are included for reference. The DCS risk 
curves shown are for 60 minute pre-breathe at various suit conditions. These provide a reference 
for the effect of pre-breathe on EVA R-value. 



 
Figure 7.1.2.3.2-1: Design Region for Spacecraft Atmosphere (HIDH, 2010) 

Analysis	  and	  Design	  of	  Atmosphere	  

Using the Haldane equation and the requirement that R ≤ 1.4 after 30 minutes of pre-breathe, we 
see that the partial pressure of N2 in the cabin is constrained by PN2 ≤ 6.38 psi. Furthermore, due 
to the intersection of the hypoxic and flammability limits, we see that the total cabin pressure 
must be P ≥ 8.4 psi. With O2 concentration limited to QO2 ≤ 0.3, we see that QN2 ≥ 0.7 and 
therefore the partial pressure of N2 is further constrained to PN2 ≥ 5.89 psi. 
Now, for QO2 ≤ 0.3, these limits on PN2 correspond to a PO2 design range of 2.52 psi ≤ PO2 ≤ 2.73 
psi. Recall that the acceptable limit for hypoxia is PO2 ≥ 2.65 psi; thus we replace the lower limit 
on PO2 with this value. 
Note that this severely constrains our choice of QO2: keeping this lower limit fixed at 2.65 psi 
and the upper limit of PO2 defined as 6.38(QO2/QN2), the upper limit coincides with the lower 
limit at just QO2 = 0.294. Thus for simplicity and lowest DCS risk, we choose QO2 = 0.3. 

The total pressure is thus constrained to 8.83 psi ≤ P ≤ 9.11 psi. Larger pressures better 
approximate Earth’s atmosphere and offer better cabin comfort and performance, but lower 
pressures reduce DCS risk and thus improve EVA performance. Weighing both of these factors 
equally, and allowing margin on either side for fluctuations in actual cabin conditions, we choose 
a total pressure of 9.0 psi. 
The results of this choice on various comfort and safety considerations are analyzed in the table 
below. Note that this atmosphere design meets or exceeds all safety requirements. 
  



 
Table 7.1.2.3.2-1: Analysis of Safety Metrics in 9.0 psi, 30% O2 Crew Module Atmosphere 

 Metric Value Result and Acceptability 

Partial Pressure of O2 PO2 = 2.7 Above lowest acceptable value; within safe 
design region for spacecraft atmosphere 

Decompression Sickness R = 1.38 Acceptable by NASA safety standards 

Flammability Risk QO2 = 0.3 Maximum safe value by NASA standards 
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7.1.2.4 Internal	  Cabin	  Sizing	  (Dylan	  Carter)	  

7.1.2.4.1 Sizing	  Requirements	  
In the interest of minimizing the vehicle mass, the Crew Module must be as small as possible, 
while still providing sufficient habitable space for the crew. This space is constrained by a 
number of requirements, including body and suit dimensions, comfort requirements, and storage 
space for consumables. All estimates for human size and metabolic requirements here assume the 
crew is composed of 95th percentile males. 

Human	  Dimensions	  

The standing dimensions of the 95th percentile male are given below. 
 



 
Figure 7.1.2.4.1-1: Dimensions of the 95th Percentile Male in 1g 

Note that in partial- and micro-gravity, stature increases due to the lengthening and straightening 
of the spine. Therefore accommodations must be made beyond the nominal size of the 95th 
percentile male crew member. 

Sleeping	  Arrangements	  

The crew will sleep in the chairs provided, so the floor will require sufficient space to 
accommodate both crew members. When deployed in the lunar sleeping configuration (flat on 
the floor, taking up maximum floor space), the custom chairs designed for the Crew Module 
each require a floor space of approximately 2.2 meters by 0.74 meters. While this provides 
approximately 0.24 m of head- and foot-room, crew privacy and comfort dictate that an 
additional lateral margin must be provided for sleeping. Therefore, an additional margin of 
approximately 0.1 m shall be provided between the crew members, and between each crew 
member and the boundary of the living space. Finally, to fit this rectangular region into the 
circular cross-section of the Crew Module, we must design the internal cabin to have a circular 
base of diameter 2.843 meters. 



 
Figure 7.1.2.4.1-2: Dimensions of the Crew Module Floor Space 

Cabin	  Height	  and	  Ingress/Egress	  

In order to accommodate the crew while standing, the internal cabin must have sufficient height 
to allow motion around the cabin in lunar gravity, as well as providing space to don their suits. 
For this reason, the cabin height must be no less than 2.4 meters. 
Due to the conical shape of the Crew Module, the internal cabin will be designed as a lower 
cylindrical region with an upper conical region, with half-cone angle 25o. This provides space in 
the unpressurized region between the outer cone and inner cylinder for hazardous propellants and 
cryogenics, while ensuring sufficient space for sleeping and habitation. Due to this shape, the 
hatch must be placed in the upper conical region, which lies tangent to the outer shell. The 
cylindrical region will occupy the lower 1 meter of the Crew Module to ease access to the hatch. 

Cabin	  Dimensions	  

We can apply these constraints to determine the overall dimensions of the pressurized cabin. 

Hatch 

Landing Window 

Component Storage 
Crew 
Couches 



 
Figure 7.1.2.4.1-3: Dimensions of the Pressurized Cabin 

The rounding of the cabin corners is necessary to reduce stress on the structure; see Section 
7.1.2.2 for more information about the structural analysis of the cabin. 

7.1.2.4.2 Division	  of	  Space	  in	  the	  Cabin	  
Using this schematic, we can calculate the total volume of the internal cabin. In this estimation, 
we will ignore the rounded corners for simplicity; however, we must keep in mind that our 
results will be slightly larger than anticipated. Therefore, we can calculate the total cabin volume 
to be about 11.8 m3. 
We will define the region bounded by the ceiling and the “crew access boundary” (as defined in 
Figure 7.1.2.4.1-2) as the region of open habitable space for the crew; the remaining volume will 
be allocated to storage of consumables and other equipment. 



 
Figure 7.1.2.4.2-1: Division of Space in the Crew Module Cabin 
Using this definition, we can calculate the volume of the two regions. The living space has a total 
volume of approximately 8.6 m3, and therefore the storage space occupies the remaining 3.2 m3. 

Open	  Living	  Space	  

Finally, we must check that this provides sufficient space for mobility and comfort of the crew. 
This can be estimated for missions of varying length using Celentano curves, defined as follows 
for a mission of length t days (Akin, 2012): 
 ! = !(1− !!

!
!") 7.1.2.4.2-1 

The parameter A is a comfort parameter; choosing A = 5 gives the minimum tolerable volume, 
while A = 10 gives the nominal performance value, and A = 20 gives the optimum comfortable 
volume.  

Therefore, to obtain a volume of 4.3 m3 per crew member over a 17-day mission, we must use a 
comfort parameter of A = 7.5. This falls just between the tolerable and performance regions. 
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7.1.2.5 Oxygen	  and	  Nitrogen	  Supply	  (Dylan	  Carter)	  

7.1.2.5.1 Requirements	  for	  Atmosphere	  Supply	  
Maintaining a consistent atmosphere in a spacecraft involves a great deal of contingency 
planning. Atmosphere components can be depleted in many ways, including leakage, EVA 
depressurization, O2 consumption, EVA pre-breathe, and more. Furthermore, because many of 
these losses are difficult to predict, like cabin leakage, or vary with crew, like O2 consumption, a 
significant amount of analysis and planning is required to ensure mission success. 



Cabin	  Atmosphere	  

The pressurized cabin has a theoretical volume of 11.8 m3. Some of this space is reduced by 
rounding the corners to reduce structural stress, and some is occupied by storage materials. For 
this reason, we will use a reduced V = 10.0 m3 when estimating the mass of atmosphere in the 
cabin. Recall that the atmosphere has P = 9.0 psi = 62.0 kPa, and the nominal temperature is T = 
72o F = 295.4 K: 
 

! =
!"
!" =

62.0  !"# (10.0  !!)

8.314   !"
!"#$  ! (295.4  !)

=   0.252  !"#$ 
7.1.2.5.1-1 

We can use this to determine the mass of each component of the atmosphere. As determined in 
7.1.2.1, the atmosphere is divided into QO2 = 30% and QN2 = 70%. We can use the concentration 
Q, with the molar mass in kg/kmol m, to find the mass as follows: 
 !!"# = !"# 7.1.2.5.1-2 

O2 has a weight of mO2 = 32 kg/kmol, and N2 has a weight of mN2 = 28 kg/kmol. At the 
volumetric concentrations for this atmosphere, we can determine the masses. The cabin 
atmosphere will therefore consist of masses Mcab,O2 = 2.43 kg and Mcab,N2 = 4.95 kg. 

Decompression	  for	  EVA	  

There are two main options for decompressing the cabin: either the atmosphere is harvested and 
stored by a vacuum pump prior to opening the hatch, or the atmosphere is simply vented from 
the cabin. Harvesting the atmosphere requires additional sensors, a vacuum pump, and a tank for 
pressurized storage of the atmosphere. The mass of these components must be compared to the 
equivalent total mass of the lost atmosphere (six times the mass of the cabin atmosphere) to 
determine whether it is worth it to harvest the atmosphere. 
The mass of a vacuum pump can be estimated from the mass of existing commercial vacuum 
pumps. Vacuums that can pump the cabin down within an hour generally fall within the range of 
75-100 kg (Abbess); while this time is not feasible for our applications, this mass will suffice as 
an estimate for a depressurization pump. Furthermore, the mass of a pressurized air tank for 
space applications can be estimated as twice the mass of the air it contains (Akin, 2012). Finally, 
we must consider that the entire cabin atmosphere cannot be entirely harvested; as the pressure 
drops during depressurization, it becomes increasingly difficult and time-consuming to remove 
the remaining air. We will assume that 10% of the atmosphere will be wasted in this way. 

Table 7.1.2.5.1-1: Comparison of Decompression Methods for EVA 

 Harvesting Atmosphere Venting Atmosphere 

Atmosphere Lost 5.17 kg 51.66 kg 

Tank Mass 92.99 kg N/A 

Vacuum Pump 75.00 kg N/A 

TOTAL 173.15 kg 51.66 kg 

As we can see, the total mass required to harvest the atmosphere is significantly larger than the 
mass of the atmosphere saved. Therefore, the lowest mass can be achieved by simply venting the 
atmosphere on each EVA. In order to re-pressurize the cabin, the Crew Module will carry the re-



pressurization mass calculated in the table above, equivalent to six full pressurizations of the 
cabin. In addition, mass for a single additional emergency EVA will be included. 

Decompression	  for	  Fire	  

In the event of a fire in the cabin, some oxygen will be consumed by the fire, and the fire 
extinguisher will fill the cabin with a potentially dangerous level of CO2. The design of the CO2 
scrubbing system (7.1.2.6.1) will account for full removal of this CO2, and in this case the crew 
has the option of breathing through the 100% O2 pre-breathe mask until CO2 reaches safe levels. 
Depending on the severity, it may be necessary to fully vent the atmosphere to extinguish the 
fire. Therefore, the worst-case fire scenario involves the loss of the entire cabin atmosphere. To 
account for the double-point failure tolerance requirement, the Crew Module will contain 
sufficient additional O2 and N2 supplies to fully re-pressurize in the event of two severe fires or 
leaks. 
Therefore, including the seven pressurizations listed above, the Crew Module will carry the 
necessary supplies of O2 and N2 to completely re-pressurize the cabin nine times: 
 !!"#!"$$ =   9!!"# 7.1.2.5.1-3 

Based on the cabin atmosphere mass determined above, we can see that the repressurization 
masses are Mrepress,O2 = 21.83 kg and Mrepress,N2 = 44.56 kg. 

Cabin	  Leakage	  

Though it is very difficult to quantify, there will certainly exist some degree of atmospheric 
leakage from the cabin on a real mission. Because securing the cabin against leakage is mission-
critical, we can assume that all necessary steps are taken to reduce this leakage as much as 
possible. We will assume here that leakage will not exceed 1% of the cabin atmosphere per day. 
 !!"#$ =    (0.01  !"#!!)(17  !"#$)!!"# 7.1.2.5.1-4 

From this definition and the known mass values for the cabin atmosphere, we can see that 
Mleak,O2 = 0.41 kg and Mleak,N2 = 0.84 kg. 

Crew	  Consumption	  

For the 95th percentile male, O2 consumption is approximately 1.11 kg/day (Lange, 2002). The 
EVA suit life support system will be replenished from the Crew Module O2 supplies. Therefore, 
over the 17-day mission: 
 

!!"#$,!! = 1.11  
!"

!"#$ ∗ !"# 17  !"#$ 2  !"#$ =   37.74  !" 
7.1.2.5.1-5 

Mass	  Totals	  

In order to account for unpredictable fluctuations in metabolic requirements, increased O2 
consumption during periods of increased physical activity, and leakage into the cabin from pre-
breathe tanks, we will include a further margin of safety MS = 30% of all O2 supplies. There will 
be no extra margin for N2, because N2 is not subject to the same unpredictability. 

Therefore, we can define the “nominal mass” Mnom as the mass of atmosphere supplies carried by 
the Crew Module to account for the above sources of atmosphere loss: 

 !!"# =    (1+!")(!!"# +!!"#!"$$ +!!"#$ +!!"#$) 7.1.2.5.1-6 



From this we see that our nominal masses are Mnom,O2 = 81.12 kg and Mnom,N2 = 50.35 kg. 

7.1.2.5.2 Storage	  of	  Cryogenics	  for	  Atmosphere	  Supply	  
Cryogenics offer several advantages over other methods. Pressurized storage requires larger, 
more massive tanks due to pressure loads, and is therefore not mass-optimal for this application. 
Electrolysis of water requires significantly more power than vaporization of cryogenics to 
separate the O2, and requires a larger mass of water to provide the equivalent mass of oxygen; in 
any case, another system must also be chosen to supply the N2 to the cabin. Generation of O2 
from solid perchlorates like LiClO4 is significantly heavier than any other method. 

For the Crew Module, we will use cryogenic tanks in the cold unpressurized region to store the 
O2 and N2 in liquid form. This offers the most mass-efficient method at a reasonable volume and 
power. 

Boil	  Off	  of	  Cryogenics	  

Because we are using cryogenic storage, some of the O2 and N2 will boil off and need to be 
vented to avoid rupturing the tank. The resupply system will be running nearly constantly over 
the mission, and so most boiled gas will simply be redirected to the cabin. However, we will 
assume that whatever gas boils off is additional to the other sources of resupply, as the tanks are 
to be stored in the unpressurized region. 
Based on data for existing commercial cryogenic tanks, we see that at standard Earth storage 
conditions, boil off is about 1.5% per day (Taylor-Wharton, 2011). However, other estimates for 
cryogenics stored in orbit, where there are fewer sources of heat, place boil off as low as 0.016% 
per day for O2 (Dunn, 2001). These tanks will be stored in the cold unpressurized region, but will 
be connected structurally to the warm cabin. For the Crew Module crew oxygen supplies, we 
will estimate boil off as 0.25% per day. We will provide an additional mass of Mboil so that after 
17 days, the remaining mass equals the nominal mass Mnom we have already calculated. 

 !!"# =    (1− 0.0025)!"(!!"# +!!"#$) 7.1.2.5.2-1 

In order to prevent this mass from boiling off, we must supply the Crew Module with additional 
masses of Mboil,O2 = 3.52 kg and Mboil,N2 = 2.19 kg. 

Cryogenic	  Tanks	  
The cryogenic tanks for O2 and N2 must fit in the region between the inner cabin and the outer 
shell; for this reason, multiple tanks will be required. A tank of approximate diameter 30 cm and 
height 50 cm will fit in this space, and has approximate volume Vout = 35 L. 

The total volume of O2 and N2 that must be stored is found by dividing the total mass by the 
density in liquid phase. The density of liquid O2 is approximately 1.141 kg/L, and the density of 
liquid N2 is about 0.807 kg/L; this gives us total volumes of VO2 = 74 L and VN2 = 65 L. These 
tanks will be too large to fit in the required space, so the volumes will be divided among multiple 
smaller tanks. 
To estimate the external volume and mass of cryogenic tanks, we can estimate using existing 
commercial products. Taylor-Wharton, a supplier of cryogenic tanks of all sizes, produces a line 
of tanks in approximately the size we require. For each tank, the tank thickness can be estimated 
by calculating the external volume using the dimensions provided, then subtracting the internal 



capacity to obtain the material volume. Divide this by the surface area, again obtained using 
provided dimensions, to estimate the average thickness of the material. 

The below graphs show the best fit to the mass and thickness of a cryogenic tank, in the region of 
our required volume, as a function of the internal capacity. These will be used to estimate 
properties of our custom tanks. 

  
Figure 7.1.2.5.2-1: Tank Thickness and Mass (Based on Taylor-Wharton LD Series) 
First we must determine the number of tanks necessary to fit the required volume of 
consumables into the given region. Using the approximate size of the tank Vout = 35 L, and 
assuming the tank is evenly thick throughout, we can work backwards to find the internal 
capacity Vint (in L) of this tank using the below equation, where t is the thickness as defined 
above for internal volume Vint. 

 !!"# = ℎ!"#!!!"#! = ℎ!"# − 2! ! !!"# − ! !(
1  !

1000  !"!) 
7.1.2.5.2-2 

Working backwards from these definitions and the approximate size of the envelope, a tank of 
this size has an approximate internal capacity of Vint = 17 L. We can distribute the required VO2 = 
74 L and VN2 = 65 L, with slightly larger O2 tanks, and therefore fit the required amount of both 
O2 and N2 in four tanks each. 

Each tank will therefore contain an internal volume of V/4; using this definition, we can calculate 
the tank thickness. Assuming a constant tank radius, and using the known internal capacity and 
uniform thickness, we can then determine the required external tank height. 
We can use this method to calculate the tank dimensions and mass. O2 tanks will have an internal 
capacity of 18.5 L, and thus have a thickness of 3.90 cm; each cylindrical tank will have 
diameter 31.0 cm and height 51.6 cm, and will have mass 8.19 kg. 
Similarly, N2 tanks will have an internal capacity of 16.3 L, and a thickness of 3.73 cm. Each 
tank will have diameter 30.0 cm and height 48.3 cm, with mass 7.45 kg. 

7.1.2.5.3 O2	  and	  N2	  Systems	  Summary	  
The table below lists the masses of each source of O2 and N2, and the tank mass required. 
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Figure 7.1.2.5.3-1: Mass of Supplies and Tanks for O2 and N2 Resupply System 

 O2 System Mass (kg) N2 System Mass (kg) 

Ambient Atmosphere 2.43 4.95 

Repressurization 21.83 44.56 

Leakage 0.41 0.84 

Crew Consumption 37.74 0 

30% Margin 18.72 0 

Boil Off 3.52 2.19 

Tanks 8.19 x 4 7.45 x 4 

TOTAL 117.41 82.34 
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7.1.2.6 Air	  Revitalization	  Systems	  (Kevin	  Lee)	  

7.1.2.6.1 CO2	  Scrubbing	  System	  
Humans exhale Carbon Dioxide (CO2) as a product of respiration. A 95th percentile male 
produces approximately 1.32 kg of CO2 per day, depending on level of activity.[1] There are a 
variety of regenerable and non-regenerable methods for removal of CO2 from a space vessel 
were researched and compared using the following criteria: mass, power usage, TRL, and danger 
posed to crew health.   

Trade	  Studies	  

For two crew members the following figures were generated based on initial mass, and power 
estimates from Dr. Akin’s lecture notes.[1] 

 



  
Figure 7.1.2.6.1-1: Mass and Power for Many CO2 Scrubbers 

 

For our CM the design point to consider would be a 17-day mission.  Knowing that Lithium 
Hydroxide (LiOH) would likely be the simplest system because it is non-regenerable, systems 
with mass greater than LiOH were removed. Electrochemical Depolarization Concentration was 
removed because its cycle includes a combustible mixture which could pose a risk to crew.[1]  

  
Figure 7.1.2.6.1-2: Mass and Power for Select CO2 Scrubbers 

Comparison of the remaining systems required further research. The 2-Bed Molecular Sieve (2-
BMS) simultaneously filters out water which affects CO2 adsorption.[2] The 4-Bed Molecular 
Sieve (4-BMS) has only slightly lower mass than LiOH but has a very high power requirement. 
Solid Amine Water Desorption (SAWD) has never been flight-tested in space and requires 
power.[3] 
Lithium Hydroxide has the largest mass, but no power requirement and has a history of use in 
space. LiOH has been used aboard the Shuttle Orbiter, the Lunar Module, and as a backup on 
ISS. [4] Lithium Hydroxide was selected for the CM.  

Lithium	  Hydroxide	  
The sizing and volume of LiOH was done using stoichiometry and known canister specifications. 
The reaction that LiOH uses to remove CO2 is: 
 2  !"#$ + !!! → !!!!!! + !!! 7.1.2.6.1-1 [5] 
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To remove the 95th percentile male’s 1.32 kg of CO2 per day we need 1.44 kg of LiOH. This 
translates to 1.44 kg of LiOH/(person-day). Each canister contains about 3 kg of LiOH and 
weighs about 6 kg with a volume of 6L.[6] LiOH needed for any mission length can be 
determined, then the number of canisters, and finally the mass and volume of those canisters.  

For example: 
 1.44  !"  !"#$

!"#$ − !"# ∗ 2  !"#$ ∗ 17  !"#$ = 48.96  !"  !"#$ 
7.1.2.6.1-2 

 48.96  !"  !"#$
3  !"  !"#  !"#$%&'( = !"#$%  !"  !"  17  !"#$%&'(% 

7.1.2.6.1-3 

 

The total mass and volume of the CM’s required 17 canisters of LiOH are 102 kg and 0.102 m3. 
An additional consideration for using LiOH is the required airflow. Other space vehicles, such as 
the Shuttle Orbiter, have used the cabin fans to assure that air circulates through the LiOH 
canisters. However, if the air flow rate is too high there will not be enough time for the reaction 
to occur. In order to determine the flow rate required the Shuttle loop was considered. According 
to Shuttle ECLSS documents, the amount of air that passes through each LiOH is approximately 
55 kg/hr.[7] Since the mass flow rate and the atmosphere composition of the CM and Shuttle are 
similar, it is safe to use this design point. Further refinement of this mass flow rate would be 
possible through experimentation and more information about the canisters. An appropriately 
sized orifice between two LiOH canisters essentially limits the mass flow rate passing through 
them. 

7.1.2.6.2 Trace	  Contaminant	  Control	  (TCC)	  
The CM contains a trace contaminant control system that is designed to oxidize the key 
dangerous contaminants for a 2-crew 17-day mission. These contaminants had to be first 
identified and the results are shown. These results are followed by the specifications for the 
required system, the Ambient Temperature Catalytic Oxidizer (ATCO). 

Identification	  of	  Dangerous	  Contaminants	  

The Space Maximal Allowable Concentrations or SMAC’s from NASA serve as a guideline for 
acceptable trace contaminant levels.[8] The most crucial contaminants considered were those 
identified as key elements in past TCC tests and those created through human metabolic 
processes.  

Parts-per-million (ppm) designation is used as the main trace contaminant measurement. 
 

!!" =
!"##  !"  !"#$%&'#%#$

!"##  !"  !"#$%&'   !"#$%&ℎ!"! ∗ 10! 
7.1.2.6.2-1 

As an example, I first considered carbon monoxide. The NASA trace contaminant testing 
document states carbon monoxide production is 23 mg/(person-day).[9] Using this rate and 
taking into account our CM atmosphere and crew size to get contaminant concentration in ppm 
yields Figure X.  



 
Figure 7.1.2.6.2-1. Risk of Concentration of Carbon Monoxide in CM 

 

After just few days CO levels exceed SMAC and must be removed from the atmosphere.  
The table lists each contaminant with its SMAC for long term exposure, production rate, and 
maximum level after 17-days. 
 

Table 7.1.2.6.2-1. Key Contaminants and Risk for CM [8][9] 

Contaminant SMAC 
(ppm) 

Production 
Rate 
(mg/(person-
day)) 

2 Crew, 17-
day 
Maximum 
(ppm) 

Carbon Monoxide 10 23 106 

Methane 5300 160 737 

Acetone 22 0.2 0.92 

Ethanol 1000 4 18.4 

Methanol 7 1.5 6.9 

Ammonia 10 321 1479 

n-butanol 40 1.33 6.13 

 
Only CO and Ammonia exceed SMAC levels. However, the value for Ammonia under 
Production Rate is mostly excreted though the Urea cycle to Urea which does not get released 
into the cabin atmosphere. Although Methanol reaches values close to SMAC, the CM uses full 
re-pressurization during EVAs and has spare re-pressurizations. When the capsule reaches the 
lunar surface full depressurization will occur during EVA’s. In case the CM does not make it to 
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the lunar surface or EVAs cannot occur we can use the spare re-pressurizations to remove trace 
contaminants in an emergency situation. The crew healthcare system contains sensors to detect 
all of these trace contaminants before they reach toxic levels. 

Ambient	  Temperature	  Catalytic	  Oxidizer	  (ATCO)	  

An ATCO uses a catalyst that promotes the oxidation of carbon monoxide to carbon dioxide. 
Sizing for the ATCO is a difficult task. Although an ATCO is currently used aboard the Shuttle 
Orbiter specific numbers for mass volume and power are not publically available at this time. 
The Shuttle uses Platinum as the active metal on a carbon base. The Shuttle ATCO has a gas 
hourly space volume (GHSV) is 2500 hr-1. GHSV is given by:  

 !"#$ =
!"#$%#&%  !"#  !"#$  !"#$

!"#$%&'  !"#$%&    7.1.2.6.2-1 

By using a more active catalyst, HSPT1 mesh, experimentally found to achieve 100% CO 
oxidation at a GHSV of 160,000 hours-1 over a period of 18 hours, we can significantly decrease 
volume of our ATCO. HSPT1 uses Platinum on a Titanium Dioxide base.  
Whether or not HSPT1 or another similar catalyst is chosen is not crucial. Many catalysts have 
been shown to be more active than the ones used in NASA’s ATCO. Testing of catalysts shows 
there is likely significant margin in the Shuttle ATCO. Any catalyst that satisfies chemical 
activity and is designed for a higher GHSV will work.  

We assume a more reasonable GHSV of 10,000 hr-1 and a mass flow rate of air of 720 kg/hr: 
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To find a rough estimate of ATCO mass, Titanium Dioxide has a density of about 4230 kg/m3. 
Multiplying this by the reactor volume gives the mass if the ATCO were entirely made of TiO2. 
Since the HSPT1 is actually in mesh form, we assume that the ATCO is 90% empty volume for 
air flow to get a better estimate of mass.  

The final mass and volume of our ATCO (using HSPT1) was found to be 41.3 kg and 0.098 m3. 

7.1.2.6.3 Particulate	  Control	  System	  (PCS)	  
Dust is considered a major hazard for lunar exploration. The NASA Constellation Program 
estimated about 227 g of lunar soil enters per suit each EVA. About 7% by weight has a particle 
size of less than 10 microns and is expected to become airborne.[10] The moon environment 
promotes the presence of fine charged particles that cling to space suits and equipment. 



Identification	  of	  Threats/Solutions	  from	  NASA	  documents	  

Dust presented such a problem to Apollo astronauts that their experiences were recorded and 
many astronauts gave suggestions to reduce dust.[11] The effects of dust on crew health and 
systems have also been studied in depth by NASA.[12] Although a system to solve the problem 
of lunar dust outright does not exist with the right equipment and precautions we can minimize 
the problem. 
Table 7.1.2.6.3-1: Threats and Precautions for Lunar Dust 

Threat Risks Precautions/Equipment 

Airborne Dust Crew Inhalation Respirators 

 Eye Irritant Goggles 

 Fouling Fans Air Filters + Spares 

Settled Dust Suit Degradation Brush, Wet Wipes 

 Decreased Efficiency of 
Solar Cells 

Brush, Wet Wipes, Do 
not start rovers near 
solar panels 

 

In addition, two major danger periods were identified: immediately after lunar egress and during 
lunar lift-off. After lunar egress, dust can enter the atmosphere and needs time to filter through 
the air filters. During lunar-lift off, cabin vibrations and the release of dust particles previously 
grounded by lunar gravity can result in surprising amount of dust. Before lunar lift-off, 
astronauts suggested that the lunar module be cleaned as much as possible.[11] 

Mass/Volume	  Table	  

The mass and volume of the items determined by danger of dust is listed in Table 7.1.2.6.3-2. 
The mass and volume is assumed to be comparable to mass and volume of current Earth 
equivalents and estimated based on measuring real life objects or online stores (primarily 
Amazon) 

 
Table 7.1.2.6.3-2: CM Dust Prevention Items 

Item Mass (kg) Volume (m3) 

Air Filters 9 0.026 

Respirators 2.3 0.006 

Wet Wipes 1.2 0.0036 

Brushes 0.4 0.0006 

Goggles 0.23 0.0056 

Total 13.13 0.042 

 



7.1.2.6.4 CO2	  and	  TCC	  Cabin	  Integration	  
The systems from required for Carbon Dioxide scrubbing and Trace Contaminant Control were 
integrated into the cabin air flow loop to satisfy system requirements for moving air.  

Our cabin’s thermal requirements give an air flow requirement of 720 kg/hr. The air first passes 
through an air filter to remove dust from the CM and prevent dust from entering the systems 
located down-flow. Each of the three cabin fans shown are cable of generating the mass flow 
rates we need, so only one is powered with the other two as backups. Next the air passes through 
LiOH canisters which require a lower mass flow rate of 55 kg/hr, achieved by placing an orifice 
between them. The air that passes through the heat exchanger goes into the appropriately sized 
ATCO (removing CO) and is finally returned through the cabin ducts.  
 

 
Figure 7.1.2.6.4-1: Air Flow Loop Schematic 
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7.1.2.7 Water	  Subsystem	  (James	  Black)	  
Crew Water Requirements 

Water management is an essential part of the life support system on any manned space mission. 
Humans require water not only for drinking, but also for food preparation, food rehydration, and 
personal hygiene. In the human metabolic system, virtually all human water intake is excreted 
either as waste, urine, perspiration or respiration. For a 95th percentile male, the average water 
inflows and outflows are tabulated in Table 1 and are listed in terms of kilograms of water per 
person per day. In order to account for deviations in water consumption from the average, a 30 
percent margin was included in the total water consumption.    
  



 
Table 7.1.2.7-1: 95th Percentile Male Water Requirements1 

Inflows  kg/person-day Outflows  kg/person-day 

Drinking 2.1 
Condensation 
(Respiration and 
Perspiration) 

2.3 

Hygiene 2.8 Urine 1.6 

Food Preparation 0.5 Hygiene 2.5 

Water in Food 1.1 Water from Solid 
Waste 0.09 

30% Margin 1.95 30% Margin 1.95 

Total 8.45 Total  8.45 

 
Regenerative Water Systems 

Due to the relatively long nominal crew module mission length of 17 days, total water 
consumption for two crew members is 287 kilograms. In order to reduce this high mass of water 
needed, regenerative water systems have been proposed. These systems can also lower the water 
system volume required, but at the expense of requiring electrical power. The power and mass 
estimating relations for three common water regenerative systems used on space missions are 
shown in Table 2. Vapor Phase Catalytic Ammonia Removal (VAPCAR) uses a catalytic 
chemical process incorporating an ammonia oxidation catalytic bed and a nitrous oxide 
decomposition catalytic bed3. The advantage of the VAPCAR system is that it produced water 
that only needs a slight alteration in pH to achieve potability, eliminating the need for extensive 
pre and post processing. Thermoelectric Integrated Membrane Evaporation System (TIMES) 
requires a pre-treatment with ozone which is hazardous to humans, but also produces nearly 
potable water. Vapor Compression Distillation (VCD) incorporates a distilling process detailed 
in Figure 1.  In this process, water enters the evaporator at the bottom left and the vapor is then 
passed through a centrifuge to separate the liquid from the gas.  A centrifuge is needed for this 
separation in space because in low gravity environments buoyancy cannot be used for separation.  
The water vapor from the centrifuge is sent to a compressor and condenser to produce distilled 
water, while the liquid waste water from the centrifuge is sent back into the system for another 
distillation.      



 
Figure 7.1.2.7-1: VCD Schematic4 

 
Table 7.1.2.7-2: Regenerative System Mass and Power Estimating Relations2 

Water System Type Power (W) (per 100 kg 
water processed per day) 

Mass (kg) (per 100 kg 
water processed per day) 

VAPCAR 800 550 

TIMES 850 350 

VCD 350 300 

 
Water System Integration with Fuel Cell 

The primary source of electrical power for the crew module will be provided by an onboard fuel 
cell.  These fuel cells will be using Oxygen and Hydrogen as the reactants, which combine to 
form a byproduct of water.  Water produced by fuel cells is potable, so post treatment is 
unnecessary.  Based on average power consumption for the mission, it was calculated that the 
fuel cells would produce an average of about 10 kilograms of potable water per day. Since the 
mass of water needed for the mission is 16.9 kilograms per day, the fuel cell will not be able to 
completely satisfy the crew water requirements. Consequently, a trade study was performed to 
investigate the mass efficiency of an open-loop water system compared to a regenerative closed-
loop system. As a result of the low power and mass required, the VCD regenerative system was 
chosen to compare to the open loop system.  For this trade study, to incorporate a margin on 
water produced by the fuel cell, it was assumed that 90 percent of the water could be collected 
for crew use.  The Vapor Compression Distillation System was assumed to be 80 percent 
efficient at recycling water, which is based on the efficiency of the system currently on board the 
International Space Station. 



VCD Pre-treatment and Post-treatment 
Before being introduced into the VCD system, water needs to be in the liquid phase.  While urine 
waste water and hygiene waste water are already liquids, water excreted from respiration and 
perspiration must be condensed before the treatment process.  This can be accomplished through 
the use of a dehumidifier that is sized to process the amount of humidity that is introduced to the 
air per day. 

After water is processed by the VCD, some additional treatment is necessary in order to produce 
potable water5.  First, the water needs to go through a multifiltration device that includes many 
different types of filters to remove small particles and chemical contaminants.  After that, the 
water needs to go through a reverse osmosis process.  In this process, an applied pressure is used 
to overcome the osmotic water pressure to force water through a semipermeable membrane to 
further purify it.  This will remove any trace ions and molecules left over from vapor 
compression distillation and multifiltration. 
Water System Trade Study 

The trade study in figure 2 represents a comparison between total mass of an open loop system 
and total mass of a closed loop system.  Mass optimization was used since the power for a 
regenerative system is small (only a few percent of the crew module power consumption) and 
volume was assumed to be small for either system, relative to the cabin volume.  In the figure, 
the mass of each system is shown.  For the open loop system, this includes the mass of the tanks 
used to hold the water, the water itself, and a dehumidifier.  The tanks masses were found using 
the mass estimating relation for a bare metal tank2: 

!!"#$  !"#$ !" = 27.34 ∗ !!"#$%#$& !! + 2                           

For the closed loop system, the mass includes the VCD, the multifiltration device, the 
dehumidifier, the reverse osmosis apparatus, the water tanks, and the water itself. For the 17 day 
and two person crew module mission, the total system mass for the regenerative system is 100 kg 
and the open loop system has a mass of 143 kg.    



 
Figure 7.1.2.7-2. Crew Module Water Trade Study 
Waste Water Management 

Due to the lower total system mass for the regenerative system, this system was incorporated into 
the design of the crew module.  In spacecraft water systems that incorporate potable water 
produced by fuel cells, dumping excess water can become a problem. It should be noted that by 
incorporating a regenerative system that recycles 8 kg of water per day, 8 kg of waste water that 
would be produced in a non-regenerative system is not produced.  In order to determine the 
extent of excess water produced with the designed system, an analysis of water location each day 
was performed.  As shown in table 3, the water produced by the fuel cell and regenerated by the 
VCD system fully make up for the 17 kg of water consumed by the crew each day.  This allows 
the emergency tank water to remain at a constant 44 kilograms which is necessary for the 6 day 
emergency mode. Since the outflow of water from the crew is also 17 kilograms of water per day 
and only 8 kilograms is recycled, then 9 kilograms of waste water is unused from the system 
each day.  This amounts to a total of 153 kilograms of waste water produced over 17 days.  Since 
the spacecraft itself is a closed system, this waste water mass is already accounted for in the 
spacecraft takeoff weight.  The waste water is mainly a conversion of the hydrogen and oxygen 
from the fuel cell, as well as the inflows of water to the crew.  However, since the 153 kilograms 
is wasted, it would be ideal to have a method of dumping it in order to free up mass for return 
payload from the moon. 
During the three day nominal transit from earth to the moon, waste water cannot easily be 
discarded from the spacecraft.  During this phase of the mission, the excess waste water will 
have to be stored in a tank.  Since 9 kilograms is wasted per day, a tank capable of holding 36 
kilograms will be sufficient to hold the waste water for 3 days and 1 contingency day during 

17 day mission 

Regenerative 
System 
Design Point 

Non-
Regenerative 
System Design 
Point 



transit.  Once on the moon this waste water tank can be emptied during EVA, and will 
subsequently be emptied when necessary while on the moon.  For the return trip to earth, the 
wastewater tank will be emptied shortly before take-off from the moon, allowing enough 
capacity in the tank for the 3 day return trip also with one day of contingency. 

Table 7.1.2.7-3.  Water Cycle for Crew Module 

 Crew 
Consumption 
(kg) 

Fuel Cell 
water 
produced 
(kg) 

VCD 
Recycle (kg) 

Water in 
Tank (kg) 

Unusable 
Waste Water 
(kg) 

Day 1 17  9 8 44 9  

Day 2 17  9 8 44 18 

Day 3 17  9 8 44 27 

Day 17 17 9 8 44 153 

 
Water in Emergency Mode  

In addition to the water requirements listed in table 1, the crew module water system also needed 
to be designed to be able to support the crew for 6 days during any phase of the mission with 
little or no power.  In this emergency mode, it was assumed that the only water critical for 
survival would be needed.  Therefore, only the drinking water, the food rehydration water, and 
the food preparation water were included in the calculation.  This resulted in 7.4 kilograms of 
water per day for two crew members, and a total of 45 kilograms of water needed for the full 6 
days.  In a closed loop system, the worst case scenario would be for the 6 days of emergency 
mode to occur during the last 6 days of the mission.  During this time, there would already have 
been 6.9 kilograms available per day so an additional 0.5 kilograms per day would be needed, 
totaling 3 extra kilograms. 

 
Water System Summary 

In summary, the water life support system will utilize a regenerative Vapor Compression 
Distillation system.  This system requires pretreatment of some of the water through the use of a 
dehumidifier, and post treatment using multifiltration and reverse osmosis processes.  In 
addition, two water tanks will be used to hold the emergency mode water and will provide 
redundancy in case one tank fails.  The total mass of this system is 100 kilograms as shown in 
table 4 with 153 kilograms of wastewater produced over the course of the mission. All except for 
27 kilograms of water can be dumped on the moon. 
  



Table 7.1.2.7-4. Water System Mass, Power, Volume Summary 

 Mass (kg) Power (W) Volume (m^3) 

VCD 30 34 0.15 

Multifiltration device 15 20 0.019 

Dehumidifier 5 34 0.01 

Reverse Osmosis  2 10 0.005 

Tanks 4 0 .01 

Water 44 0 .044 

Total 100 88 .238 

 

Life Support System Integration 
A schematic for the crew module life support system is depicted in figure 3. The human in the 
center of diagram represents the crew members and all other systems provide inflows or outflows 
to the human. In the atmosphere systems, there are LiOH scrubbers to remove the carbon dioxide 
generated by human.  There is also Nitrogen and Oxygen to supply the atmosphere.  Trace 
contaminant and the atmosphere control system are also included under atmosphere systems.  
Food needs to be processed and rehydrated using potable water.  Water is also used by the crew 
for drinking and hygiene.  Human solid waste is stored in bags for disposal on the moon.  A 
maximum of 9 kilograms of the liquid waste water per day is stored in the wastewater tanks for 
disposal on the moon.  The rest of the wastewater from urine and hygiene is regenerated and 
purified through the vapor compression distillation system.  The water vapor generated from 
human respiration must be removed from the air and converted to liquid phase using a 
dehumidifier.  After processing the water from the VCD, potable water is generated by passing 
through the multifiltration and reverse osmosis systems is combined with the water from the fuel 
cell.  There is also an option for generating non-potable water that can be used for some hygiene 
applications and can be stored in one of the two tanks to separate it from the potable water.  This 
option provides redundancy in case of the failure of either the reverse osmosis system or the 
multifiltration system, so that the only potable water comes from the fuel cell.   



 
Figure 7.1.2.7-3: Crew Module Life Support Diagram 
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7.1.2.8 Food	  Subsystem	  (Ben	  Abresch)	  
The Food Subsystem was designed with simplicity in mind. Due to the lack of space, minimizing 
storage volume and reducing the number of system components became a priority. As a result, 
there are three components of the Food Subsystem: pre-hydrated food and utensils, a rehydration 
station, and a food warmer. Food provisions and metabolic energy requirements are calculated 
based on a worst case 95% male. Each crew member will consume 0.6 kg of pre-hydrated food 
per day. This diet must also be at least 3286 kcal/day. NASA will provide a diet with the 
necessary nutrients and meet the necessary caloric requirements. Each day will consist of two 



meals and one smaller snack-sized meal. All trash will be disposed of into trash bags that will 
later be discarded on the Moon. 

7.1.2.8.1 Pre-‐Hydrated	  Food	  and	  Utensils	  
The food included on the mission will consist of dry thermostabilized foods and rehydratable 
foods. Some food may need to be rehydrated at the provided rehydration station. The crew 
members will have input on what they would like to eat. As previously stated, NASA will 
provide food that is up to the specifications of the mission. A food tray will be provided for each 
crew member. Velcro will be used to keep food and utensils from floating away. Disposable 
utensils will be used to avoid the additional mass for cleaning supplies. The food and food 
supplies will be stored during mission in CTBs. The entire supply for the mission will consume 2 
CTBs. Extra food will be provided during EVAs. The total EVA food needed is 8 kg. 

 
Figure 7.1.2.8.1-1: An Example Layout of a Meal 
Food preparation is very simple. The food containers can be punctured with the provided pair of 
scissors. The food can be rehydrated at the rehydration station at heated with the food warmer if 
needed. The food and utensils will be secured with Velcro. Cleanup is simply throwing away the 
food packaging and the disposable utensils. 

7.1.2.8.2 Rehydration	  Station	  
The Rehydration Station is an electronic water dispenser that will provide food and beverage 
packs with specific amounts of water. It will be located next to the main water dispenser. It can 
dispense variable amounts of water for each type of package that is used. A food package or 
beverage package will be punctured with a needle and the appropriate amount of water will be 
specified on the dial. The needle prevents water flowing into the cabin. When the package is 
fastened in and the button is pressed, the water will be discharged into the package. The system 
is able to be powered off when not in use to save power. There are extra needles supplied during 
flight in case of failure. In case of power failure to the station, the main water dispenser will be 
able to fill food packages. 



 
Figure 7.1.2.8.2-1: The Rehydration Station  

7.1.2.8.3 Food	  Warmer	  
The Food warmer is the only supplied method of heating food. NASA requires an oven for every 
four crew members. The food warmer was chosen to reduce the mass and volume that would 
come with an oven. The food warmer can’t cook food only heat it. It can heat food for up to four 
crew members and is portable. It will be stored during launch and removed from storage during 
meal preparation. Power is supplied from plugging into an AC utility outlet. The food warmer is 
essentially a hot plate that heats the food through thermal conduction. Food is attached via 
bungee to the plate until heated. The mass of the food warmer is 7.5 kg.  

 
Figure 7.1.2.8.3-1: The Food Warmer 
  



7.1.2.8.4 Final	  Specifications	  
 
Table 7.1.2.8.4-1: Food System Final Specifications 

 Mass (kg) Volume (m^3) Power (W) 

Food and Eating 
Materials 

33.40 0.102 0 

Food Warmer 7.5 0.023 250 

Rehydration Station 2 0.005 20 

7.1.2.9 Hygiene	  Subsystem	  (Ben	  Abresch)	  
To maintain good hygiene and appearance, personal hygiene and grooming provisions are 
furnished for both male and female flight crew members. Water is provided by the water 
dispensing system. The personal hygiene provisions are stowed in middeck stowage lockers at 
launch and are removed for use on orbit. 

A personal hygiene kit is furnished each crew member for brushing teeth, hair care, shaving, nail 
care, etc. A kit is also furnished with articles essential to female hygiene and grooming. 

Two washcloths and one towel per crew member per day are provided in addition to two paper 
tissue dispensers per crew member for each seven days. The washcloths are 12 by 12 inches and 
the towels 16 by 27 inches. The tissues are absorbent, multi-ply, low-linting paper. Rubber 
restraints with a Velcro base allow the crew members to restrain their towels and washcloths on 
the waste management door or middeck walls. 
Due to lack of space there will not be a bathroom. A curtain will be provided to give crew 
members a little privacy but that is really all that can be done. Brushing teeth will require spitting 
into a washcloth. Each crew member will take a sponge bath every other day. Approximately 1 
kg of water is needed during bathing. Bathing is done by moistening a sponge in a closed 
chamber and using it to wash the body. To rinse, the sponge is inserted back into the chamber 
where the old water is flushed out and new water added in. 
The entire hygiene system mass is 2.11 kg, and its volume is 0.168 m3. 

7.1.2.10 Clothing	  Subsystem	  (Ben	  Abresch)	  
Clothing is vacuum sealed and stored in CTBs during the mission. All clothes will be provided 
for the duration of the mission. Clothing will not be washed and all soiled clothes will be 
discarded on the moon. The following table provides a breakdown of the clothing needed and the 
frequency of garment change. 

  



Table 7.1.2.10-1: Clothing Estimations 

Item Estimated Mass (grams)  Estimated Frequency of Clothing Change 

Shirt 110  1 per 2 days 

Jacket 370  1 per 14 days 

Trousers 370  1 per 7 days 

Shorts or 
panties 

57 1 per day 

T-shirt or 
brassiere 

40  1 per day 

Socks 14  1 per day 

Handkerchief/
wash cloth 

7  1 per 2 days 

Sleep/gym 
shorts 

85  2 per 7 days 

Sleep/exercise 
shirt 

110  2 per 7 days 

Slipper socks 85  1 per 90 days 

 

The entire clothing system mass is 12.49 kg, and its volume is 0.023 m3. 

7.1.2.11 Waste	  Management	  Subsystem	  (Ben	  Abresch)	  
The Waste Management system consists of two parts: trash and human waste. The trash system 
is simply trash bags and duct tape. All trash will be discarded on the moon, such as clothing, 
food trash, fecal matter, hygiene items, etc. 

The Human waste system comprises of bags, urine hoses, and duct tape. Astronauts will use the 
urine hoses and dispose of it into the water reclamation system. For solid human waste, 
astronauts will duct tape bags to their bottoms and dispose of them into trash bags. The trash 
bags will be duct taped and closed and stored in a CTB to be discarded on the moon. 



  
Figure 7.1.2.11-1 (left): Urine hoses in use  

Figure 7.1.2.11-2 (right): Diagram of Urine Receptacle 
Final Specs 

Table 7.1.2.11-1: Final specs for the waste system 

 Mass (kg) Volume (m^3) Power (W) 

Human Waste 
System 

7.48 0.01 0 

Trash System 2.89 0.034 0 

 

7.1.2.12 	  Spacesuit	  Selection	  (Leah	  Krombach)	  
For this mission, the astronauts will be wearing the ILC Dover 3rd Generation I-Suit. The I-Suit 
is ILC Dover’s Lunar/Mars Suit Prototype. The spacesuit trade study can be found in table ##. It 
should be noted that the ILC Dover suit is the second lightest suit. This suit is still in 
development so the total mass of the EVA-ready suit was estimated using specifications from a 
comparable suit assembly currently in use. The Extravehicular Mobility Unit (EMU) Primary 
Life Support System and EMU Thermal Micrometeoroid Garment were used for those base 
calculations. 

Table 7.1.2.12-1: Trade Study of Spacesuits 

Spacesuit Mass (kg) Operating Pressure (psi) 

Enhanced Extravehicular Mobility Unit (EMU) 124.7 4.3 

Apollo A7LB 96.2 3.7 

Orlan MK Model 120 5.8 

ILC Dover 3rd Generation I-Suit 98.71 4.3 



1. Mass of Suit with Extravehicular Mobility Unit Primary Life Support System and Thermal 
Micrometeoroid Garment 

The suit was chosen because it is a rear entry suit designed to be lightweight and highly mobile 
in surface operations in gravity. The design is also very suitable for launch and entry, zero 
gravity EVA, as well as partial gravity EVA. This is ideal for the FLEETS mission because each 
astronaut can get into his suit without any assistance and there is increased physical flexibility 
during EVA’s when the astronauts build the habitat. The suit operates using pure oxygen for 
respiration and is climate controlled with water. The suit is primarily a soft suit that incorporates 
a limited number of bearings at the shoulder, upper arm, upper hip, and upper leg joints. Figure 
## shows a side and front view of the rear-entry I-Suit. Since the suit is primarily soft, each suit 
can be folded and stored in one triple CTB. 
 

 
 

 
 

 
 

 
 

 
 

 
 

 
 

 
Figure 7.1.2.12-1: Side & Front Views of the Rear-Entry I Suit (ILC Engineer Keith Splawn) 
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7.1.2.13 Fire	  Safety	  (Leah	  Krombach)	  
For fire detection, the crew module is equipped with a number of photoelectric smoke detectors 
positioned in air ducts, which scatter a laser through the air to detect smoke. In the event of a 
fire, the astronauts will wear portable breathing apparatuses that provide them with fifteen 
minutes of pure oxygen so they can breathe while extinguishing the fire and performing 



subsequent cleanup processes. Each astronaut will have one dedicated portable breathing 
apparatus and there will be two extra portable breathing apparatuses for redundancy. Figure ## 
shows a picture of a portable breathing apparatus. 
 

 
 

 
 

 
 

 
 

Figure 7.1.2.13-1: Portable Breathing Apparatus 
While the astronauts are wearing the portable breathing apparatus, they will extinguish the fire 
using a portable fire extinguisher. The portable fire extinguishers store 2.722 kg of Carbon 
Dioxide gas at 850 psi. Each portable fire extinguisher takes 45 seconds to completely discharge. 
The portable fire extinguishers have two nozzle designs to extinguish fire in different scenarios. 
Figure ## shows the portable fire extinguishers two nozzles. For suppression of a fire in an open 
space, the conical nozzle will be used. In the event of a fire inside the walls, the cylindrical 
nozzle will fit inside the fire suppression port to better extinguish fires in a closed volume. 
Figure ## shows a fire suppression port, which is a 0.5 or 1 inch diameter hole in the wall that 
provides access to wires that lie behind the wall. 

 
 

 
 

 
 

 
 

 
Figure 7.1.2.13-2 (Left): Two Nozzle Portable Fire Extinguisher 

Figure7.1.2.13-3 (Right): Fire Suppression Port 
The breakdown of the mass and volume of the fire system can be seen in table ##. The final mass 
of the entire system is 33 kg and it will fit into 4 CTBs. 
  



 
Table 7.1.2.13-1: Mass and Volume of Fire Protection and Suppression System 

Item Mass (kg) Volume (m3) 

Photoelectric Smoke Detectors 1.8 0.004 

Portable Breathing Apparatus 4.1 0.03 

Portable Fire Extinguishers 7.4 0.04 

Total for 2 Crew for 17 Days 33 0.2 

 
After the fire is extinguished, the smoke and the Carbon Dioxide from the portable fire 
extinguisher need to be filtered out of the crew module environment. The smoke will be filtered 
by the Fixed Charcoal Bed in the trace contaminants control system while the Carbon Dioxide 
will be removed by the Lithium Hydroxide Canisters. In the event of a major fire while the crew 
module is on the moon’s surface, the astronauts have the option to exit the crew module in their 
spacesuits after the fire is extinguished and vent the entire atmosphere with full cabin 
depressurization. The atmospheric system and the trace contaminant control system have both 
been designed with surplus supply reserves in the case that supplies are used for the suppression 
and recovery from a fire. 
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7.1.2.14 	  Crew	  Health	  Care	  System	  (CHeCS)	  (Leah	  Krombach)	  
The CHeCS provides the medical and environmental resources necessary to ensure the health 
and safety of crewmembers. It is modeled after the CHeCS on the ISS with changes for mission 
length and lunar gravity. The CHeCS consists of three subsystems including the 
Countermeasures System, Environmental Health System, and the Health Maintenance System. 
The Countermeasures System comprises of equipment and protocol that help mitigate the 
deconditioning effects of living in a microgravity environment. The Environmental Health 
System monitors the water quality, acoustics, contaminant levels, and radiation levels of the crew 
module. The Health Maintenance System is utilized for in-flight life support and resuscitation, 
medical care, and health monitoring. Table ## specifies what is included in each subsystem. 
  



Table 7.1.2.14-1: CHeCS Subsystems 

Countermeasures System Environmental Health System Health Maintenance System 

BP/ECG Kit Acoustic Dosimeter Advanced Life Support Pack  

Heart Rate Monitor II Kit Carbon Dioxide Monitoring Kit  Ambulatory Medical Pack  

Medical Equipment 
Computer 

Compound Specific Analyzer-
Combustion Products  

Automated External 
Defibrillator  

 Compound Specific Analyzer- 
Oxygen  

Crew Contamination 
Protection Kit  

 Formaldehyde Monitoring Kit  ISS Medical Accessory Kit  

 Hearing Protection Hardware Intubation Kit/Airway  

 Intravehicular Charged Particle 
Directional Spectrometer  

PanOptic Kit 

 Microbial Air Sampler Kit  Respiratory Support Pack  

 Passive Dosimeter Kit  Variable Oxygen Supply  

 Sound Level Meter  

 Tissue Equivalent Proportional 
Counter 

 

 Total Organic Carbon Analyzer  

 Volatile Organic Analyzer   

 Water Kit  

 

7.1.2.14.1 Counter	  Measures	  System	  
On the ISS the Counter Measure System includes a treadmill, two types of resistive devices and 
an exercise bike. For the FLEETS mission, none of these devices are included because the 
astronauts are expected to surpass the minimum amount of required exercise while they perform 
multiple EVAs. The Counter Measure System comprises of only four items: the blood pressure/ 
electrocardiograph, two heart rate monitor kits, and the medical computer which collects and 
stores the CHeCS data. The power for the Counter Measure Systems is only required when the 
system is in operation.  The mass, volume and power of each component can be seen below in 
Table 7.1.2.12.1-1. 

Table7.1.2.14.1-1: Counter Measure System 

Item Mass (kg) Volume (m3) Power (W) 

BP/ECG Kit 20.4 0.05 120 

Heart Rate Monitor II Kit 2.3 0.009 0 

Medical Equipment Computer 3.5 0.005 40 

Total 29 0.08 160 



 

7.1.2.14.2 	  Environmental	  Health	  System	  
The Environmental Health System is made of up many different components which fall into one 
of four categories: acoustic countermeasures, microbiology and water quality, radiation 
monitoring, and toxicology. With regards to acoustic counter measures, the module employs the 
Acoustic Dosimeter and the Sound Level Meter as sound measurement devices. Each astronaut 
has a pair of Bose headphones for ambient noise reduction and hearing protection.  
The microbiology and water quality category includes the Water Kit and the Total Organic 
Carbon Analyzer. These pieces of equipment are used to monitor and routinely sample the 
astronauts’ potable water supply for contaminants.  The microbiology and water quality category 
also includes the Microbial Air Sampler which samples the cabin air atmosphere for microbial 
load.  

The ISS CHeCS includes the radiation monitoring category. In this category are the Passive 
Dosimeter Kit and the Tissue Equivalent Proportional Counter (which monitors radiation dosage 
levels inside the crew module at a cellular level). Also in the CHeCS, the Intravehicular Charged 
Particle Directional Spectrometer monitors trapped galactic cosmic radiation and solar protons 
trapped within the cabin. Although the Extravehicular Charged Particle Directional Spectrometer 
is part of the ISS CHeCS, it will not be used on the FLEETS mission since the crew module 
vehicle with reenter the Earth’s atmosphere and anything attached to the module will burn up 
during reentry.  

The last category of the Environmental Health System is toxicology monitoring. This category 
includes a Carbon Dioxide Monitoring Kit, Formaldehyde Monitoring Kit, Compound Specific 
Analyzer-Combustion Products (which measures the concentration of Carbon Monoxide, 
Hydrogen Cyanide, Hydrogen Chloride and Oxygen in the air of the cabin), and the Compound 
Specific Analyzer-Oxygen (which monitors the Oxygen level in the cabin). The Portable Gas 
Delivery System is included on the ISS but will not be included in the FLEETS mission since it 
is used to calibrate the oxygen sensors when the ISS is in orbit for months at a time.  The Grab 
Sample Containers used on the ISS to collect air samples for analysis back on earth will also not 
be used on this mission to save mass and volume. The final component of the toxicology 
category is the Volatile Organic Analyzer. The Volatile Organic Analyzer detects, identifies and 
quantifies a list of 23 volatile organic compounds including Methanol, Benzene, Propanone, and 
Isoprene.  Table 7.1.2.12.2-1 lists the mass, volume and power required for each component of 
the Environmental Health System. For the power column in table ##, the numbers are only for 
power required from the power system and does not include batteries which are accounted for in 
the mass of each item. 
  



Table 7.1.2.14.2-1: Environmental Health System 

Item Mass (kg) Volume (m3) Power (W) 

Acoustic Dosimeter 0.4 0.0003 0 

Carbon Dioxide Monitoring Kit  3.5 0.005 0 

Compound Specific Analyzer-Combustion 
Products  

15 0.04 0 

Compound Specific Analyzer-Oxygen  6.3 0.01 0 

Formaldehyde Monitoring Kit  4 0.0008 0 

Hearing Protection Hardware 0.21 0.002 0 

Intravehicular Charged Particle Directional 
Spectrometer  

7.2 0.01 12 

Microbial Air Sampler Kit  2.3 0.01 0 

Passive Dosimeter Kit  1.7 0.002 0 

Sound Level Meter 1.2 0.002 0 

Tissue Equivalent Proportional Counter 4.6 0.007 8 

Total Organic Carbon Analyzer 34.3 0.07 120 

Volatile Organic Analyzer  54 0.1 220 

Water Kit 13.6 0.02 0 

Total 149 0.34 360 

 

7.1.2.14.3 Health	  Maintenance	  System	  
If an astronaut gets sick or injured, the Health Maintenance System in the CHeCS is where vital 
equipment can be found. The Ambulatory Medical Pack contains oral medications, topical 
medications, and bandages which should be sufficient for most minor injuries. The Advanced 
Life Support Pack stores medical instruments and supplies to support the unlikely need for 
resuscitation or an emergency surgery. The Intubation Kit/Airway stores the Intubating 
Laryngeal Mask Airway which can be used by the Crew Medical Officer to channel oxygen or 
anesthesia gas to a patient's lungs during an emergency surgery.   
The crew is also equipped with an Automated External Defibrillator that can provide 
defibrillation to a patient experiencing cardiac dysrhythmia. The Respiratory Support Pack 
included in Health Maintenance provides low-flow pure Oxygen to a conscious astronaut and 
automatic ventilation for an unconscious astronaut. The Variable Oxygen System is used to vary 
Oxygen delivery to a spontaneously breathing patient or to wean a patient off of pure Oxygen. 
The PanOptic Kit contains hardware for imaging of the posterior portion of the retina of an 
astronaut. In the Crew Contamination Protection Kit, there are gloves, safety goggles and dust 
masks to provide protection for the crew from exposure to fluid, particulate, or surface 
environmental contaminants. 



On the ISS, the Health Maintenance System includes a Crew Medical Restraint System which is 
a rigid platform used to transport injured or ill crew. This is unnecessary for the CM and OLV 
but necessary in the lunar habitat since there is no room in the CM and OLV for it and no place 
to transport a person. 

Table 7.1.2.14.3-1 lists the mass, volume and power required for each component of the Health 
Maintenance System. There is no power column in table ## because none of the components 
require power from the power system but rather use batteries which are accounted for in the mass 
of each item. 

Table 7.1.2.14.3-1. Health Maintenance System 

Item Mass (kg) Volume (m3) 

Advanced Life Support Pack 19.9 0.05 

Ambulatory Medical Pack 14 0.04 

Automated External Defibrillator 3.7 0.008 

Crew Contamination Protection Kit 3 0.01 

Intubation Kit/Airway 0.6 0.01 

PanOptic Kit 0.2 0.0006 

Respiratory Support Pack 5 0.01 

Variable Oxygen Supply 0.3 0.006 

Total 47 0.15 
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7.1.2.15 Couches	  (Leah	  Krombach)	  
The Crew Module couches are designed using anthropometric dimensional data for a 95% 
American male. They are designed for a 95% male because this represents the upper margin for 
astronaut size and requires the most room and therefore the largest couches. Each couch will be 
customizable with cushions for each astronaut. The idea behind creating new couches is that 
each section of the couch will be movable by hinges, making an extremely adaptive couch. 
When the couches are not in use the top and bottom of the couch can be folded inwards making 
more space for the astronauts to stand. There are three standard different configurations the that 
couches have and more can be added. The first is the configuration for earth launch and landing. 
Figure 7.1.2.13-1 shows the dimensions and the layout of what this configuration looks like. 



 
Figure 7.1.2.15-1 Earth Launch and Landing Couch Configuration 
There is no couch configuration for moon reentry and launch since the astronauts will be 
standing in order to see through the windows for navigation purposes. The other two 
configurations of the couches are the sleeping configurations. In the sleeping configurations, 
sleeping bags will be attached to the couches with Velcro. The sleeping position for transit to the 
moon is based on the neutral body position in micro gravity which can be seen in figure ##. 
Figure 7.1.2.15-2 shows the dimensions and the layout of what the microgravity sleeping 
configuration looks like. 

  



 

	  
Figure 7.1.2.15-2 Neutral Body Position of an Astronaut in Microgravity 
 

 
Figure 7.1.2.15-3. Couch Configuration for Sleeping Position in Microgravity 
The sleeping position for the moon is very similar to the sleeping position for microgravity with 
slight changes resulting from the moon’s partial gravity. 
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7.1.2.16 Reaction	  Control	  System	  (Ken	  Murphy)	  

7.1.2.16.1 OVERVIEW	  
 

The crew module reaction control system (CM RCS) is used to maintain rate and rotation of the 
module in all three axes. It consists of four blocks of four thrusters (referred to as quads) placed 
radially around the module. The thrusters are embedded into outer skin of the module in order to 
survive Earth re-entry. Each thruster is mounted to minimize heating of the module skin while 
firing. 
Each quad consists of two roll thrusters and two pitch/yaw thrusters. The roll thrusters are 
identical in size/thrust output and mounting except for being in opposite directions of each other. 
The pitch/yaw thrusters are identical in size/thrust output, but due to angling of the module, the 
thruster in the –y direction is canted to fit inside the outer skin. The thruster in the +y direction is 
vertically mounted. 

The CM RCS uses a helium-pressurized bipropellant system to produce thrust. Hypergolic 
nitrogen tetroxide (N2O4) (used as oxidizer) and monomethylhydrazine (MMH) (used as fuel) are 
used for their storability, high specific impulse, and self-igniting properties. 
 

 
 

 
 

 
 

 
 

 
 

 
 

  

Figure 7.1.2.16.1-1: Placement of RCS Thrusters on Crew Module 



 

7.1.2.16.2 PERFORMANCE	  

7.1.2.16.2.1 System	  Requirements	  
 

Three main requirements drove the design of the CM RCS: 
 -Maintain six degrees of freedom control over the module at all times 

 -Successfully complete Earth re-entry and landing  
-Maintain attitude in deadband during the return trip to Earth 

Maintaining six degrees of freedom control at all times during flight requires the CM RCS to 
operational for the entire duration of any mission involving the CM. For the CM, full six degrees 
of freedom control requires at least 12 thrusters for a radially-placed configuration. If a thruster 
fails in this configuration, however, the system no longer meets the first requirement. For this 
reason, four quads was chosen over three to add redundancy and the ability to lose a thruster 
while maintain full six degrees of freedom control.  

The CM RCS is required to be able to overcome aerodynamic entry moments in the pitch and 
yaw directions during re-entry in order satisfy the second major requirement. Pitch/yaw thrusters 
are designed to produce the necessary thrust level to overcome these moments. The thrusters are 
embedded in order to avoid aerodynamic heating during re-entry. 
For attitude hold during deadband travel, RCS thrusters must be able to hold the CM within a 
10° drift range (5° in either direction) in all three axes. The CM RCS must also carry enough fuel 
to perform all burns necessary to keep the CM within this range.  

 

7.1.2.16.2.2 System	  Design	  
 
Table 7.1.2.16.2-1 contains official CM parameters that are significant to thruster design. 

Table 7.1.2.16.2-1: CM Parameters 

Parameter Value 

Mass (kg) 5320.94 

Ix (kg*m2) 6251.82 

Iy (kg*m2) 7200.84 

Iz (kg*m2) 7340.43 

Rthruster (m) 1.7543 

 
 

 



7.1.2.16.2.3 Pitch/Yaw	  Thrust	  
 
To determine the required thrust level of the pitch/yaw thrusters, the aerodynamic moments the 
CM would experience during re-entry had to be set. The design aerodynamic moment for the 
following calculations is 500 N-m. 

The CM RCS is solely located in the outer envelope, and the center of the thruster quads is 0.5 m 
from the floor of the outer envelope. At 0.5 m from the floor, all four thrusters and the 
accompanying N2O4 , MMH, and helium tanks can be mounted without incident. 
The required pitch/yaw force for a vertically mounted thruster is determined by the following 
equation: 
 

 !!"#$%!"& =
!!"#$

!!!!"#$%!
= 143  ! 7.1.2.16.2-1 

!!"#$ = !!"#$%&'()*  !"!#$%    !!!!"#$%! = !"#$"%  !"#$%&'(  !"#$  !"#$"%&'#"  !"  !" 

 
However, due to the canting of the –y direction thruster, the pitch/yaw thrusters must be 
designed to produce more thrust in order to meet this purely-vertical required thrust. The –y 
direction thrusters are canted 20° relative to the module wall, so the design thrust is: 

 
 

!!"#$%& =
!!"#$%!"&
cos  (20°) = 152  ! 

7.1.2.16.2-2 

 

7.1.2.16.2.4 Roll	  Thrust	  
 

Roll thrusters are designed to be able to roll the CM 180° in a 30 second period. This design 
choice was made to provide sufficient performance in the case of any kind of emergency that 
required the CM to roll quickly. To do this, the thrusters must accelerate the CM to some !!"# 
and then decelerate to ensure the capsule is no longer spinning at the end of the 30 second 
interval. The design !!"# is 0.2094 radians/second. The torque required to achieve this rate is: 

 
 

! =
!!"# ∗ !!

! = 100  ! −! 
7.1.2.16.2-3 
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Dividing this torque by the moment arm as done in Eq. 7.1.2.16.2-1 and taking into account that 
two thrusters are firing simultaneously, the require force is: 

 !!"!"#$ = 29  ! 7.1.2.16.2-4 



 

7.1.2.16.2.5 Attitude	  Hold	  in	  Deadband	  
 
Extrapolating from historical data on engines used for Apollo and the Space Shuttle, a nominal 
minimum burn time for the CM RCS thrusters was determined to be 80 ms. The minimum 
roll/pitch/yaw rates were calculated using the following equation: 

 
 !!"# =

! ∗ !!"#$
2 ∗ !  7.1.2.16.2-5 

            !!"#$ = 80  !", ! = !"#$%&  !"#"$%&"'  !"  !ℎ!"#$%!#, ! = !"!#$%  !"  !"#$%!&   
 
With the minimum rate, travel time across the 10° drift range can be easily calculated. Using a 
nominal Earth return trip lasting 3 days, the amount of burns over the 3 days is calculated as 
follows: 

 
 ! =

3 ∗ 24 ∗ 3600
!!"#$%&

 7.1.2.16.2-6 

            !!"#$%& = !"#$%&  !"#$  !"#$%%  !"#$%  !"#$% 

 
The propellant burned while in deadband is then calculated via the following: 

 
 !!"#! = 2 ∗ !!"#$ ∗! ∗ ! 7.1.2.16.2-7 

            ! = !"##  !"#$ =
!
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Table 7.1.2.16.2-2. contains relevant deadband values for roll and pitch/yaw thrusters. 

 
Table 7.1.2.16.2-2: Attitude Hold in Deadband Values for CM RCS Thrusters 

 Pitch/Yaw (152 N) Roll (29 N) 

Minimum Rate !!"# (°/sec) 0.03 0.095 

Travel Time (sec) 104 313 

# of Burns 2484 830 

Mass Flow (kg/sec) 0.0096 0.052 

 



7.1.2.16.2.6 Propellant	  Mass	  and	  Tank	  Sizing	  
 
Propellant needed for a nominal delta-v maneuver of 50 m/s, attitude hold in deadband, and re-
entry make up the total propellant mass for the CM RCS.  Table 7.1.2.16.2-3 is calculated using 
a mixture ratio for MMH/N2O4 of 2.3. 

 
Table 7.1.2.16.2-3: Propellant Masses 

 Mass (kg) 

Deadband Propellant 42.2 

Translational Propellant 101 

Re-entry Propellant 10 

Total 153.2 

 
The CM RCS propellant tanks are pressurized to 5 MPa by helium tanks with an initial tank 
pressure of 15 MPa. The mass of helium needed to achieve this is calculated using the following 
equation: 

 
 

!!!"#$% =
!! ∗ !!
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!
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7.1.2.16.2-8 

            !! = !"#!$%%&'(  !"#$$%!",!! = !"#!$%%&'(  !"#$%&, ! = !"#$%&#% = 1.4,     

! = !"#$%&'()  !"#  !"#$%&#%,! = !"#$"%&!'%",!! = !"#  !"#$$%"#,     

!! = !"!#!$%  !"#  !"#$$%"# 
 

The volume of the helium is then calculated by: 
 

 !!!"#$% =
!!!"#$% ∗ ! ∗ !

!!
 7.1.2.16.2-9 

 

All tank masses and volumes will be listed in the final specifications section. 
 

 
  



7.1.2.16.3 CM	  RCS	  Operation	  
 
 

 
 

 
 

 
 

 
 

 
 

 
 

 
 

 
 

 
 

The CM RCS fuel delivery system is shown above. The helium pressurant is closely monitored 
via pressure regulators and gauges to ensure proper pressure at the propellant tanks. Several 
pressure valves are in place to purge helium in the event that a propellant tank over pressurizes 
due to a regulator failing. To fire a thruster, the fuel and oxidizer valves directly before the 
thruster are opened. Fuel and oxidizer are forced by the helium into the thrust chamber where 
they self-ignite and are expelled through the thruster nozzle. 
Since the outer envelope of the CM is insulated to keep temperatures inside above the freezing 
points of N2O4 and MMH, fuel freezing the lines is not a problem. This allows for the RCS to 
still be operated during low-power emergency situations because the system only requires valve 
actuation to fire. In the event of a massive tank failure or leak, single use emergency shutoff 
valves are used to permanently stop flow to the thrusters.  

Single-point failure was avoided as much as possible in the design of the delivery system. Due to 
the simplified nature of Figure 7.1.2.16.3-1, only one valve is shown on the fuel/oxidizer lines 
directly before a thruster. In reality, there will be a multiple-valve system to avoid a single point 
failure. 

Figure 7.1.2.16.3-1: Simplified flow diagram for the crew module reaction control system 

 



7.1.2.16.4 Final	  Specifications	  
 
Table 7.1.2.16.4-1 Mass and Volume of RCS Components 

 Quantity Mass Total (kg) Volume Total (m3) 

N2O4 Tanks 4 5.4 0.0692 

MMH Tanks 4 4.7 0.0494 

Helium Tanks 4 14.8 0.00606 

Propellant N/A 153 N/A 

Helium N/A 0.85 N/A 

Pitch/Yaw Thrusters 8 28 0.00147 

Roll Thrusters 8 28 0.000277 

Total N/A 235 0.126 

 
Table 7.1.2.16.4-2: Thruster Specifications 

 Pitch/Yaw Thruster (152N) Roll Thruster (29N) 

Combustion Chamber 
Diameter (in.) 1.55 0.81 

Combustion Chamber Length 
(in.) 5.5 1 

Exhaust Length (in.) 18.8 9.4 

Throat Diameter (in.) 0.81 0.48 

Expansion Ratio 30 30 

 

 
 

7.1.2.17 Thermal	  

7.1.2.17.1 Thermal	  Requirements	  
 

The crew vehicle will be operating in several different thermal environments during the course of 
its mission. While in each environment, all of the capsule’s systems must be kept within 
optimum operating temperatures to ensure the safe completion of the lunar mission. The thermal 
requirements for the crew vehicle cover three major systems: the RCS fuel in the outer shell, the 
crew cabin atmosphere, and the avionics.  

Figure 7.1.2.16.4-1: CM RCS Thrusters 



The RCS thrusters operate with the propellants nitrogen tetroxide and monomethylhydrazine, 
both stored in the outer shell of the crew vehicle. The thermal limits for these fuels are defined 
by nitrogen tetroxide with a freezing point of 262 K and a boiling point of 295 K, whereas the 
monomethylhydrazine has a lower freezing point and higher boiling point. Therefore, the outer 
shell of the crew capsule will be maintained at about 280 K to ensure the propellants remain in 
liquid phase.  

Crew cabin atmospheric temperature must be kept within the NASA standards set by the NASA-
STD-3000 document. For normal operations, the cabin temperature is required to remain 
between 291.5 K and 299.8 K. For emergency operations these requirements are relaxed to 
between 288.7 K and 302.6 K in order to allow for decreased power usage in emergency 
situations. The avionics computers must also be kept cool in order to operate properly. The 
processors will be kept below an operating temperature of 313 K during all mission phases in 
order to ensure their unhindered performance.  

7.1.2.18 Thermal	  (Scott	  Wingate,	  Josh	  Sloane)	  

7.1.2.18.1 Thermal	  Requirements	  
 

The crew vehicle will be operating in several different thermal environments during the course of 
its mission. While in each environment, all of the capsule’s systems must be kept within 
optimum operating temperatures to ensure the safe completion of the lunar mission. The thermal 
requirements for the crew vehicle cover three major systems: the RCS fuel in the outer shell, the 
crew cabin atmosphere, and the avionics.  

The RCS thrusters operate with the propellants nitrogen tetroxide and monomethylhydrazine, 
both stored in the outer shell of the crew vehicle. The thermal requirements for these fuels are 
limited by nitrogen tetroxide with a freezing point of 262 K and a boiling point of 295 K, 
whereas the monomethylhydrazine has a lower freezing point and higher boiling point. 
Therefore, the outer shell of the crew capsule will be maintained at about 280 K to ensure the 
propellants remain in liquid phase.  

Crew cabin atmospheric temperature must be kept within the NASA standards set by the NASA-
STD-3000 document. For normal operations, the cabin temperature is required to remain 
between 291.5 K and 299.8 K. For emergency operations these requirements are relaxed to 
between 288.7 K and 302.6 K in order to allow for decreased power usage in emergency 
situations. The avionics computers must also be kept cool in order to operate properly. The 
processors will be kept below an operating temperature of 333 K during all mission phases in 
order to ensure their unhindered performance.  

7.1.2.18.2 Thermal	  Environments	  
 
The temperature of the crew vehicle’s systems will depend on the environment that it is in at any 
given time, as well as its current operating mode (emergency or normal). These variables dictate 
how much energy the capsule is receiving, and therefore, how much energy must be radiated 
away in order to maintain desired temperature requirements. Therefore, the first step in designing 
a radiator system is to define the power being received and generated by the crew vehicle in the 



most extreme situations. By defining the total range of powers over which the thermal system 
must operate, an appropriate system can be designed.  

The environment which defines the most power that the capsule will have to deal with is when it 
is sitting on the lunar surface at noon and operating under normal conditions. In this case, the 
total power received from the sun is based on the solar power (1400  !

!!), the capsule’s lit surface 
area, and the cosine of the relative angle between the sunlight and the capsule 
(cos  (90  !"#$""% −   !ℎ!  ℎ!"#$%&'  !"#$%)). Additionally, the capsule will receive some 
radiated power from the lunar surface itself, which is modeled as a decrease in the efficiency of 
the radiators. This decrease in efficiency is scaled with the cosine of the half-cone angle such 
that smaller half-cone angles correspond to a higher environmental temperature in the radiation 
equation:  

 !!"# =   !"!!"# !!"#! − !!"#$%&"'!"(!  7.1.2.18.2-1 

 
For lunar noon, the worst case scenario surface temperature is about 350 K for the latitudes 
considered in these missions. Some power will also be generated within the capsule itself by the 
human crew as well as the flight avionics. For normal mode operation, these values are set at 
1260 W from the avionics and a constant 120 W per astronaut at all times. See table 1.2-1 for a 
full list of calculated heat values.  

The lower bound on how much energy the capsule will be receiving is set by emergency mode 
operation while eclipsed in orbit. In this case the crew vehicle is not receiving any power from 
the sun at all and the avionics power is limited to a very low 370 W. In the table below, values 
for the energy generated/received by the capsule in all operating modes are given.  

 
Table 7.1.2.18.2-1.  Thermal Environments 

 Heat from 
Avionics  

Heat from 
Astronauts and 
Sun  

Normal Mode 
Lunar Sunlit  

1260 W  1430 W  

Normal Mode 
Orbital Eclipse  

1260 W  240 W  

Emergency 
Mode Lunar 
Sunlit  

370 W  1430 W  

Emergency 
Mode Orbital 
Eclipsed  

370 W  240 W  

 



7.1.2.18.3 Insulation	  
 
The insulation covering the outside surfaces of the crew vehicle is designed to fulfill the 
temperature requirements of the RCS fuels in the outer shell. Assuming that the variance in 
power received from the sun is radiated away by an active thermal control system regulating the 
inner shell, the steady state temperature in the outer shell (which isn’t controlled by the inner 
atmospheric control) is simply a function of the emissivity of the capsule coating. The figure 
below shows a relationship between the coating emissivity and the resulting equilibrium 
temperature. As can be seen, with an emissivity of about 0.05, the equilibrium temperature is 280 
K. This temperature is sufficient to meet the RCS fuel thermal requirements, as denoted by the 
horizontal dotted lines. 

 
 

 
In order to achieve this emissivity, an insulation composed of layers of mylar will be used. 
Theoretically, the emissivity of many layers of mylar is given by the curve below. Though this 
result claims that 6 layers of mylar will give the necessary emissivity of 0.05, in reality more 
layers will be required due to thermal leaks through conduction paths in the MLI layup.  
 

 

Figure 7.1.2.18.3-1 Equilibrium Temperature  



 
 
 

7.1.2.18.4 Pumped	  Fluid	  Loop	  
 

7.1.2.18.4.1 Theory	  
To maintain a cabin temperature of 72 °F, and cool the avionics and crew system devices, we 
designed a pumped fluid loop. The major components of the pumped fluid loop include a 
radiator, pump, heat exchangers, a coolant fluid, and pipes. In steady state, the total heat 
generated in the crew module and absorbed from sunlight is equal to the heat emitted by the 
radiator. The heat transferred by the heat exchangers is a function of the temperature of the 
coolant entering and leaving the exchanger. Similarly, the heat emitted by the radiator is 
dependent on the radiator’s temperature. Therefore, the pumped fluid loop is modeled as a set of 
coupled non-linear equations. The design of the pumped fluid loop involves many parameters, 
such as the mass flow of the coolant, making the solution under constrained. Therefore, we 
considered several trade studies in order to design a system with reasonable mass, power 
consumption, and radiator surface area. 
In this section, we discuss the equations used to model each of these components. The equations 
and theory are based on David Gilmore’s Spacecraft Thermal Control Handbook, Volume 1. 

7.1.2.18.4.2 Heat	  Exchanger	  
Consider the counterflow heat exchanger shown in Figure 7.1.2.18.4-1. The cold fluid enters the 
heat exchanger with some known ṁc. The hot fluid enters with Tin,h and ṁh. The heat ! is 
conducted from the hot fluid to the cold fluid. We wish to solve for Tin,c, Tout,c, Tout,h. This is 
found using the Number of Transfer Units (NTU) method. 

Figure 7.1.2.18.3-2 Emissivity  



 
Definitions/symbols used for heat exchanger analysis: 

c subscript = cold fluid 
h subscript =  hot fluid 

! = heat transferred from hot fluid to cold fluid 
h = heat transfer coefficient of the coolant 

t = thickness of the pipe wall 
λ = thermal conductivity of the pipe 

Cp = specific heat of fluid 

Cc = ṁc*Cpc 

Ch = ṁh*Cph 
Cmin = min(Cc, Ch) 

Cmax = max(Cc, Ch) 
C = Cmin/Cmax 

Aexchange = total area where heat exchange occurs 
 

Equations (in the order they are calculated): 
Overall heat transfer coefficient (U) 
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Number of Transfer Units (NTU) 
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Effectiveness of counterflow heat exchanger (ε) 

Tin,

c 

Tin,

h 
Tout,h 

Tout,c 
 

Heat Exchanger 
 Qdot 

Figure 7.1.2.18.4-1 Heat Exchanger  
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Maximum heat transfer with perfect heat exchanger (!max) 
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Calculated temperatures 
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7.1.2.18.4-7 

   

7.1.2.18.4.3 Radiator	  
A diagram of the radiator is shown in Figure 7.1.2.18.4-1. Here, the coolant is flowing through 
the radiator with a known inlet temperature Tin, outlet temperature Tout, and ṁ. In addition, the 
heat transferred from the coolant !, as well as the heat flux to the radiator Φq is known. We wish 
to solve for the radiator temperature Trad and required surface area Arad. 

 
The heat transfer between the coolant and the radiator is modeled as a heat exchanger, using the 
same equations as discussed earlier. Note that, for heat transfer to occur, Trad must be less than 
Tout. The radiator is approximated as a perfect conductor, so Cmax  ∞, and therefore C = 0. We 

Tin Tout 

Radiator	  
Trad	  
Arad	  
Φq	  
	  

!̇ 

Figure 7.1.2.18.4-2. Radiator 
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can therefore use Equation 7.1.2.18.4-3 to calculate the effectiveness. Once that is calculated, we 
can find Trad. 

 !!"# = ! ∗ !!"# 7.1.2.18.4-8 

The heat into the radiator ! is 
 ! = ! ∗ !! ∗ !!" − !!"#  7.1.2.18.4-9 

The heat emitted by the radiator ! rad is 
 !!"# =   !"!!"# !!"#! − !!"#$%!  7.1.2.18.4-10 

 

We considered a radiator with emissivity ϵ = 0.85. In equilibrium, ! =!rad, so the radiator area 
can be solved for. 

7.1.2.18.4.4 Pumps	  
The pumps, which force the coolant to flow around the radiator loop, must be sized in order to 
overcome the total frictional losses in the system (known as “head losses”). The total head loss in 
a pumped fluid loop system is given as the sum of major and minor losses:  
 ℎ! = ℎ!"# + ℎ!"# 7.1.2.18.4-11 

 
The major head losses are simply energy losses due to friction between the fluid flow and the 
walls of the pipes through which it is flowing. This head loss is proportional to the dimensions of 
the pipes as well as the velocity and properties of the fluid that is flowing:  
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2  
7.1.2.18.4-12 

 
The coefficient f is simply a factor proportional to one over the Reynolds number of the flow 
through the pipe. In order to approximate the major head losses for the crew vehicle system, it 
was estimated that 4 meters total of 1.5 cm diameter piping would be used to carry the coolant 
around the capsule.  
The minor head losses are energy losses due to the flow passing through features such as bends, 
narrowing/openings, heat exchangers, and other non-smooth pipe shapes. For these losses, each 
feature has its own, experimentally determined loss coefficient, K, for how much energy is lost 
as the flow passes through it. This is used in the formula:  
 

ℎ!"# = !
!!

2  
7.1.2.18.4-13 

 
To approximate the minor head losses in the crew capsule, it was assumed that the pipes would 
incorporate about eight 90-degree bends, three heat exchangers, and two sets of 
narrowing/openings. 



The total pressure losses in the pumped fluid loop are 3 psi. Each of three pumps in the loop is 
capable of providing this 3 psi pressure rise, making the system double fault tolerant.   

7.1.2.18.5 Trade	  Studies/Analysis	  

7.1.2.18.5.1 Fluid	  Mass	  Flow	  
For the pumped fluid loop, a known amount of power must be emitted by the radiator to keep the 
system in equilibrium. There are many combinations of Tin, Tout, and ṁ which give the desired 
!. Different combinations, however, lead to different radiator areas. In addition, we wish to have 
a relatively low value of Tout, since the colder the fluid is that leaves the radiator, the more 
effectively it will be able to cool crew module. We conducted several trade studies to help us 
select a design point. For the pumped fluid loop, Tin is set to 300K. 

From Equation 7.1.2.18.4-9, for constant !, � is inversely proportional to Tin-Tout. A plot of ṁ 
vs. Tout is shown in Figure 7. 2.1.17.5-1. As Tout approaches Tin, the mass flow approaches 
infinity, because at Tout = Tin, no heat is conducted. From this trade study, we conclude that Tout 
should be less than 290K, in order to have a reasonable value of ṁ. 

 
Figure 7.1.2.18.5-1: Fluid Mass Flow vs. Temperature Leaving Radiator 

7.1.2.18.5.2 Radiator	  Surface	  Area	  
For preliminary analysis of the radiator, we considered a value of Tin = 300K, and ! = 5000W. 
With these values specified, we see that ṁ can be found as a function of Tout from Equation 
7.1.2.18.4-9. 
As discussed in the theory section, the effectiveness of a heat exchanger is a function of the 
surface area where heat exchange occurs. For a constant power transferred, the effectiveness is a 
function of the heat flux ! = !

!
, so ! =   !(!). Taking the equilibrium case, and saying Tspace ~ 0 

K, we can combine Equations 7.1.2.18.4-9 and 7.1.2.18.4-8 into the equation: 



 !!"# = !"!!"# ! ! ∗ !!"# ! = !"#$%. 7.1.2.18.5-1 

 
This equation contains three parameters Arad, Φ, Tout, making it under constrained. Ideally, we 
would like to minimize Arad, and ṁ, and Aexchange (which is accomplished by maximizing Φ). 
These are competing goals, so we must consider a trade study, shown in Figure 7.1.2.18.5-2. 

 
Figure 7.1.2.18.5-2: Radiator Surface Area vs. Heat Flux to Radiator 

 
The black point on Figure 7.1.2.18.5-2 shows the preliminary design point selected for the 
radiator. From the fluid mass flow trade study, we determined that Tout should be ≤ 290K. From 
Figure 7.1.2.18.5-2, we see that for Φ=0, selecting Tout=280K instead of 290K only increases 
Arad by about 20%. In addition, a colder coolant will more effectively cool the subsequent 
components of the module, so those heat exchangers will be smaller. At the design point, Arad 
would be the same for Tout = 280 or 290 K. In addition, a decrease in Φ would not have much 
effect on Arad, wheras increasing Φ would cause Arad to increase quickly. 

7.1.2.18.5.3 Conclusions	  
Based on trade studies, we selected the following values that will be fixed for all subsequent 
analysis: 

Tin = 300K (coolant flowing into radiator) 
Tout = 280K (coolant flowing out of radiator). (Note: for one case, I actually used Tout = 270K) 

Φ  = 6000W/m^2 (heat flux to the radiator) 

Although this trade study was conducted for a preliminary value of !, this should do a good job 
at keeping Arad close to the minimum value, keep ṁ relatively small, and have a Tout cold enough 



to effectively cool subsequent components. In addition, the radiator heat exchanger area will be 
on the order of 1 m^2.  

7.1.2.18.6 	  Flowchart	  
The three major sources of heat considered are sunlight, humans, and avionics/crew systems 
components. All of the heat from the sunlight and humans is modeled as heating the air. The air 
is then cooled using a heat exchanger between the air and the coolant. The avionics/crew system 
components are all liquid cooled, and they are modeled as being cooled by a second heat 
exchanger. A flowchart of the pumped fluid loop is shown in Figure 7.1.2.18.6-1. 

 
Figure 7.1.2.18.6-1: Pumped Fluid Loop Requirements Flowchart 

As shown in this figure, the 50% water-ethylene-glycol coolant is cooled by the radiator. Some 
percent of the fluid is diverted to cool the avionics and crew systems components, while the 
remaining fluid cools the air. Three pumps are used in parallel, each capable of pumping the 
fluid by if the other two fail, providing two fault tolerance for the pumps. 

This pumped fluid loop must be able to function during 4 operating conditions: normal mode 
lunar sunlit, normal mode orbital eclipsed, emergency mode lunar sunlit, and emergency mode 
orbital eclipsed. These modes range between the maximum and minimum values of !rad that the 
crew module is expected to encounter. 

Each of these modes has specified values for !air, !avs, and !rad (highlighted in orange). The 
values for the mass flows (highlighted in yellow) are then solved for. The values for mass flow 
are varied manually until the temperatures converge to those shown in Figure 7.1.2.18.6-1. Since 
the normal mode lunar sunlit case has the largest amount of power that must be radiated, the 
radiator, heat exchangers, and pumps are sized for this case. The flowchart for the normal-sunlit 
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condition is shown in Figure 7.1.2.18.6-2. The MATLAB code used to solve this case is in the 
appendix.  

 
Figure 7.1.2.18.6-2: Normal mode lunar sunlit 

7.1.2.18.7 Table	  of	  Conditions	  
With this completed, the radiator surface area is fixed, and the configuration for the pumped 
fluid loop for the different conditions. These configurations are shown in Table 7.1.2.18.7-1. 

 
Table 7.1.2.18.7-1: Conditions for pumped fluid loop 

 Total 
Radiated 
Heat  

Heat from 
Avionics 
and Crew 
Systems 

Heat from 
Astronauts and 
Sun (i.e. heat 
from air)  

Pump 
Mass 
Flow 

%Mass 
Flow to 
Avionics  

Air 
Mass 
Flow  

Normal 
Mode 
Lunar 
Sunlit  

2700 W  1260 W  1430 W  40.2 g/s  25%  200 g/s  

Normal 
Mode 
Orbital 
Eclipse  

1500 W  1260 W  240 W  22.5 g/s  46%  200 g/s  

Emergency 
Mode 
Lunar 

1800 W  370 W  1430 W  17.9 g/s  12%  200 g/s  
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Sunlit  
Emergency 
Mode 
Orbital 
Eclipsed  

610 W  370 W  240 W  9.1 g/s  33%  150 g/s  

 

7.1.2.18.8 Radiator	  Placement	  
The crew module will use a body mounted radiator. Its placement is shown in red on Figure 
7.1.2.18.8-1. 

 
Figure 7.1.2.18.8-1: Radiator placement (shown in red) 

 

7.1.2.18.9 	  Subsystem	  summary	  
A summary of the mass, volume/surface area, and power is shown in Table 7.1.2.18.9-1. 
  



Table 7.1.2.18.9-1: Subsystem summary 

 Mass (kg)  Volume/Surface Area  Power (W)  

Radiators  65  9 (m^2)  --  

Fluid  36  0.05 (m^3)  --  

Piping  32  0.04 (m^3)  --  

Pump  10  0.001 (m^3)  60  

Heat Exchanger  10  4 (m^2)  --  

Insulation  20  42 (m^2)  --  

TOTAL  173 kg   60 W  

 

7.1.2.19 Command	  &	  Data	  Handling	  (Tom	  Noyes)	  
The Command and Data Handling (C&DH) components control all spacecraft systems and allow 
individual spacecraft modules to communicate with each other as well as ground stations.  Major 
elements discussed in the design of the C&DH system include the network architectures, 
operating systems and application programming languages, hardware requirements, C&DH fault 
tolerance and radiation hardening, and docked module command authority.  Typical functions of 
the C&DH system include: 

- Transmission of housekeeping and science data 
- Transmission of command and control data 
- Performance of telemetry and telecommand protocols 
- Spacecraft time source – used to synchronize events around the spacecraft 
- Data storage 
- Execution of commands and schedules 
- Control of payloads and sub-systems 
- Monitoring spacecraft health 
- Performance of autonomous decisions 
- Performance of data compression 

7.1.2.19.1 Data	  Networking	  
The various command and data handling components, spacecraft sensors, mechanisms, and 
actuators must be able to communicate with each other over a reliable and robust data network.  
Due to the widely diverse requirements of the various spacecraft systems, there is no ‘one size 
fits all’ networking protocol/architecture.  Rather, each spacecraft may have multiple types of 
networking architectures connecting various components with the command and data handling 
system.  Components requiring high-speed/high-capacity connections such as science payloads, 
video streaming, and specialty instruments may require the 400 Mbps throughput of the IEEE-
1355 SpaceWire data bus.  Components requiring inherent redundancy such as GNC sensors 
may require the use of the MIL-STD-1553 data bus.  Lastly, components designed to utilize the 
RS-485 data bus are appealing due to the widespread acceptance and availability of parts which 
use this standard. 



7.1.2.19.2 Networking	  Architectures	  Considered	  
This section includes the various types of networking architectures considered and the 
benefits/drawbacks of each. 

7.1.2.19.2.1 MIL-‐STD-‐1553	  
Modes of operation: half-duplex 
Network topology: multidrop 

Maximum speed at 12 meter cable length: 1 Mbps 
Differential signaling: Yes 

Maximum number of drivers: 1 
Maximum number of receivers: 31 

 
The MIL-STD-1553 serial data bus (also known as ‘MilBus’) was originally designed by the 
U.S. Department of Defense for use in military avionics.  It has since been adapted for use in 
spacecraft command and data handling systems.  This networking standard is TRL 9 and is 
widely used to transfer data between spacecraft sensors, mechanisms, and command & data 
handling components.  It operates in a half-duplex mode, meaning that data must be transmitted 
asynchronously.  It uses differential signaling whereby a data signal is sent along both a + and – 
wire.  This is in contrast to data buses that do not do this whereby a signal is sent along a data 
wire and measured in relation to ground.  Differential signaling helps eliminate noise caused by 
stray voltages. 

 
This is a multidrop architecture meaning that there can be multiple devices which receive the 
data but only one device may be actively broadcasting it at any given time. 
 

This data bus is inherently redundant and can transmit data at any time through one of two 
cables.  The cables are coaxial and are referred to as the ‘A’ side and the ‘B’ side.  In case of a 
failure on one side, the bus controller can dictate that data is transmitted on the other side.  The 
connectors between the coaxial cables and the remote terminals (devices using the network) use 
transformers to isolate the remote terminal from the cable.  This prevents short circuits from 
damaging the equipment. 

7.1.2.19.2.2 IEEE-‐1355	  SpaceWire	  
Modes of operation: full-duplex 

Network topology: multipoint 
Maximum speed at 12 meter cable length: 400 Mbps 

Differential signaling: Yes 
Maximum number of drivers: Technically unlimited/scalable through additional routers 

Maximum number of receivers: Technically unlimited/scalable through additional routers 
 



This networking standard is TRL 9 and has been used to transfer data between spacecraft 
sensors, mechanisms, and command & data handling components.  It operates in a full-duplex 
mode, meaning that data can be transmitted synchronously.  It uses differential signaling 
whereby a data signal is sent along both a + and – wire.  This is in contrast to data buses that do 
not do this whereby a signal is sent along a data wire and measured in relation to ground.  
Differential signaling helps eliminate noise caused by stray voltages. 

 
This is a multipoint architecture meaning that there can be multiple devices which receive the 
data as well as multiple devices which may be actively broadcasting at any given time. 
 

This data bus can be internally redundant by using two sets of data wires.  However, all wires are 
contained within the same data cable making the redundancy not as effective as having two 
completely separate cables. 
 

Unlike the other data buses mentioned here, SpaceWire allows for the simultaneous transmission 
of data using multiple types of network transmission protocols. 

7.1.2.19.2.3 RS-‐232	  
Modes of operation: half-duplex and full-duplex 

Network topology: point-to-point 
Maximum speed at 12 meter cable length: 20 kbps 

Differential signaling: No 
Maximum number of drivers: 1 

Maximum number of receivers: 1 
 

This networking standard is TRL 9 and has been used to transfer data between spacecraft 
sensors, mechanisms, and command & data handling components.  It operates in either a full- or 
half-duplex mode, meaning that data can be transmitted both synchronously and asynchronously.  
It does not use differential signaling.  Differential signaling helps eliminate noise caused by stray 
voltages. 
 

This is a point-to-point architecture meaning that one device can only be connected to one other 
device using the same wires. 

 
This data bus can be internally redundant by using two sets of data wires.  However, all wires are 
contained within the same data cable making the redundancy not as effective as having two 
completely separate cables. 

  



7.1.2.19.2.4 RS-‐422	  
Modes of operation: half-duplex 
Network topology: multidrop 

Maximum speed at 12 meter cable length: 10 Mbps 
Differential signaling: Yes 

Maximum number of drivers: 1 
Maximum number of receivers: 10 

 
This networking standard is TRL 9 and is widely used to transfer data between spacecraft 
sensors, mechanisms, and command & data handling components.  It operates in a half-duplex 
mode, meaning that data must be transmitted asynchronously.  It uses differential signaling 
whereby a data signal is sent along both a + and – wire.  This is in contrast to data buses that do 
not do this whereby a signal is sent along a data wire and measured in relation to ground.  
Differential signaling helps eliminate noise caused by stray voltages. 
 

This is a multidrop architecture meaning that there can be multiple devices which receive the 
data but only one device may be actively broadcasting it at any given time. 

 
This data bus can be internally redundant by using two sets of data wires.  However, all wires are 
contained within the same data cable making the redundancy not as effective as having two 
completely separate cables. 

7.1.2.19.2.5 RS-‐423	  
Modes of operation: half-duplex 
Network topology: multidrop 

Maximum speed at 12 meter cable length: 100 kbps 
Differential signaling: No 

Maximum number of drivers: 1 
Maximum number of receivers: 10 

 
This networking standard is TRL 9 and has been used to transfer data between spacecraft 
sensors, mechanisms, and command & data handling components.  It operates in a half-duplex 
mode, meaning that data must be transmitted asynchronously.  It does not use differential 
signaling.  Differential signaling helps eliminate noise caused by stray voltages. 
 

This is a multidrop architecture meaning that there can be multiple devices which receive the 
data but only one device may be actively broadcasting it at any given time. 

 



This data bus can be internally redundant by using two sets of data wires.  However, all wires are 
contained within the same data cable making the redundancy not as effective as having two 
completely separate cables. 

7.1.2.19.2.6 RS-‐485	  
Modes of operation: half-duplex 
Network topology: multipoint 

Maximum speed at 12 meter cable length: 35 Mbps 
Differential signaling: Yes 

Maximum number of drivers: 32 
Maximum number of receivers: 32 

 
This networking standard is TRL 9 and is widely used to transfer data between spacecraft 
sensors, mechanisms, and command & data handling components.  It operates in a half-duplex 
mode, meaning that data must be transmitted asynchronously.  It uses differential signaling 
whereby a data signal is sent along both a + and – wire.  This is in contrast to data buses that do 
not do this whereby a signal is sent along a data wire and measured in relation to ground.  
Differential signaling helps eliminate noise caused by stray voltages. 
 

This is a multipoint architecture meaning that there can be multiple devices which receive the 
data as well as multiple devices which may be actively broadcasting at any given time. 

 
This data bus can be internally redundant by using two sets of data wires.  However, all wires are 
contained within the same data cable making the redundancy not as effective as having two 
completely separate cables. 

7.1.2.19.3 Networking	  Architectures	  Chosen	  
The following networking architectures will be used on each spacecraft module design for this 
project, contingent on that particular module’s requirements.  For example, SpaceWire is 
necessary for the high-speed/high-capacity requirements of the science payload/instrumentation 
on the Crew Module, but is not needed on the Orbital Propulsion Modules. 

7.1.2.19.3.1 MIL-‐STD-‐1553	  
The MIL-STD-1553 data bus will be used to link:  

- GNC Sensors 
- GNC Controller  
- Housekeeping/IO Sensors 
- Single Board Computer 
- Propulsion and attitude effectors 
- Docked modules 

  

Figure 7.1.2.19.3-1: MIL-STD-1553 Bus Topology 



7.1.2.19.3.2 IEEE-‐1355	  SpaceWire	  
The IEEE-1355 SpaceWire data bus will be used to link: 

- Science payload/instrumentation 
- Single Board Computer 
- Communications controllers (X- and S-Band)  

7.1.2.19.3.3 RS-‐485	  
The RS-485 data bus will be used to link: 

- Communications controllers (X- and S-Band) 
- Transponders 
- Human Interface Devices 
- Housekeeping/IO Sensors 
- Science payload/instrumentation 

7.1.2.19.3.4 Analog	  Connections	  
Various sensors, mechanisms, and actuators may also be 
linked through analog connections.  These components 
will be linked to the Housekeeping/IO board via direct 
connection or through ADCs.  

Figure 7.1.2.19.3-1: IEEE-1355 
SpaceWire Cable 

Figure 7.1.2.19.3-1: RS-485 Bus Topology 

Figure 7.1.2.19.3-1: Command and Data Handling Assembly 



7.1.2.19.4 C&DH	  Hardware	  Components	  

7.1.2.19.4.1 Single	  Board	  Computer	  (SBC)	  
The Single Board Computer hosts 
the flight software needed to 
perform all onboard command  
and data handling operations.  
Driving requirements used when 
selecting the SBC include 
processor performance measured 
in instructions per second (KIPS 
or MIPS), type of memory and 
memory size, input/output 
interfaces, and power 
consumption.  SBCs onboard 
spacecraft use real-time operating 
systems such as WindRiver 

VxWorks.  Applications which 
run on the SBC are generally 
written in C/C++. 

7.1.2.19.4.2 Mass	  Memory	  Unit	  (MMU)	  
The Mass Memory Unit stores data when 
either 1) the spacecraft is not in contact with 
ground stations, or 2) when the amount of 
data exceeds the capacity of the transponders.  
The MMU typically consists of 
DRAM/SDRAM cards.  The amount of 
memory needed is driven by the data creation 
rate and the time during which the spacecraft 
is not in contact with ground stations. 

7.1.2.19.4.3 Communications	  Controllers	  (X-‐	  and	  S-‐Band)	  
The Communications Controllers perform command decoding and telemetry encoding interface 
functions with the RF transponder.  The Communications Controller can decode commands and 
execute those commands without intervention from the SBC. 

7.1.2.19.4.4 Guidance,	  Navigation,	  and	  Control	  (GNC)	  Controller	  
The Guidance, Navigation, and Control Controller monitors spacecraft attitude and position, 
operates the Kalman filter algorithm, executes commands to change spacecraft attitude and 
position, and interfaces with the available propulsion and attitude effectors. 

Figure 7.1.2.19.4-1: Single Board Computer Example 

Figure 7.1.2.19.4-1: Mass Memory Unit Example 



7.1.2.19.4.5 Housekeeping/Input-‐Output	  Controller	  (HK/IO)	  
The Housekeeping/Input-Output Controller performs command and telemetry functions to 
change and read spacecraft configuration.  The functions include issuing discrete and serial 
commands, discrete and serial telemetry, and measuring voltages, currents, and temperatures. 

7.1.2.19.5 C&DH	  Software	  

7.1.2.19.5.1 RTOS	  vs.	  non-‐RTOS	  
A Real-Time Operating System (RTOS) is an operating system intended to serve real-time 
application requests.  It is able to process data as it comes in and does not suffer from buffering 
delays.  Processing times are measured in tenths of a second or shorter.  The timing of various 
actions made by the C&DH system is critical onboard spacecraft.  As a result, spacecraft must 
use a real-time operating system on the C&DH components.  Two RTOS designed specifically 
for industrial embedded applications and having TRL 9 are VxWorks and QNX Neutrino.  For 
this mission, VxWorks is proposed as the RTOS on the SBCs, and QNX Neutrino is proposed 
for the other controllers (GNC, HID, etc.). 

 
Linux may become a viable open source alternative in the future, but it currently has a TRL 3 
and is not considered a RTOS. 

7.1.2.19.5.2 Programming	  languages	  
Software applications are written in high-level languages such as C/C++ or Ada.  C/C++ and 
Ada are TRL 9. 

7.1.2.19.6 Fault	  Tolerance	  and	  Radiation	  Hardening	  
Various mechanisms can be put into place to prevent or correct faults due to stray electrical 
signals or radiation. 

7.1.2.19.6.1 Network	  
- Parity: A ‘check bit’ is added to the data packet.  If the sum of the logical ones and zeros 

in the packet is even, the check bit is 1.  If the sum is odd, the check bit is 0.  This method 
detects errors in data transmission.  If an error is detected the affected packet is discarded 
and a new version is resent. 

- Cyclic-Redundancy-Checksum (CRC): A similar method to parity, but is based on the 
remainder resulting from division instead of whether the sum is even or odd. 

7.1.2.19.6.2 Hardware	  
- Physical: Hardware is shielded from radiation or has special manufacturing processes and 

materials used to prevent radiation damage. 
- Diverse redundancy: Two SBCs may be identical but the third uses a different 

manufacturer for the processor.  This reduces the possibility of systematic faults due to 
problems during manufacturing. 

7.1.2.19.6.3 Software	  
- Voting logic (system and circuit level): Used when there are multiple copies of a system 

for redundancy.  In cases of data disparity, the data which is consistent on a majority of 
the machines is considered correct 



- Watchdog timer: Algorithm which prevents system hangs.  A countdown clock is 
periodically reset to a starting value by software operating on the system.  If the system 
hangs and this timer does not get reset, it will initiate a complete hardware reset. 

- Error Detection And Correction/Scrubber: EDAC is used to correct flipped bits resulting 
from single event upsets.  Check bits are added to the data word during memory writes.  
When reading from the memory, check bits are noted and single bit-flips corrected. 

- Safe Mode: Mode in which spacecraft is operating in a default standby configuration.  
This occurs after a serious fault and allows the spacecraft to place itself in a configuration 
to prevent further damage to its systems. 

7.1.2.19.6.4 Additional	  Considerations	  
- The CM, OLV, and LHab C&DH systems are shielded and within the habitable volume.  

No additional radiation hardening is required. 
- The OPM-S and LPM C&DH systems are not shielded and must be made radiation hard. 

7.1.2.19.7 Module	  Command	  Authority	  
Spacecraft modules rendezvous and dock periodically throughout various phases of the mission.  
When docked, the lead module is designated as the ‘master’ and any other docked modules are 
designated as ‘slaves’.  This allows one controller to determine the optimum burn profile when 
adjusting spacecraft attitude. 
 

- When OPM and LPM modules are singular, they are masters and only control 
themselves. 

- When OPM and LPM modules are docked, the lead module is the master. 
- When OPM and LPM modules are docked to a CM, the CM is the master. 
- Further redundancy is provided by allowing a ‘slave’ to become the master in case the 

master fails. 
- Note that the descent stage of the LPM (LPM-D) contains the avionics.  On ascent from 

the moon, the ascent stage of the LPM (LPM-A) does not contain avionics and cannot 
provide further redundancy.  This is done to save mass as the inert weight of the LPM-D 
is left behind. 
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7.1.2.19.8 Crew	  Module	  and	  Orion	  Landing	  Vehicle	  
Due to the similarity in C&DH systems between all spacecraft modules, block diagrams and 
requirements for all modules are listed in this part of the report. 

7.1.2.19.8.1 C&DH	  Requirements	  Overview	  
- Single Board Computer: capable of 30 MIPS with 1GB Flash EEPROM 
- Mass Memory Unit: capable of 1TB of data storage in a RAID 1 array of Flash EEPROM 
- S- and X-Band Controllers 
- GNC Controller: capable of 300 KIPS with 750MB of Flash EEPROM 
- Housekeeping/IO Controller: capable of 200 KIPS with 200MB Flash EEPROM 
- LVPC: provide +3.3V and +5V in addition to other lower voltages for use in the C&DH 

systems. 
- No single point failures.  All systems are at least doubly redundant or triply redundant 
- Three independent C&DH chassis which operate simultaneously to provide redundancy.  

Voting logic between the three systems detects fault conditions.  In addition, docked 
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modules are able to communicate through RS-485 data links in the docking mechanism.  
C&DH systems on each module are able to control components of C&DH systems on 
other docked modules as needed. 

- Mass estimate: 150 kg 
- Volume estimate: 0.5 m3 
- Power estimate: 400 W 

7.1.2.19.8.2 Emergency	  Mode	  
During spacecraft emergencies when everything but the most critical systems are shut down, the 
following components will continue operating. 

- Single C&DH chassis (no multi-chassis redundancy) 
- No Mass Memory Unit 
- Only essential Housekeeping/IO functionality 
- C&DH power is reduced to 150W 

7.1.2.19.8.3 Block	  Diagram	  
 



 
Figure 7.1.2.19.8-1: Block Diagram of Crew Module and Orion Landing C&DH 

7.1.2.19.9 Orbital	  Propulsion	  Module-‐Storable	  and	  Lunar	  Propulsion	  Module	  
Due to the similarity in C&DH systems between all spacecraft modules, block diagrams and 
requirements for all modules are listed in this part of the report. 

7.1.2.19.9.1 C&DH	  Requirements	  Overview	  
- Single Board Computer: capable of 10 MIPS with 500MB Flash EEPROM 
- Mass Memory Unit: No MMU 
- S- and X-Band Controllers 
- GNC Controller: capable of 300 KIPS with 750MB of Flash EEPROM 
- Housekeeping/IO Controller: capable of 100 KIPS with 100MB Flash EEPROM 
- LVPC: provide +3.3V and +5V in addition to other lower voltages for use in the C&DH 

systems. 



- No single point failures.  All systems are at least doubly redundant or triply redundant 
- Two independent C&DH chassis which operate simultaneously to provide redundancy.  

Voting logic between the two systems detects fault conditions.  In addition, docked 
modules are able to communicate through RS-485 data links in the docking mechanism.  
C&DH systems on each module are able to control components of C&DH systems on 
other docked modules as needed. 

- Mass estimate: 70 kg 
- Volume estimate: 0.35 m3 
- Power estimate: 200 W 

7.1.2.19.9.2 Block	  Diagram	  
 

 
Figure 7.1.2.19.9-1: Block Diagram of Orbital Propulsion Module-Storable and Lunar Propulsion Module C&DH 

7.1.2.19.10 Lunar	  Habitat	  
Due to the similarity in C&DH systems between all spacecraft modules, block diagrams and 
requirements for all modules are listed in this part of the report. 

7.1.2.19.10.1 C&DH	  Requirements	  Overview	  
- Single Board Computer: capable of 30 MIPS with 1GB Flash EEPROM 



- Mass Memory Unit: 3TB in RAID 1 Flash EEPROM 
- UHF, S-, and X-Band Controllers 
- GNC Controller: capable of 300 KIPS with 750MB of Flash EEPROM 
- Housekeeping/IO Controller: capable of 200 KIPS with 200MB Flash EEPROM 
- LVPC: provide +3.3V and +5V in addition to other lower voltages for use in the C&DH 

systems. 
- No single point failures.  All systems are at least doubly redundant or triply redundant 
- Three independent C&DH chassis which operate simultaneously to provide redundancy.  

Voting logic between the three systems detects fault conditions.   
- Mass estimate: 70 kg 
- Volume estimate: 0.35 m3 
- Power estimate: 300 W 

7.1.2.19.10.2 Block	  Diagram	  
 

 
Figure 7.1.2.19.10-1: Block Diagram of Lunar Habitat C&DH 

 



7.1.2.20 Guidance,	  Navigation,	  and	  Control	  (Grant	  McLaughlin)	  
The Crew Module needs to be capable of determining its location and orientation, determining 
the path to follow to get to its destination, and the means of following that path. The spacecraft 
will be operating in LEO, cis-lunar space, and LLO and will need the capability to obtain a 
navigation fix in those regions, perform GNC tasks autonomously, and maintain three-axis 
stability. 
The communications antenna with the most restrictive half-power beam width leads to a pointing 
accuracy requirement of ±1.3 deg. In addition, to restrict orbit maneuvering errors and avoid 
wasting propellant, restrictions were set on pointing measurement accuracies of ±1.0 deg. and 
range measurement accuracies or ±100 m. The Crew Module will also need knowledge of the 
sun angle to avoid damaging attitude sensors. 

 

7.1.2.20.1 	  GNC	  System	  
The GNC system is presented in Fig. 7.1.2.20.1-1. Beginning at the bottom left, the navigation 
sensors take parameter measurements of the state and orientation of the Crew Module. This 
includes position, velocity, acceleration, attitude, and angular velocity. The sensors make 
parameter measurements through the acquisition of raw information: light from the sun, light 
from stars, radar, and changes in inertial forces. Sensor selection will be discussed in sections 
7.1.2.20.2 and 7.1.2.20.3. 
 

State estimates are fed to, or determined by, the GNC controller. The GPS receivers and star 
cameras perform real-time state estimation within their respective sensor electronics units. The 
real-time state estimates from the IMUs, sun sensors, and S-band antenna measurements will be 
processed in the GNC controller. The state estimate relates navigation sensor observations to the 
spacecraft state. GNC processor algorithms take the state estimate and the desired state and 
optimize a control algorithm based on known Crew Module dynamics. The desired state could be 
from a scheduled maneuver, crew input, or mission control. 
 

The control algorithms are the guidance instructions that are sent to be implemented by the 
control actuators, the RCS thrusters and main engines. In addition to the generated torque and 
thrust, internal and external disturbance torques act on the Crew Module. The Crew Module’s 
dynamics dictate how the Crew Module’s attitude and trajectory will change. The internal 
disturbance torques includes the actuation of communications antennas, fuel slosh, and the 
movement of the crew. External disturbance torques includes aerodynamic, magnetic, gravity 
gradient, and solar radiation torques. Following spacecraft movement, the navigation sensors 
take new parameter measurements and update the state estimate to complete the closed loop 
feedback GNC system. 



 

Sources: 
Starin, Scott R., Eterno, J., “Spacecraft Attitude Determination and Control Systems”, Space 
Mission Engineering: The New SMAD, Microcosm Press, 2011. 

7.1.2.20.2 Hardware	  Systems	  Considered	  
The GNC hardware systems considered are discussed below. This includes hardware for inertial 
measurements, attitude measurements, state measurements, and reaction control systems. 

Inertial	  Measurement	  

Inertial measurement sensors include gyroscopes and accelerometers which measure angular 
velocity and linear acceleration respectively. Inertial measurements are responsible for 
maintaining the Crew Module’s attitude and position in between observable measurements. 
Gyroscopes and accelerometers can be implemented as separate sensors or as part of an inertial 
measurement unit (IMU). There are options for gyroscopes that vary in technical maturity and 
accuracy including fiber optic, hemispherical resonator, and ring laser gyroscopes. Flight proven 
ring laser gyroscopes have accuracies to the order of 0.01 deg./s. A minimum of three 
gyroscopes and three accelerometers are necessary to determine a complete state and attitude. 
One IMU is capable of complete state and attitude inertial measurements.  
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Sources: 
Starin, Scott R., Eterno, J., “Spacecraft Attitude Determination and Control Systems”, Space 
Mission Engineering: The New SMAD, Microcosm Press, 2011. 
 

Attitude	  Reference	  Measurement	  

Attitude determination sensors take astrometric measurements to determine the spacecraft’s 
attitude. Sensors considered were star cameras, sun sensors, and earth sensors.  

Star cameras traditionally make use of charge couple devices to record images of star patterns. 
These devices record the image as a charge, which is subject to radiation error. Relatively new, 
yet flight proven, active pixel star cameras require less power and have less mass than charge 
couple device. These sensors are simpler and make use of multiple active transistors in each 
pixel instead of charges. Active pixel star cameras also have a greater dynamic range which 
means they are capable of identifying star light to a finer degree. As a result, they are capable of 
separating light reflected from the moon and are more tolerant of light from the sun. Any one star 
camera is capable of determining full 3-axis attitude information within seconds. Star cameras 
are the most accurate sensor for determining attitude; they range in accuracy from ±0.0001 deg. 
to ±0.01 deg. 

Sun sensors are small, simple, reliable, low cost, and low power attitude sensors. Measurements 
from multiple sun sensors are required to determine the sun angle. Sun sensors can be part of the 
primary attitude determination system, initial attitude acquisition system, or failure recovery 
system. Course sun sensors are passive or require very little power and have accuracies to the 
order of 1 to 5 deg. Fine sun sensors require little power, require prior knowledge of the sun 
direction, and have finer measurement accuracies to the order of 0.01 deg. 

Earth Sensors detect the horizon of the Earth and return the vector from the spacecraft to the 
center of the Earth. These sensors are only effective through LEO and require a view of the 
Earth. The Crew Module will not be considered an Earth pointing spacecraft for much of its 
mission. 
Sources:  

C. C. Liebe et al, “Active Pixel Sensor (APS) based Star Tracker”, Jet Propulsion Laboratory, 
Pasadena, CA. 

F. Boldrini, E.Monnini, D. Procopio, “Applications of APS Detector to GNC Sensors”, Galileo 
Avionica Space Equipment B.U., Firenze, Italy.  

O. Yadid-Pecht, C. Clark, B. Pain, C. Staller, E. Fossum, “Wide Dynamic Range APS Star 
Tracker”, Jet Propulsion Laboratory, Pasadena, CA. 

Starin, Scott R., Eterno, J., “Spacecraft Attitude Determination and Control Systems”, Space 
Mission Engineering: The New SMAD, Microcosm Press, 2011. 

 



State	  Reference	  Measurement	  

State determination sensors take radiometric measurements to determine the spacecraft’s position 
and velocity. Sensors considered are GPS receivers and the Near Earth Network (NEN) S-band 
antenna. 
NASA has developed a GPS system that quickly searches for weak side lobe GPS signals and is 
capable of acquiring a signal in under a minute in GEO. A nominal GPS system acquires signals 
at 35 dB-Hz; this system can acquire signals at 25 dB-Hz which greatly expands the available 
selection of GPS signals. The system uses a new acquisition engine that utilizes a field-
programmable gate array and fast Fourier transform method to quickly search through the weak 
signals. In addition, the system uses an extended Kalman filter that helps to estimate the state if 
there is less than the minimum of four satellite signals necessary for a solution. The software 
uses a model of the spacecraft’s dynamics to propagate the state. The system is radiation 
hardened and is being fitted for use on the Multi-Purpose Crew Vehicle. Further developments 
could lead to more reliable use in high earth orbits, cis-lunar, and lunar orbits. 
The NEN S-band antenna makes use of the network stations being utilized by the 
communications systems. The stations in Wallops Island, VA; South Point, Hawaii; Dongara, 
Western Australia; and Hartebeesthoek, South Africa are capable of two-way Doppler 
measurements and with the exception of the Hartebeesthoek, South Africa station, they are 
capable of ranging. The selection of the Near Earth Network is discussed in the communications 
section. 
Sources: 

Bamford, W., Winternitz, L., Hay, C., “Spacecraft Navigator: Autonomous GPS Positioning at 
High Earth Orbits”, GPS World, April 2006. 

J.J. Miller, “Use of GPS/GNSS for Future NASA Missions”, GNSS Workshop, Asia-Pacific 
Regional, Space Agency Forum, January 25-26, 2010. 

G.N. Holt, C. D’Souza, “Orion Absolute Navigation System Progress and Challenges”, 
American Institute of Aeronautics and Astronautics, NASA Johnson Space Center, Houston, TX. 
“Near Earth Network (NEN) Users’ Guide”, NASA Goddard Space Flight Center, Greenbelt, 
MD, January 15, 2010. 
Bilimoria, Karl D., “Spacecraft Trajectory Navigation and Control Systems”, Space Mission 
Engineering: The New SMAD, Microcosm Press, 2011. 
 

Reaction	  Control	  Systems	  

The actuation of the control commands are carried out by the reaction control thrusters and main 
engines on attached modules. The reaction control thrusters are discussed in section 7.1.2.16. 
Control moment gyros and reaction wheels were looked at to be considered for fine pointing 
during docking but were determined to be too massive and voluminous to carry as a non-critical 
system. 
 



7.1.2.20.3 	  Hardware	  Selected	  
The hardware selected for the Crew Module GNC system is summarized in Table 7.1.2.20.3-1.  
An IMU with ring laser gyroscopes will be used for inertial measurements. The technology is 
flight proven and the accuracies satisfy the pointing requirements. The IMU will be used for all 
phases of the mission to derive position, velocity, attitude, and angular velocity. A reference unit 
is the Miniature Inertial Measurement Unit manufactured by Honeywell. It is radiation hardened 
and has flown in LEO and deep-space. 

Attitude acquisition and updates for the IMU will be provided by the primary system of active 
pixel star cameras. A reference unit is the Flexible Space Camera FSC-701 manufactured by Ball 
Aerospace. These units have a sun exclusion angle of 30 deg., a field of view of 22 deg. by 22 
deg., and can recover from “lost in space” while spinning up to 8 deg./s. A backup system will be 
the coarse sun sensors. They require negligible power and will also keep track of the sun angle so 
the star cameras are not pointed at the sun. A reference unit is the Coarse Sun Sensor 
manufactured by Bradford Engineering which has a field of view of 128 deg. by 128 deg. 
Position and velocity acquisition and updates for the IMU will be provided by the primary 
system of the NEN S-band antenna. Sharing a system with communications saves mass, power, 
and volume. This system can also be used during all phases of the mission. A backup system will 
be the advanced GPS system developed by NASA. This system will assist with initial state 
acquisition after launch and during the return to Earth including Earth entry, descent, and 
landing. 

 
The reaction control system is capable of performing the required maneuvers and it is not 
necessary to add another system for control actuation. The minimum attitude and slew rate based 
on the minimum thruster on time of 0.08 s and a moment arm of 1.75 m was determined by 
integrating Eq. 7.1.2.20.3-1. 

Table 7.1.2.20.3-1. Navigation Hardware Selection 

Sensor Method Parameter Accuracy 

IMU Inertial 
!!!⃗ ̇  

!̈⃗ 

±0.01 deg./s 

±0.01 m/s2 

Active Pixel Star Camera Astrometric !!!⃗  ±0.01 deg. 

Coarse Sun Sensor Astrometric !!!⃗  ±2 deg. 

NEN S-Band Radiometric 
!⃗ 

!̇⃗ 

±10 m 
±0.001 m/s 

GPS Receiver Radiometric 
!⃗ 

!̇⃗ 

±10 m 

±0.001 m/s 

  Note: position:   !⃗, velocity:   !!!⃗  

 



!" = !!                        7.1.2.20.3-1 

! = !ℎ!"#$, ! = !"!#$%  !"#, !   = !"!#$%  !"  !"#$%!&,! = !"#$%!&  !""#$#%!&'() 
Pitch and yaw thrust of 152 N leads to a minimum slew rate of 0.19 deg./s and 0.007 deg. fidelity 
of orientation. Roll thrust of 29 N leads to a minimum slew rate of 0.08 deg./s and 0.003 deg. 
fidelity of orientation. These values are capable of performing maneuvers within the required 1.0 
deg. accuracy and making use of the 0.01 deg. accuracy of the star cameras. 
Sources: 

“Flexible Space Camera FSC-701”, Ball Aerospace. 
“Coarse Sun Sensor”, Bradford Engineering. 

“Miniature Inertial Measurement Unit”, Honeywell. 

7.1.2.20.4 	  Double-‐Point	  Failure	  
To meet the two-fault tolerant requirement, there are three IMUs, three star cameras, and three 
GPS receivers. There are eight sun sensors and full coverage can be obtained if two non-adjacent 
units are lost. In addition, the sun sensors are a backup system to the star cameras for attitude 
determination attitude and the GPS receivers are backup to the S-band antenna for determining 
position and velocity. The GPS receivers can also provide attitude knowledge between 0.25 and 
0.5 deg. if multiple units are active and have a baseline at least one meter wide. The S-band 
antenna is discussed in the communications section. Mass, power, and volume are shown in 

Table 7.1.2.20.4-1. 

During different operation modes, not all sensors will be active. Table 7.1.2.20.4-2 shows the 
active sensors during each mode and the required power.  

• The Acquisition mode will be used for initial position and attitude determination after 
launch. The GPS system will used be instead of NEN since they will be in range. 

• The Recovery mode will be used for reacquiring a position and attitude after a power 
loss. All systems will be active. 

• During maneuvers, all sensors will be active to minimize errors. 
• During the coasting phase on the lunar transfer orbit, all sensors will be active to 

minimize orbit corrections. 

Table 7.1.2.20.4-1. Navigation Hardware Mass, Power, and Volume 

Sensor Units Mass/Unit [kg] Power/Unit [W] Volume/Unit [m3] 

IMU 3 0.7 22 0.12 

Star Camera 3 4.5 8 0.14 

NEN S-Band Antenna Included with Communications 

GPS Receiver 3 2 3 0.001 

Coarse Sun Sensor 8 0.3 0.2 0.001 

Total (for all units): 
 

24 101 0.79 

 



• The Docking mode will use all systems in conjunction with docking specific sensors for 
relative bearing to another module. This is further discussed in the docking section. 

• The Landing mode will only utilize the IMUs and will combine inertial measurements 
with ranging and range rate measurements from landing specific sensors. Landing is 
further discussed in the landing section. 

• During a radio blackout, only the IMUs, star cameras, and sun sensors will be utilized. 
• During Earth entry, descent, and landing, the GPS and IMU will provide the necessary 

measurements. The star cameras will have updated the IMU just before entering this 
mode. 

• For the Emergency mode, only one IMU and one star camera will remain active to save 
power. The sun sensors require very little power so they will act as the primary attitude 
determination system. 

7.1.2.20.5 	  Sensor	  Placement	  
The placement of the sensors is show in Fig. 7.1.2.20.5-1. 
The star cameras are placed at the nose of the Crew Module and are arranged orthogonally with 
one star camera pointing along each attitude axis; yaw, pitch, and roll. This will increase the 
uniqueness of measurements while allowing the sensors to be pointed away from the sun. 

The sun sensors are placed around the largest perimeter for the greatest coverage. They have a 
full 4π steradian view and are evenly spaced between the reaction control thrusters to minimize 
any heat exposure. The star cameras and the sun sensors are protected by doors that cover the 
sensors when they are not in use. This is necessary to prevent damage and obstruction from 
moon dust during landing and lunar take off. 

The IMUs are located inside the pressure hull for additional radiation protection. 
The GPS receivers are located outside the pressure hull but positioned as wide apart at the largest 
perimeter so that if they are used simultaneously the base or distance between two units is the 

Table 7.1.2.20.4-2. Navigation Hardware Power per Control Mode 

Mode IMU Star Camera Sun Sensor GPS NEN Power [W] 

Acquisition 3 - 8 3 - 77 

Recovery 3 3 8 - 3 101 

Maneuver 3 3 8 - 3 101 

LTO Coast 3 3 8 - 3 101 

Docking 3 3 8 - 3 101 

Landing 3 - - - - 66 

Radio Blackout 3 3 8 - - 101 

Earth EDL 3 - - 3 - 75 

Emergency 1 1 8 - - 32 

 



greatest. This allows them to be used as another backup attitude determination system. An equal 
spacing of the GPS units on the Crew Module has a baseline of 3.44 meters. 

The NEN S-band antenna placement is discussed in the communications section. 
 

 

Sources: 
Starin, Scott R., Eterno, J., “Spacecraft Attitude Determination and Control Systems”, Space 
Mission Engineering: The New SMAD, Microcosm Press, 2011. 
 

7.1.2.20.6 	  Other	  Modules	  
With the exception of the OPM-C, all modules will have the same GNC sensor suite. This is 
because all modules must be autonomous; all modules need to determine and maintain 
navigation, perform guidance, and execute control with its own systems from launch to LLO. 
The OPM-S, LPM, and OLV will have solar panels which have a sun pointing requirement of ±5 
deg. Other modules will not have a cone so the star cameras will be situated around the perimeter 
of each module and be oriented orthogonally in a plane. 
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Figure 7.1.2.20.5-1. Navigation sensor placement on Crew Module. 



7.1.2.21 Monitoring	  Sensors	  (Vera	  Klimchenko,	  Grant	  McLaughlin)	  

The modules need a way of monitoring each subsystem’s activity to determine any problems. 
Figures 7.1.2.21-1 through 7.1.2.21-5 catalog the parameter being monitored, the type of sensor 
used, the location of the sensor, quantity of the sensor per unit being monitored, and redundancy 
of the sensor type. Redundancy refers to other types of sensors that can be used to indirectly 
measure the parameter. For example, if the MMH flow rate sensors in the reaction control 
system malfunction, the MMH pressure transducers and MMH temperature transducers can 
provide measurements that can be used to determine flow rate. 
 

Table 7.1.2.21-1. Crew Systems and Life Support Monitoring Sensors 

Parameter Type Location Quantitiy Redundancy 

cabin pressure pressure transducer cabin 3 temperature 

percent O2 flow rate O2 tank 2 
O2 tank 
pressure 

percent N2 flow rate N2 tank 2 
N2 tank 
pressure 

ppm CO2 CO2 detector cabin 3  -  

temperature 
temperature 
transducer cabin 2 cabin pressure 

humidity humidity sensor cabin 3  -  

particle contamination particle spectrometer cabin 3  -  

O2 tank pressure pressure transducer O2 lines 1 percent O2 

N2 tank pressure pressure transducer N2 lines 1 percent N2 

water level flow rate water  tank 2  -  

fire smoke detector cabin 3 temperature 

radiation dosimeter cabin 3  -  

 



 

Table 7.1.2.21-3. Power Monitoring Sensors 

Parameter Type Location Quantitiy Redundancy 

voltage voltmeter battery 2 current, power 

current ammeter battery 2 voltage, power 

voltage voltmeter power grid 2 current, power 

current ammeter power grid 2 voltage, power 

power 
power monitoring 
meter power sources 2 voltage, current 

remaining LOX flow rate valve 2 LOX P & T 

remaining LH2 flow rate valve 2 LH2 P & T 

LOX pressure pressure transducer fuel lines 1 rem. LOX & T 

LH2 pressure pressure transducer fuel lines 1 rem. LH2 & T 

LOX temperature 
temperature 
transducer LOX tank 2 rem. LOX & P 

LH2 temperature 
temperature 
transducer LH2 tank 2 rem. LH2 & P 

 



 

Table 7.1.2.21-2. Structure and Mechanisms Monitoring Sensors 

Parameter Type Location Quantity Redundancy 

structural health strain gage structure walls 4  -  

solar array deployment limit switch 
solar array storage 
space 2  -  

solar array orientation encoder solar array shaft 4  -  

antenna deployment limit switch 
antenna storage 
space 2  -  

antenna orientation encoder antenna shaft 3  -  

main engine orientation encoder engine gimbal 3  -  

landing gear 
deployment limit switch landing gear 2  -  

hatch limit switch hatch 6  -  

docking clamp limit switch docking ring 6  -  

umbilical connection limit switch umbilical port 3  -  

 



 
 

Table 7.1.2.21-5. Main Engine Monitoring Sensors 

Parameter Type Location Quantity Redundancy 

remaining LOX flow rate 
up & down stream 
valve 2 LOX P & T 

remaining LH2 flow rate 
up & down stream 
valve 2 LH2 P & T 

remaining He flow rate 
up & down stream 
valve 2 He P & T 

LOX pressure pressure transducer fuel lines 1 
rem. LOX & 
T 

LH2 pressure pressure transducer fuel lines 1 
rem. LH2 & 
T 

He pressure pressure transducer pressurant lines 1 rem. He & T 

LOX temperature 
temperature 
transducer LOX tank 2 

rem. LOX & 
P 

LH2 temperature 
temperature 
transducer LH2 tank 2 

rem. LH2 & 
P 

He temperatrure 
temperature 
transducer He tank 2 rem. He & P 

 



 
 

7.1.2.22 Power	  System	  (Brendan	  Smyth)	  
The Crew Module needs enough power to support the astronauts for a nominal mission length at 
maximum power, or at a low emergency power level in a contingency situation should 
something go wrong and the mission need to be aborted. Additionally the system must be single 
failure tolerant and double failure resilient, meaning that the mission could be carried on as 
normal should one component of the system fail and the astronauts could still be returned home 
safely in the unfortunate case that another component of the system fails. The Crew module was 
designed to be powered during launch, landing, in orbit around the Earth, in transit between the 
Earth and the Moon, in orbit around the Moon, on a sunlit lunar surface, and in lunar ascent and 
descent. When considering power options we also had to take into account the environments 
experiences throughout the mission life cycle, in particular safely maintaining full power during 
launch, landing, and moments of eclipse. The total power requirement breakdown for the Crew 
Module is shown below, 
  

Table 7.1.2.21-4. Reaction Control System Monitoring Sensors 

Parameter Type Location Quantity Redundancy 

remaining MMH flow rate 
up & down stream 
valve 2 MMH P & T 

remaining NTO flow rate 
up & down stream 
valve 2 NTO P & T 

remaining He flow rate 
up & down stream 
valve 2 He P & T 

MMH pressure pressure transducer fuel lines 1 
rem. MMH 
& T 

NTO pressure pressure transducer fuel lines 1 
rem. NTO & 
T 

He pressure pressure transducer pressurant lines 2 rem. He & T 

MMH 
temperature 

temperature 
transducer MMH tank 2 

rem. MMH 
& P 

NTO temperature 
temperature 
transducer NTO tank 2 

rem. NTO & 
P 

He temperatrure 
temperature 
transducer He tank 2 rem. He & P 

 



Table 7.2.1.21-1: Crew Module Power Requirements 

System Nominal Pwr. Req. (W) Emer. Pwr. Req (W) 

Avionics 521  202 

PPT 70 70 

Crew Systems 648 110 

Total (w/ S.F.) 1239 382 

 

with a nominal mission length of 17 days, and a contingency length of 6 days.  

7.1.2.22.1 Systems	  Considered	  
Based on the mission length and power requirements a few power systems can be eliminated as 
options right away. If you reference Figure X.x-1 in the Power Systems appendix, one can see 
that for the nominal mission length and power specified the best options are either Photovoltaic 
(Solar Panels) or Fuel Cells. Evaluating the numbers for each power option it became clearer that 
these are the two best options, and as a result they were considered as the choices to design the 
Crew Module’s power system.  

The first system considered involved Solar Panels which offer an extremely mass efficient 
option, in conjunction with rechargeable batteries to maintain power during launch, landing, and 
times of eclipse. Mission planning specified that the crew module would be spending about 1 day 
in LEO orbit with an eclipse time of about 37.3 minutes maximum, 6 to 9 days in transit between 
the earth and moon with little to no eclipse time, 1 to 4 days in LLO with roughly 46.5 minutes 
maximum of eclipse time, 7 to 10 days on the lunar surface, and roughly an hour of time for 
launch and reentry. All of these time ranges account for variations in mission specifics, resulting 
in a maximum length of 17 days with an additional 6 emergency days. When considering the use 
of solar panels, they had to be designed to not only provide all the power necessary for the 
module, but also excess power to recharge the batteries that are necessary for power when solar 
panels are not available (i.e. launch, eclipse, ascent, descent, and reentry).  
In designing to meet these specifications I chose rechargeable Lithium Ion batteries that could 
provide enough power for the longest possible time that Solar Panels would be unavailable. This 
situation would arise if the module went from a Low Lunar Orbit into Lunar descent directly 
following a period of maximum eclipse. Considering the descent as taking the time of half an 
orbit, and the maximum possible time in eclipse ever to be 50% of the orbit time, I did these 
calculations considering darkness for one full orbital period, or 138 minutes. In order to cover 
the worst-case environments for the mission the panels needed to be able to not only recharge the 
batteries, but recharge them during the shortest portion of incident light. This would be during 
the shortest Lower Earth Orbit with the longest possible percentage of eclipse, 50%. This worst-
case approximation means that the panels need to be able to recharge the batteries over the 
course of 44 minutes.  

Through the analysis that can be found in the Power System’s Appendix (Section X.x) we found 
Triple Junction GaAs Solar Panels in conjunction with Li-Ion rechargeable batteries to be the 
most efficient choices. Not only must the system adhere to the specifications listed above, but it 
must also be resistant to failure. In order to ensure this resiliency, redundancies had to be placed 



into the power system. In order to cover for failures I designed a power system that consisted of 
3 solar panels and 3 sets of rechargeable batteries, each capable of providing half the total power 
required. In the case of the batteries it was for the longest eclipse period noted above, 138 
minutes. Having 3 solar panels that can provide half the nominal power (plus battery recharge), 
and 3 batteries, allows for the failure of one panel or battery stack without having to abort the 
mission. Additionally, because one solar panel and battery provides more than enough power for 
the emergency power state of 382 Watts, the crew module can still return home safely should 
there be two failures in the system.  

The three solar panels would be mount on frames that could be rotated 360 degrees and tilted to 
allow for permanent coverage when in sunlight. The panels would be folded up on the sides of 
the module during periods of high stress such as launch, ascent, and descent, and would be 
deployed during periods of use. 

Table 7.1.2.22-1: Resulting Solar Panel/Rechargable Battery System Specs 

Component Mass Size 

3 Solar Panels 61.5 kg 23.46 m2 

3 Li-Ion Battery Racks 36 kg 0.0141 m3 

TOTAL MASS: 97.5 kg  

 
The second system considered for the Crew Module Power system was one designed around 
Akaline Fuel Cells. Unlike Solar Cells, the fuel cells can run whether or not they are in direct 
sunlight and so the eclipse times do not come into consideration. Another added benefit of the 
fuel cell is the water that is produced as a byproduct of the power production, which can be used 
by the crew as they see fit. The specs of the Fuel Cell used in the Space Shuttle Program can be 
found in the Power Systems Appendix, Table X.x.1-1. The masses and sizing numbers for the 
fuel cell stack include the insulation and cooling built in to the system.  

In order to make the system robust redundancies needed to be added to the system. Two 
additional fuel cell stacks were added and connected to the fuel and oxidizer sources, this way 
even if two stack failed the module could still run on full power. To account for possible 
problems with the fuel and oxidizer tanks, they were split into 2 sets connected to all 3 cell 
stacks, allowing for the failure of one set of tanks to not endanger the lives of the astronauts. 
Additionally, two racks of primary batteries were added, each with the energy to power the 
module during the extremely intense periods of launch and Earth reentry (one serving as a 
backup). 
  



Table 7.1.2.22-2: Resulting Fuel Cell System Specs 

Component Mass (kg) Volume (m3) 

3 Cell Stack  60 0.075 

LH2 (w/2 tank) 76 0.335 

LO2 (w/2 tank) 191 0.133 

2 LiSOCl2 Batt. 13 0.0066 

Total 340 0.5496 

  

Additionally, the fuel cell system produces 151 kg of water over the duration of the mission, 
helping to negate some of the systems effect on the total module mass.  

7.1.2.22.2 System	  Chosen	  
When comparing these two options there are a few things to consider, mass, volume, and 
reliability. In the end the fuel cell system was chosen taking all of these things into consideration. 
Although the initial masses greatly favor the Solar Panel system (95 kg vs 340 kg), this is not 
taking into account the framework and deployment system that would have to be included for the 
solar panels. Also, the 151 kg of water produced by the fuel cell allows for that much less water 
to be carried on board for the mission, closing the gap in mass difference even further. The Fuel 
Cell System is also quite a bit larger in volume than the Solar Panel one, but the solar panels are 
massive in surface area relative to the craft itself, and present a great storage/deployment issue 
on the side of the craft. Most importantly, the entire fate of the astronauts and mission rely on the 
power system, and it is essential that it be as safe and reliable as possible. These solar panels 
would be very sensitive to transit and landing loads, and the potential for them to be damaged 
during the mission is much larger than the fuel cell. Considering the factors above, with the mass 
margin between the two not being all that large we felt it best to go with the more reliable, safer, 
and flight proven Alkaline Fuel Cell system. Below is a simple block diagram of the selected 
power system for the Crew Module.  



 
Figure 7.1.2.22-1: Power System Block Diagram 

7.1.2.23 Radiation	  Shielding	  (Tim	  Russell)	  
One of the greatest dangers to astronauts during space travel is radiation. Astronauts in 
interplanetary space experience much higher dosages than those in low earth orbit due to the lack 
of protection from the earth’s atmosphere and geomagnetic field. Exposure to large dosages of 
radiation in a short period of time can lead to radiation poisoning with symptoms such as nausea, 
vomiting, lowered blood production, and even death if the dosage is large enough. Long-term 
effects include a significantly increased risk of cancer (Akin 2012). The two main sources of 
radiation in space are galactic cosmic rays (GCRs) and solar proton events (SPEs).  
GCRs are a continuous source of radiation from high energy particles and high frequency 
protons such as X-rays and gamma rays that originate from sources outside of the solar system, 
primarily from supernovae (Ackermann et al. 2013). Radiation from GCRs is highest during 
periods of low solar activity (solar minima) and lowest during periods of high solar activity 
(solar maxima). Dosages from GCRs are relatively low with exposure levels of 450-600 rem for 
blood-forming organs over a year-long exposure with minimal shielding (5 g/cm2). 

SPEs include both solar flares and coronal mass ejections. High energy particles from these 
events are carried outward through space by solar winds and expose objects and people in their 
paths to radiation. Many of these SPEs are harmless to humans, but events of energy levels at or 
above 30 MeV (Φ30 events) expose humans to dosages of up to and over 1000 rem over a short 
period of time. Over the course of solar cycles 19-23, 370 SPEs occurred over the course of 
19,692 days, or about one every 53 days (Kim et al. 2009). However, SPEs occur more 
frequently during solar maxima, so this is not a very good estimate of the worst case SPE 
frequency. A study by Shea and Smart (2001) found that at maximum for this solar cycle there 
were 13 SPEs each year, or one every 28 days. The following figure from Wu et al. (2009) 
shows the probability of a Φ30 event of a given particle density and the corresponding unshielded 
dosage for a 7-day period. 



 
Figure 7.1.2.23-1: Plot of 7-day frequency and dosage vs. event size 
From this chart a relationship between event size and dosage (R2 = 0.994) 

! = 6×10!!! !!.!"#$ 

where s is event size in particles per square centimeter and D is dosage in rem. 
In order for the crew to be protected there must be radiation shielding on the crew module. The 
National Council on Radiation Protection and Measurement (NCRP) suggests that astronauts on 
missions of 30 days or fewer should not experience dosages of over 25 rem for blood-forming 
organs (Wu et al. 2009). Due to the fact that SPE sizes are unpredictable the goal of the radiation 
protection system is to maximize the reliability at which the astronauts will be exposed to a safe 
level of radiation. Reliability in this case is calculated as the inverse of the probability that an 
event of a certain size will occur during the timespan in the vehicle. For example, if an event of 
size A has a probability B of occurring, then a shielding system that will protect up to an event of 
size A can be said to have a reliability of 1-B. Extracting data from figure 7.2.1.21-1 for a 17 day 
mission yields the following numbers: 
Table 7.1.2.23-1: Shielding reliabilities and corresponding event sizes and radiation dosages. 

Reliability (%) Event Size (particles/cm2) Unshielded Dosage (rem) 

99.0 1.7 x 109 15.25 

99.2 2.0 x 109 18.64 

99.4 3.0 x 109 30.77 

99.6 4.0 x 109 43.90 

99.8 6.0 x 109 72.44 

99.9 8.0 x 109 103.37 



 
For reliabilities of 99.4% and up the dosage is above the 25 rem threshold. However, the 
aluminum hulls of the capsule provide radiation shielding. The amount of shielding, known as 
depth, is typically measured in g/cm2 and can be found by dividing the mass of the shielding by 
the surface area or by multiplying the density of the shielding material by the thickness. The 
crew capsule has a total hull thickness of 1.9 cm and a density of 2.7 g/cm3, resulting in a 
shielding depth of 5.13 g/cm2. Exposure levels with various levels of shielding for a large SPE 
that occurred in 1989 have been tabulated by Campbell and Harris (1992). Scaling these values 
down linearly by unshielded exposure result in the following table (99.988% reliability 
corresponds with the 1989 SPE): 

Table 7.1.2.23-2: Dosage levels (in rem) for different reliabilities and aluminum shielding depths 

 Reliability (%) 

Depth 
(g/cm2) 

99.0 99.2 99.4 99.6 99.8 99.9 99.988 

0 15.25 18.64 30.77 43.90 72.44 103.37 391.50 

1 10.91 13.33 22.01 31.40 51.31 73.93 280.00 

2 8.37 10.24 16.90 24.11 39.78 56.77 215.00 

5 4.60 5.62 9.27 13.23 21.83 31.16 118.00 

10 1.95 2.38 3.93 5.61 9.25 13.20 50.00 

20 0.51 0.62 1.02 1.46 2.41 3.43 13.00 

50 0.12 0.15 0.25 0.36 0.59 0.84 3.20 

 

Using exponential regressions for the different reliabilities (R2 = 0.8164 for all), the following 
dosage levels corresponding to aluminum shielding of 5.13 g/cm2 were found. 

Table 7.1.2.23-3: Dosage levels from SPE taking into account shielding from hull 

Reliability (%) Shielded Dosage (rem) 

99.0 8.63 

99.2 10.55 

99.4 17.41 

99.6 24.84 

99.8 40.99 

99.9 58.49 

 

Up until this point only radiation from SPEs have been considered. For GCR radiation, data was 
tabulated for yearly dosages with different shielding depths and materials at both solar maximum 



and minimum (Cucinotta, Kim & Chappell 2012). For aluminum, daily dosages are shown in the 
following figure. 

 
Figure 7.1.2.23-2: Plot of Daily GCR Dosage vs. Shielding Depth 
Using the above regressions the worst case total dosage for a 17 day mission is 2.89 rem. Adding 
this to the values in Table 7.1.2.23-3 yields new dosage levels. 
Table 7.1.2.23-4: Dosage levels from GCRs and SPEs taking into account shielding from hulls 

Reliability (%) Shielded Dosage (rem) 

99.0 11.52 

99.2 13.44 

99.4 20.30 

99.6 27.73 

99.8 43.89 

99.9 61.32 

 

The reliability of the crew module’s radiation shielding using just the hull is 99.4%. Additional 
shielding is required to improve the reliability of the shielding system. Materials commonly used 
in radiation shielding are lead, aluminum, water, high-density polyethylene, and liquid hydrogen. 
For space applications lead and aluminum are impractical since they have such high comparative 
densities (11.34 g/cm3 and 2.7 g/cm3, respectively). Liquid hydrogen is extremely low density 
(0.071 g/cm3), but since it is a cryogenic the mass of tanking, insulation and extra radiators, as 
well as a very high relative shielding thickness (! = !", so for a given depth as density 
drastically decreases then thickness drastically increases) makes it impractical as a shielding 
material. This leaves water and polyethylene as the choices for shielding materials. Again 
extrapolating from dosage values of the 1989 SPE (Campbell & Harris 1992) the following 
dosage values for water and polyethylene were calculated. 
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Table 7.1.2.23-5: Dosage levels (in rem) for different reliabilities and water shielding depths 

 Reliability (%) 

Depth (g/cm2) 99.6 99.8 99.8 

0 27.73 43.89 61.32 

1 20.67 32.71 45.70 

2 15.48 24.51 34.24 

5 7.48 11.84 16.54 

10 3.04 4.81 6.72 

20 0.52 0.82 1.14 

50 0.03 0.04 0.06 

 
Table 7.1.2.23-6: Dosage levels (in rem) for different reliabilities and polyethylene shielding 
depths 

 Reliability (%) 

Depth (g/cm2) 99.6 99.8 99.9 

0 27.73 43.89 61.38 

1 20.36 32.23 45.07 

2 15.02 23.78 33.25 

5 7.03 11.12 15.56 

10 2.77 4.38 6.12 

20 0.45 0.71 0.99 

50 0.02 0.03 0.05 

 
Using exponential regressions for the tabulated values (R2 = 0.9412 for all water values, R2 = 
0.9391 for all polyethylene values) the following required depths were found for each reliability 
for both water and polyethylene. 
  



Table 7.1.2.23-7: Required extra shielding depth to reduce dosage to 25 rem 

 Required Depth (g/cm2) 

99.6% Reliability (Water) 0.69 

99.8% Reliability (Water) 3.73 

99.9% Reliability (Water) 5.94 

99.6% Reliability (Polyethylene) 0.66 

99.8% Reliability (Polyethylene) 3.61 

99.9% Reliability (Polyethylene) 5.76 

 
To minimize the amount of additional mass from extra shielding the extra layer will be placed on 
the inner hull since mass is proportional to surface area. Since the required depth of water 
shielding is higher, the mass of water shielding will also be higher (not to mention that additional 
tanking mass would need to be added). As a result, polyethylene is the better choice in shielding 
material. The surface area of the inner hull is approximately 270,000 cm2, resulting in the 
following mass values and thickness values for extra shielding. 
Table 7.1.2.23-8: Mass and thickness values for extra polyethylene shielding 

Reliability (%) Extra Mass (kg) Extra Thickness (cm) 

99.6 180 0.6 

99.8 1000 3.5 

99.9 1600 5.6 

 
While adding 180 kg is within reason, the 99.8% and 99.9% reliability cases require at least 1000 
kg of additional polyethylene shielding, which is infeasible given our mass limits. As a result, the 
crew module is 99.6% reliable in limiting crew exposure to a dosage of 25 rem or less. 

While the radiation shielding fails to meet NASA’s goal for 99.9% reliability, the astronauts 
should still be safe from radiation at this case, even if the dosage exceeds the conservative NCRP 
regulations. Additional shielding of 0.66 g/cm2 corresponds to a maximum dosage of 55 rem for 
the 99% reliability case. NASA has placed 10 year limits on radiation exposure which is 
dependent on gender and age (NCRP 2000). Since women are more likely to develop breast and 
other cancers the limit is lower for females. Also, since younger astronauts are more likely to 
develop cancer later in life than an older astronaut exposed to the same dosage, the limit 
increases with age. Assuming that the astronauts on these missions will be no younger than those 
on the Apollo missions, the most conservative 10 year limit is that on 35 year old females, 60 
rem. The 99.9% reliability case falls below this dosage. However, any astronauts that experience 
such high dosages will have to be removed from candidacy for further missions for at least 10 
years. 
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7.1.2.24 Heat	  Shield	  (Tim	  Russell)	  
In order to reduce heating from Earth reentry the heat shield was designed to be a sphere section 
with a radius of curvature of 12.2 m (40 ft). An empirical formula for heat flux, derived from the 
Chapman heating equation (Martinelli 2010) is as follows: 

 

where   !! is the radius of curvature (in ft), ! is density, ! is speed (in ft/s), and ! is heat flux (in 
Btu/ft2-s).  
Speed can be calculated as: 

 

where !! is entry speed, which is 32,800 ft/s (10 km/s) for a lunar return trajectory,   ! is flight 
path angle (measured counterclockwise from the vertical), !!   is entry flight path angle, and !!

!!
 is 

the lift-to-drag ratio. The lift-to-drag ratio was estimated to be 0.3, around the value of the 
Apollo command module. 

Flight path angle at a given altitude can be calculated from the following equation: 

 

 
! = !!!

!!!!
!!
!!  

(7.1.2.24-1) 

 ! = cos!![
!!!"
2!

!!
!!

!!
!
! + cos !! ] (7.1.2.24-2) 



where !! is a reference density (3.4x10-3 slug/ft3), H is a reference length (22,000 ft), z is 
altitude, and ! is the ballistic coefficient of the capsule, given by: 

 
where m is the mass of the capsule (6000 kg or 410 slug), A is the area of the heat shield (140 ft2 
or 12.8 m2), and !! is the drag coefficient of the capsule. Hypersonic drag coefficient data of 
blunt reentry bodies is hard to come across, but data compiled by Johnson (2012) found that the 
Gemini had a bluntness ratio of 1.07 and an average hypersonic drag coefficient of 1.45, while 
Apollo had a bluntness ratio of 1.17 and an average hypersonic drag coefficient of 1.55. With no 
better data to go off, the drag coefficient of the crew module was linearly extrapolated from these 
values for its bluntness ratio of 3 which corresponds to a hypersonic drag coefficient of 3.38. 
Using these values, the crew module’s ballistic coefficient is calculated to be 28.35 lbf/ft2. 

For reentry, the vehicle enters the atmosphere at a certain flight path angle which decreases until 
it reaches 0°, or in other words until the capsule is flying horizontal to the ground. At this point, 
the capsule rolls 180° which makes its lift-to-drag capsule negative. This causes the flight path 
angle to increase as the vehicle falls back to earth. As was calculated in the reentry structural 
analysis the crew module will buckle for reentry angles of over 10°. Heating calculations for 
entry flight path angles of 1-10° were calculated and peak heat flux and total heating values are 
listed below. 
Table 7.1.2.24-1: Reentry heating for different entry flight path angles 

Flight Path Angle (Degrees) Peak Heat Flux (W/cm2) Total Heating (GJ) 

1 48.9 714 

2 54.2 685 

3 66.3 703 

4 76.3 749 

5 84.8 811 

6 92.4 882 

7 99.4 956 

8 106 1030 

9 112 1110 

10 117 1180 

 
Since lower total heating means lower heat shield mass, an initial flight path angle of 2° is the 
best option. 
There are two heat shield materials to consider: PICA and SLA-561V. (Note that recent work by 
NASA and SpaceX has greatly lowered the density and improved the strength of PICA. 
However, the results from these tests have not yet been released publicly so PICA-X will not be 
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 (7.1.2.24-3) 



considered in this analysis.) PICA has a density of 350 kg/m3 and a heat of ablation of 10.8 
MJ/kg. SLA-561V has a density of 240 kg/m3 and a heat of ablation of 54.1 MJ/kg. The total 
peak heat flux is well within the performance limits of both shields. Below is a table of 
comparative heat shield masses and thicknesses for both materials using a safety factor of 1.8. 

Table 7.1.2.24-2: Heat shield specifications for different materials 

 Mass (kg) Thickness (cm) 

PICA 3220 71.8 

SLA-561V 645 21.2 

  

SLA-561V is the obvious choice for the heat shield material since it is both less massive and 
thick. 

 

7.1.2.25 Launch	  Abort	  System	  (Kiran	  Patel)	  

7.1.2.25.1.1 Overview	  
In order to protect the crew and crew module from unintended launch system malfunctions, the 
crew module will be accompanied with a Launch Abort System (LAS). This system will use a 
configuration similar to that used for the Apollo program as well as the system currently in 
development for Orion. 

7.1.2.25.1.2 Environmental	  Definitions	  
The launch abort system must operate within the atmosphere anywhere between zero feet to 
120,000ft. This creates a flight operation altitude margin for the vehicle. As well as that, the 
launch abort must be able to bring the entire crew module away from the entire launch stack in a 
matter of seconds in the event of a catastrophic failure of the launch vehicle. The system must 
also orient itself away from the vehicle due east in order to provide the crew module with open 
ocean to land on. 
 



7.1.2.25.1.3 Overall	  System	  Design	   	  

 
The overall system layout is above, with each sub system labeled. The attitude control motor 
provides thrust which is used to control the vehicle’s orientation, the jettison motor provides an 
impulsive thrust to separate the crew module from the LAS after a launch abort, and the abort 
motor provides an impulsive thrust to get the LAS and CM together away from the entire launch 
stack in the event of a launch abort. The adapter cone allows for interfacing the LAS with the 
CM, and the boost protective cover protects the CM from the high temperatures of the abort 
motor. 
 

7.1.2.25.1.4 Motor	  Sizing	  
The abort motor was sized by modeling a catastrophic launch failure as a point mass explosion of 
the Falcon Heavy Launch vehicle. The Falcon Heavy has a total of about 1.3 million kilograms 
of RP-1 / LOX in total, which has a specific energy of about 42,000 kJ/kg. Using the below 
equation, the blast radius could be solved for, and a minimum safe acceleration could be found.  

 
After this, a maximum acceleration was set at 12 g’s, as this was a tolerable limit for our 
astronauts to remain conscious. The chosen propellant for the abort motor was a solid propellant 
ammonium perchlorate and aluminum with polybutadiene binder. Because the system needs to 
provide a constant thrust over time, a double cylinder burn geometry was chosen for the design. 
This provides a constant burn rate and thus a constant, impulsive thrust for our launch vehicle. 
The rest of the motors (jettison, attitude control) were sized as extrapolations off of the 
corresponding motors from the Apollo Launch Escape System and current design of the Orion 
Launch Abort System. 

7.1.2.25.1.5 Intersystem	  Interaction	  
The Launch Abort System will interact with the Crew Module via its docking ring assembly 
which will ensure proper attachment to the Crew Module. All controls and avionics equipment 
necessary for a launch abort procedure will be onboard the LAS with no need for Crew Module 
assistance or data connections. 
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7.1.2.25.1.6 Launch	  Abort	  System	  Final	  Specs	  
Table 7.1.2.25-1 Launch Abort Engine Sizing 

 Propellant 
Mass (kg) 

Thrust (kN) Burn Time 
(seconds) 

Radius of 
Grain Cylinder 
(meters) 

Height of 
Grain Cylinder 
(meters) 

Abort Motor 2000 1365 4 0.3 4.20 

Jettison Motor 88 120 20 0.3 0.16 

Attitude  

Control Motor 

155 21 2 0.3 0.28 

Table 7.1.2.25-2 Launch Abort System Dimensions 

LAS Total Mass 4470 kg 

LAS Total Cost $420 million 

LAS Total Height 11.4 meters 

LAS Maximum Diameter 4.2 meters 

LAS Minimum Diameter 0.8 meters 

 

7.1.2.26 Landing	  Parachutes	  (Kiran	  Patel)	  

7.1.2.26.1.1 Overview	  
The after the crew module has reentered the Earth’s atmosphere, first it will undergo 
aerodynamic heating as a result of its high velocity, and will rely upon its heat shield for its main 
deceleration. Once the crew module reaches about 17.4 km altitude it will exit this zone of 
heating at a speed of about 295 meters per second. The landing system will employ two types of 
parachutes, a conical ring parachute used as a drogue parachute, and a ring slot parachute as its 
main parachutes. 

      
    Conical Ring Parachute 

    Coefficient of Drag = 0.65 
 

       Ring Slot Parachute 
           Coefficient of Drag 0.95 

  
 

 
 



7.1.2.26.1.2 Environmental	  Definition	  
The parachutes will operate between 0 and 17.4 km altitude. This causes for an atmospheric 
density ranging from 0.0789 to 1.225 kg / m3.  

7.1.2.26.1.3 System	  Design	  
The system was designed to maximize drag in as little time as possible so as to maximize 
deceleration. Once the crew module reaches about 7.5 km altitude, the drogue parachutes will 
deploy at a speed of 217 meters per second and will decelerate the vehicle. After this at an 
altitude of approximately 3 kilometers, the main parachutes will deploy at a speed of 82 meters 
per second and will decelerate the crew module to a final landing velocity of 7.5 meters per 
second. 

7.1.2.26.1.4 Failure	  Considerations	  
The original design calls for 1 drogue parachute and 2 main parachutes, however, in the event of 
a failure, contingency chutes will be needed. This means the design will now incorporate 2 
drogue chutes and 3 main parachutes, each adding an additional parachute in case of a failure in 
the system. 

7.1.2.26.1.5 Final	  Specs	  
Table 7.1.2.26-1 Parachute Specs 

 Number of Chutes Area of Chute (m2) Mass Per Chute (kg) Volume Per Chute (m3) 

Drogue 2 30 4.4 0.0042 

Main 3 900 132 0.1260 

7.1.2.26.2 Floatation	  Balloons	  

7.1.2.26.2.1 Overview	  
Upon achieving the proper terminal velocity, the crew module will then splashdown into the 
ocean for retrieval. In the event that the crew module does not land upon its base and instead 
lands on its side, a system of 4 inflating balloons will be used in order to upright the module for 
crew evacuation. 

7.1.2.26.2.2 Environmental	  Definition	  
The crew module will sink about 0.5 meters into the ocean, and will be subject to 1 atm of 
atmospheric pressure. 

7.1.2.26.2.3 System	  Design	  
The system was designed to move the center of mass of the vehicle to upright the module. 

7.1.2.26.2.4 Failure	  Considerations	  
In the event of a failure of this system, the module can be realigned by the rescue crew prior to 
evacuating the crew. 

7.1.2.26.2.5 Final	  Specs	  
Table 7.1.2.26-1 Orientation Balloons 

Number of Mass per Radius of Inflation Balloon Deflated Volume 



Balloons Balloon 
(kg) 

Inflated Balloon 
(meters) 

Gauge 
Pressure (psi) 

Thickness 
(millimeters) 

Per Balloon (m3) 

4 23.6 1.4 2 2.76 0.078 

 
 

7.1.3 Summary	  (Chris	  O’Hare)	  

 
Figure 7.1.3-1: Final module sizing.  All dimensions in meters. 
  



 
Table 7.1.3-1 Crew Module Mass Summary 

System Mass (kg) 

Avionics 191 

Thermal Regulation 175 

RCS Thruster Suite 205 

Inner Hull 625 

Outer Hull 1007 

Power Systems 340 

Radiation Protection 140 

Crew Systems  1341 

Re-entry Heat Shield 640 

Landing Equipment 500 

Total Mass 5163 

 

Final mass of the Crew Module was determined to be 5163 kg.  This value includes the mass of 
all consumables and the mass of the crew.  This final number has a 14% mass margin against the 
required maximum mass of 6000 kg. 
 

7.2 Orion	  Landing	  Vehicle	  (Arranged	  by	  Michael	  Hamilton)	  

7.2.1 Design	  parameters	  (Michael	  Hamilton)	  
 
In Phase 3 of the mission architecture, the multi-purpose crew vehicle (MPCV) will be 
developed and incorporated into the lunar mission program. When this occurs, the MPCV will be 
launched using the same launch services used in Phases 1 and 2 of the mission. The crew module 
portion of the MPCV will be about 10,200kg and the vehicle’s total mass, including the launch 
abort system and service module is estimated to be over 23,000kg (Orion Quick Facts). Because 
it is so massive, specifically so much more so than the CM used in phases 1 and 2 of the mission 
plan, it would not be able to use the same LPM designed for the CM. The LPM is designed for a 



maximum payload of about 6,000kg, so there needed to be an alternative way to land the crew on 
the moon when using the MPCV. The Orion Landing Vehicle (OLV), named after the previous 
name of the MPCV, Orion, was designed to solve this issue. 
The primary design parameters for the OLV are as follows, it must be able to: 

1. Survive launch, landing, and all other loads  
2. Dock with Orion 
3. Descend and ascend to the lunar surface 
4. Support a crew for nominal mission length and extended emergency case 
5. Carry enough payload to resupply constructed lunar habitats 

 

The Orion Landing vehicle serves as a taxi from Orion to the lunar surface and back.  Because 
Orion is being designed for earth reentry, the OLV will not need that capability. Additionally, 
Orion is capable of transporting crew from LEO to LLO, so the OLV will not need to support 
crew for transit to and from LLO. Without a heat shield and the reinforced structural design it 
would need for Earth reentry, the OLV can be designed to be lightweight and thus, less 
expensive. 

Unfortunately, the habitat and OLV had to each be designed in about half the time given to other 
vehicles because the OLV was a development after PDR. Because of this, there was a reduced 
scope and both vehicles were designed accurately, but in less detail than other vehicles. The 
information is accurate and informative, but the design is not as extensive as the CM due to 
resource constraints.  
 

7.2.2 Structural	  Design	  

7.2.2.1 Structural	  Components	  (Dennis	  Sanchez)	  
The structural layout of OLV contains an outer and inner envelope, hatch for entrance and exit, 
top hatch to docking port, cargo hatches, and windows. See Figure 7.2.2.1-1 with a modeled 95th 
percentile astronaut. 



 
Figure 7.2.2.1-1: OLV Structural Layout 
 

Systems Integration gave the outer envelope dimensions of 2.5 m diameter and 3.8 m height for 
the OLV. The 2.19 m height of the inner envelope was to assure that a 95th percentile astronaut 
could stand comfortably. Because the inner envelope will be pressurized, curved end capes are 
used for the design to better handle stresses at the corners. The spacing between the outer and 
inner envelope walls are 1 cm to account for any wiring and insulation needed for the overall 
OLV design. The remaining open volume beneath the inner envelope will be used for cargo with 
three cargo hatches spaced 120 degrees apart. Full engineering drawings with detailed 
dimensions off the outer and inner envelope are presented in the appendix. 

 
The OLV will dock to MPCV using NASA Docking System (NDS), which will attach to the top 
hatch. The OLV will use NDS-301 for the docking system with MPCV because this 
configuration is fully androgynous and can also mate to all the other NDS configurations (Lewis, 
3-1). The mass of NDS-301 is 341 kg with a full diameter of 1.73 m and opening diameter of 
1.05 m. The opening diameter dimension was used to determine the diameter of the top hatch. 

 



 
Figure 7.2.2.1-2: NDS-301 passive on left, active on right. (Wikipedia, 2013) 
 

The windows of the OLV will be made of tempered silica glass with an anti-reflecting coating on 
the external surface and a blue-red reflective coating on the inner surface. The coatings will filter 
out most infrared and all ultraviolet rays (Apollo, 48). This design was used for the Command 
Module interior windows. Since the OLV will not reenter the earth’s atmosphere, the windows 
will not have to endure the high structural stress from earth re-entry. The Command Module 
interior windows were designed so that the glass surfaces had zero tension stress at ultimate load, 
with a safety factor of 1.5 (Pigg, 5). The top hatch has a window so that the astronauts have a 
view site when docking. Also, the OLV has three side windows spaced 120 degrees apart with 
one aligned with a descent module landing leg. The spacing was to assure that the astronauts 
could be able to see all of the landing legs. 

7.2.2.1.1 Loads	  Analysis	  (Dennis	  Sanchez)	  
The design of OLV along with finite element modeling (FEM) was done in Solid Works to 
evaluate the stress on the structure. The OLV is designed using aluminum 6061-T6 with a safety 
factor of 2. Aluminum 6061-T6 was chosen due to being one of the most heat-treatable alloys 
with tough high strength characteristics, along with excellent corrosion resistance to atmospheric 
conditions. 

 
During launch is when the OLV will endure its greatest loads. From the thrust of the rocket 
launch, the OLV will experience 6 g’s of acceleration. Following Newton’s 2nd Law of motion 
! = ! ∗ !, the axial force exerted on the structure was calculated to be about 277 kN. Figure 
7.2-1 shows the applied forces on the outer envelope and the results of the FEM done in Solid 
Works. With an overall thickness of 6 mm, OLV outer envelope does not fail due to launch load 
and has a Margin of Safety equal to 17.5 %.  
 



 
Figure 7.2.2.2.1-1: OLV Outer FEM Analysis 

 
The inner envelope of the OLV will experience the same launch loads as the outer envelope, but 
will also be pressurized. The inner envelope will be pressurized at 10.2 psi, which was added to 
the FEM analysis in Solid Works, displayed in Figure 7.2-2. With an overall thickness of 5 mm, 
OLV inner envelope also does not fail due to launch load and has a Margin of Safety equal to 10 
%. Finding the outer and inner thickness was an iterative process where FEM analysis was 
continually used to solve for a sensible thickness that didn’t produce a failure load with low 
mass. 

 



 
Figure 7.2.2.2.1-2: OLV Inner FEM Analysis 

 
Table 7.2.2.2.1-1: OLV Mass and Margin of Safety 

 Mass (kg) Safety Factor Margin of Safety (%) 

Outer Envelope 639 2.0 17.5 

Inner Envelope 446 2.0 10 

Total 1085 - - 

 

7.2.2.1.2 Works	  Cited	  
United States. NASA. System Architecture and Integration. NASA Docking System (NDS) 
Interface Definitions Document (IDD). By James Lewis. Houston: Johnson Space Center, 2011. 
Print. 
Wikipedia contributors. "NASA Docking System." Wikipedia, The Free Encyclopedia. 

Wikipedia, The Free Encyclopedia, 16 Mar. 2013. Web. 17 May. 2013. 
Apollo Operations Handbook, Block II Spacecraft, Volume 1, Spacecraft Description, 

SM2A-03-Block II-(1), SID 66-1508, 15 October 1969, Scan and PDF formatting by Bill Wood. 
Pigg, Orvis E., and Stanley P. Weiss. Apollo Experience Report - Spacecraft Structural 

Windows. Tech. no. D-7439. Washington, D.C: National Aeronautics and Space Administration, 
1973. Print. 

 



7.2.2.2 Radiation	  Shielding	  (Tim	  Russell)	  
 
The goal for the OLV radiation shielding system is exactly the same as for the crew module: 
maximize the reliability at which the astronauts will be exposed to no more than 25 rem (for 
more on space radiation and how the following process was developed refer to section 7.1.2.23). 

Using figure 7.1.2.23-1 the following event sizes and unshielded dosages were determined for 
various reliabilities for the OLV. 

Table 7.2.2.2-1: Shielding reliabilities and corresponding event sizes and radiation dosages 

Reliability (%) Event Size (particles/cm2) Unshielded Dosage (rem) 

99.0 9.0 x 108 6.95 

99.1 9.5 x 108 7.43 

99.2 1.0 x 109 7.92 

99.3 1.1 x 109 8.91 

99.4 1.4 x 109 12.00 

99.5 1.6 x 109 14.15 

99.6 2.0 x 109 18.64 

99.7 3.0 x 109 30.77 

99.8 4.0 x 109 43.90 

99.9 6.0 x 109 72.45 

 
The combined thickness of the two aluminum hulls of the OLV is 1.1 cm which equates to a 
shielding depth of 2.97 g/cm2. Scaling down the previously mentioned 1989 SPE exposure data 
(Campbell & Harris 1992) results in the following shielding data (99.994% reliability 
corresponds to the 1989 SPE data). 
  



 
Table 7.2.2.2-2: Dosage levels (in rem) for different reliabilities and aluminum shielding depths 

 Reliability (%) 

Depth 
(g/cm2) 99.0 99.1 99.2 99.3 99.4 99.5 99.6 99.7 99.8 99.9 99.994 

0 6.95 7.43 7.92 8.91 12.00 14.15 18.64 30.77 43.90 72.45 391.50 

1 4.97 5.31 5.66 6.37 8.58 10.12 13.33 22.01 31.40 51.82 280.00 

2 3.82 4.08 4.35 4.89 6.59 7.77 10.24 16.90 24.11 39.79 215.00 

5 2.09 2.24 2.39 2.69 3.62 4.26 5.62 9.27 13.23 21.84 118.00 

10 0.89 0.95 1.01 1.14 1.53 1.81 2.38 3.93 5.61 9.25 50.00 

20 0.23 0.25 0.26 0.30 0.40 0.47 0.62 1.02 1.46 2.41 13.00 

50 0.06 0.06 0.06 0.07 0.10 0.12 0.15 0.25 0.36 0.59 3.20 

 
Using an exponential regression for each of the reliability cases (R2 = 0.8164 for all), the 
following shielded dosage values were found for 2.97 g/cm2. 
Table 7.2.2.2-3: Dosage levels from SPE taking into account shielding from hull 

Reliability (%) Shielded Dosage (rem) 

99.0 3.46 

99.1 3.80 

99.2 4.16 

99.3 4.87 

99.4 7.09 

99.5 8.64 

99.6 11.87 

99.7 20.59 

99.8 30.03 

99.9 50.56 

 

Using the same regression as found in Figure 7.1.2.23-2, the highest dosage of GCR radiation the 
astronauts will experience over a four day period is 2.98 rem. Adding this to the values in Table 
7.2.2.2-3 the total shielded dosage from just the aluminum hull is as follows. 
  



Table 7.2.2.2-4: Dosage levels from GCRs and SPEs taking into account shielding from hulls 

Reliability (%) Shielded Dosage (rem) 

99.0 6.44 

99.1 6.78 

99.2 7.14 

99.3 7.85 

99.4 10.07 

99.5 11.62 

99.6 14.85 

99.7 23.57 

99.8 33.01 

99.9 53.54 

 
Each reliability case up through 99.7% meets the NCRP guidelines. However, the 99.8% and 
99.9% cases require extra shielding to lower the maximum dosage to 25 rem. As was determined 
in Section 7.1.2.23, a layer of polyethylene on the inner hull is the least massive way to provide 
this extra shielding. Again scaling down the values tabulated by Campbell and Harris (1992), the 
following table shows the dosage for each reliability at various polyethylene shielding depths. 

Table 7.2.2.2-5: Dosage levels (in rem) for different reliabilities and polyethylene shielding 
depths 

 Reliability (%) 

Depth (g/cm2) 99.8 99.9 

0 33.01 53.54 

1 24.24 39.39 

2 17.88 29.01 

5 8.37 13.57 

10 3.29 5.34 

20 0.53 0.86 

50 0.03 0.04 

 

Using an exponential regression for both reliabilities (R2 = 0.9391 for both), an additional depth 
of 1.78 g/cm2 is required for the 99.8% reliability case and 4.88 g/cm2 for 99.9%. The surface 
area of the inner hull of the OLV is approximately 635,000 cm2. For the 99.8% reliability case 
this comes out to an extra mass of 1130 kg and thickness of 0.66 cm. For the 99.9% reliability 
case the values are 3100 kg and 1.81 cm. As these masses are unreasonably high, additional 



polyethylene will not be added to the inner hull and the vehicle will be 99.7% reliable with 
respect to limiting the crew’s exposure to 25 rem. While this does not meet the desired 99.9% 
reliability, it does stay under the NASA 10 year limit of 60 rem even for the 99.9% case. In the 
event that the crew experiences such a strong event they will not be able to go on another space 
mission for at least ten years. 
 

7.2.3 Life	  Support	  and	  Human	  Factors	  

7.2.3.1 Atmosphere	  Design	  (Dylan	  Carter)	  
As with the Crew Module atmosphere design, crew safety and comfort are critical factors in the 
design of the artificial atmosphere. However, the OLV atmosphere is severely constrained by the 
nature of its operation and objectives, in ways that the Crew Module is not. These factors will 
drive the design of the atmosphere, but crew safety will be considered and ensured throughout all 
stages of design. 

7.2.3.1.1 Restrictions	  on	  the	  Design	  Region	  
 

Docking	  Requirements	  
The primary objective of the OLV is the safe transfer of all four crew members from the MPCV 
to the Lunar Habitat, in as quickly and efficiently a manner as possible. For this reason, the OLV 
is required to dock with the MPCV in lunar orbit. Docking places a severe constraint on the 
cabin atmosphere; in particular, at docking, the OLV atmosphere must be of the same pressure 
and composition as that of the MPCV. 

Current specifications for the MPCV describe its atmosphere as variable, within the range of 
10.2-14.7 psi. Any pressure in this range is acceptable for the MPCV, provided that an 
appropriate concentration of O2 is chosen to ensure crew safety. Information on O2 
concentration in the MPCV is not publicly available at this stage in its design, but can be 
estimated by extrapolation from past missions. In particular, the Space Shuttle was designed to 
support a 10.2 psi atmosphere with an O2 concentration of 26.5% (Akin, 2012). Therefore, we 
shall assume that the MPCV supports a variable atmosphere of 10.2-14.7 psi, at a corresponding 
O2 concentration of 21-26.5%, with the remainder consisting of N2. The OLV will be required 
to support this atmosphere during the docking mode of its nominal operation. 

Limits	  on	  the	  Human	  Respiratory	  System	  

The OLV is designed to support a contingency duration of up to four days. Because this does not 
qualify as a long-term mission, inert gas is not required for the OLV atmosphere. This would 
greatly simplify EVA procedure during the contingency mode of operation, as there will be no 
pre-breathe required or risk of DCS; however, a more involved EVA procedure for nominal 
operation will need to be established, as the nominal atmosphere must contain the same 
concentration of N2 as the MPCV (as established above). 

A pure O2 environment offers the additional risk of hyperoxia, also known as oxygen toxicity. 
NASA provides limits for maximum duration in environments containing various partial 
pressures of O2, provided below. 



 
Figure 7.2.2.1.1-1: Duration Limits at O2 Partial Pressure Levels (HIDH, 2010) 

Contingency operation is for up to three days of habitation, much of which is spent on EVA; 
NASA Standards allow for 10 hours in-suit for lunar EVA (STD-3001 V1, 2007). Furthermore, 
the OLV will be re-pressurized to the full 10.2-14.7 psi nearing the end of this time to allow the 
crew to reunite with the MPCV. Therefore, while pressures of up to 4.8 psi are considered safe 
for three day exposure, we will nonetheless consider slightly higher pressures as well, as the 
maximum duration for the next highest category is comparable to the actual exposure during 
contingency. 

Decompression	  Sickness	  

The nominal atmosphere of the OLV, as constrained by the docking requirements, is of a higher 
pressure and N2 concentration than that of the Crew Module; therefore, transition to the suits for 
nominal EVA will require a larger amount of pre-breathe. While time is critical during 
contingency mode due to limited time for repairs, the nominal mode does not have such a 
restriction, and a reasonable amount of time can be allotted for pre-breathe. Therefore, using the 
same suits, we can again calculate the R-value for nominal EVA using the Haldane equation 
(Equation 7.1.2.5.1-2). 
We shall require that the R-value for the chosen atmosphere be reduced to R ≤ 1.4, and allot the 
corresponding time t to pre-breathe. 
Contingency operation does not require any atmospheric inert gas. Due to time constraints, the 
OLV contingency atmosphere shall require no pre-breathe. Therefore, if N2 is included in the 
atmosphere during this mode, it shall satisfy the Haldane equation for t = 0 and R ≤ 1.4. Using 
the above equation, we see that the partial pressure of N2 cannot exceed 6.02 psi. 



Flammability	  Risk	  

During nominal operation, the OLV will maintain the same internal atmosphere as the MPCV, 
which operates at QO2 < 0.3; therefore, basic fire protection and prevention techniques will 
suffice for nominal operation. 
If the atmosphere during contingency mode is of a large concentration of O2, special 
considerations must be taken, as required and outlined by NASA Standards (STD-3000, Section 
6.6.2a). Materials with high ignition temperatures and slow combustion rate must be used, and 
the crew must have easy access to O2 masks. Fire safety supplies must be provided, and the 
OLV must possess the ability to vent the atmosphere to remove both O2 and CO2 if necessary. 

The OLV will operate at a low power, and no operations in the pressurized cabin run at high 
temperatures. Therefore, the risk of flammability, even in a pure O2 environment, is low. By 
taking the above considerations into account, the OLV meets the requirements for fire safety for 
any atmospheric O2 concentration. 

7.2.3.1.2 Atmosphere	  Selection	  
 

Nominal	  Atmosphere	  

The driving factor for the design of the nominal atmosphere is the reduction of pre-breathe time; 
all possible atmospheres fall within acceptable limits of safety and comfort, but all will require 
substantial pre-breathe prior to EVA. The pre-breathe time required to reach a particular R-value 
is related to the partial pressure of N2; therefore we will select the nominal atmosphere which 
minimizes this value. 
The range of cabin atmospheres offered by the MPCV offer a range of N2 partial pressures; the 
lowest value occurs for the 10.2 psi atmosphere with 26.5% O2 (and 73.5% N2). This 
atmosphere has PN2 = 7.5 psi, and using the Haldane equation, would require 114 minutes of 
pure O2 pre-breathe. For comparison, the atmosphere with the largest PN2 = 11.6 psi (where P = 
14.7 psi and QN2 = 0.79) would require a massive 341 minutes (5.7 hours) of pre-breathe. 
Therefore, the ideal atmosphere selection for the nominal mode of the OLV and MPCV is one of 
10.2 psi and 26.5% O2, diluted with 73.5% N2. 

Pre-breathe will be performed during descent to the lunar surface, and last for a minimum of two 
hours (120 minutes). This will reduce the R-value to a safe 1.38. The O2 supply system will be 
capable of providing 100% O2 through masks accessible from a standing position; these masks 
will be used in both  

Contingency	  Atmosphere	  
We will here consider the design of the contingency atmosphere. The OLV is required to operate 
at minimal mass and power, to ensure that the LV can support both the OLV and the necessary 
cargo for full habitat resupply, and that contingency operation is as simple and low-risk as 
possible. Furthermore, the nature of contingency operation is one of urgency, and spending 
excessive time in pre-breathe or acclimation to suit conditions detracts from EVA time for 
habitat repair. For these reasons, the contingency atmosphere of the OLV will be one of pure O2. 
Historically, vehicles with atmospheres of pure O2 have operated at a cabin pressure of 5.0 psi 
(HIDH, 2010), including Gemini, Mercury, and Apollo. These missions are of comparable 



duration to the OLV contingency duration, and therefore set an excellent precedent for use in the 
OLV. Therefore, the OLV contingency atmosphere will consist of 100% O2 at a pressure of 5 
psi.  
The safety metrics considered are analyzed below.  

Table 7.2.2.1.2-1: Analysis of Safety Metrics in OLV Atmosphere by Mode 

 Metric Value Result and Acceptability 

Partial Pressure of O2 
Nom: PO2 = 2.7 Slightly hypoxic; acceptable for indefinite stay 

Cont.: PO2 = 5 Acceptable for the short duration of OLV 
operation 

Decompression Sickness 
Nom: R = 1.38 Acceptable by safety standards 

Cont.: R = N/A No risk of DCS 

Flammability Risk 

Nom: QO2 = 0.265 Below maximum acceptable flammability risk 

Cont.: QO2 = 1 
Considered hazardous; will be addressed with 
increased fire prevention and protection 
capabilities 

 

7.2.3.2 Internal	  Cabin	  Sizing	  (Dylan	  Carter)	  
In determining the dimensions of the OLV cabin, we must consider both the nominal and 
contingency mode requirements. Nominally, the OLV is simply a transfer vehicle; even during 
contingency mode, the vehicle is simply intended to provide a safe place to rest between 
performing repairs on the Lunar Habitat. For this reason, crew comfort is not the driving factor 
for cabin sizing; rather, the cabin will be designed just large enough to allow comfortable 
sleeping and necessary mobility for the 95th percentile male crew member. 

7.2.3.2.1 Sizing	  Requirements	  
 

Human	  Dimensions	  
We assume for sizing purposes that the crew is composed of 95th percentile males. Under this 
assumption, the height and width of the crew will be the same as that for the Crew Module (see 
Figure 7.1.2.4.1-1). 

Sleeping	  Arrangements	  
Allotting floor space to all four crew members for sleeping is not feasible; for a circular floor 
providing the same personal space to each crew member as in the Crew Module, the floor would 
require a diameter of 4.1 m. Instead, a multi-layered sleeping configuration must be considered 
as an alternative. 
The OLV shape is not limited by re-entry requirements like the Crew Module; lunar landing 
loads are the driving structural limitation for the OLV, and a cylindrical shape is a feasible and 
space-efficient design. This also allows separation of the crew into two sleeping levels: two can 



sleep on the floor, and the remaining two can sleep suspended above them in hammocks. This 
provides a significant reduction in mass over the alternative by minimizing the OLV size. 

As sleeping in the OLV occurs only in contingency mode, and comfort is of lower priority in this 
mode than in the Crew Module, personal space margins will be somewhat reduced to further 
conserve mass. Furthermore, the crew will stand during landing and nominal operations, and thus 
the floor space is not constrained by the chair dimensions. Based on the dimensions provided in 
Figure 7.1.2.4.1-1, we see that a diameter of 2.3 m is just large enough to accommodate the 95th 
percentile male. It is important to note that this sizing is an overestimate of crew size, and 
therefore the real crew will experience more margin than allotted here. Thus we will provide an 
internal diameter of no more than 2.3 m. 

The hammocks will hang from a height of 1.0 m. This provides sufficient clearance above the 
crew on the floor, while still allowing the crew members to climb from the floor into their 
hammocks. Hooks for securing the hammocks will be provided on the cabin walls. 

Cabin	  Height	  and	  Ingress/Egress	  

The same suits will be used in the OLV as in the CM; therefore the cabin height must meet the 
same 2.4 m height requirement to allow the crew to don and doff their suits. 
Due to the cylindrical shape of the OLV, the hatch height is not constrained as in the CM. For 
structural reasons, the hatch cannot (and need not) be as tall as the cabin. A hatch of height of 1.5 
m, centered on the cabin wall, will be sufficient for easy ingress and egress. 

7.2.3.2.2 Cabin	  Dimensions	  
The dimensions described below incorporate the above design requirements. 



 
Figure 7.2.2.2.2-1: Dimensions of the OLV Pressurized Cabin 

Division	  of	  Space	  

Based on the above dimensions, we find that the interior of the cabin has about 10.0 m3 of 
volume. Once again, the region above the sleeping quarters will be defined as the living space. 
Therefore, the living space accounts for approximately 6.1 m3, and the remaining 3.9 m3 will be 
allotted to storage space. 

Open	  Living	  Space	  

Once again, we will use Celentano curves to estimate the comfort of the provided space. Using 
Equation 7.1.2.4.2-1, for a duration of t = 4 days and volume of V = 1.52 m3, we find that the 
comfort parameter is A = 8.4. This is comparable to the comfort parameter for the CM, and 
certainly acceptable for a nominal design. 

7.2.3.3 Oxygen	  and	  Nitrogen	  Supply	  (Dylan	  Carter)	  

7.2.3.3.1 Requirements	  for	  Atmosphere	  Supply	  
The cabin atmosphere of the OLV is subject to the same sources of loss as the CM: O2 
consumption, leakage, EVA loss, and (if using cryogenic storage) boil-off. In addition, the OLV 
maintains two entirely different atmospheres depending on the operational mode, and 
atmospheric losses vary drastically between the two. For the purposes of this analysis, it will be 
assumed that nominal mode will consist of exactly one day of operation, and contingency mode 
will account for the remaining three days. 



Cabin	  Atmosphere	  

The OLV cabin has a theoretical volume of about 10.0 m3. As with the Crew Module, some of 
this space is occupied by supplies and crew members; however, due to the short mission duration 
and reduced margin for supplies, this volume is significantly smaller than in the Crew Module, 
and much is disposable. For this reason, we will use the full V = 10.0 m3 in estimating the mass 
of the cabin atmosphere. 
In nominal mode, the atmosphere is composed of Qnom,O2 = 26.5% O2 and Qnom,N2 = 73.5% N2 at 
a total Pnom = 10.2 psi; in contingency mode, the atmosphere contains Qcon,O2 = 100% O2 at Pcon 
= 5.0 psi. Assuming a cabin temperature of T = 72o F in both modes, we can calculate the masses 
in each mode using the ideal gas law (Equations 7.1.2.5.1-1 and 7.1.2.5.1-2). 
Table 7.2.2.3.1-1: Cabin Atmosphere Mass By Operational Mode 

 Nominal Mode Contingency Mode 

O2 (kg) 2.43 4.49 

N2 (kg) 5.89 0 

TOTAL (kg) 8.32 4.49 

 
Many of the remaining masses are based on the cabin mass. In the interest of conserving space, 
we will omit these calculations and simply state the assumptions and method. The calculation of 
total mass will be done at the end. For a comprehensive overview of the calculation process and 
equations used, see Section 7.1.2.5.1. 

Decompression	  for	  EVA	  

For such a small, lightweight vehicle as the OLV, full decompression on EVA is the most mass-
efficient method of depressurization, as on the Crew Module. Therefore, we will assume that the 
entire atmosphere is lost on EVA. This loss includes a single nominal EVA, as well as three 
additional contingency EVA. The total lost mass can then be determined from Table 7.2.2.3.1-1. 

Decompression	  for	  Fire	  

A single additional contingency repressurization will be included in the event of a large fire. This 
allows the crew to extinguish the fire and quickly clear the atmosphere of smoke and/or CO2, a 
necessary condition in such a small and oxygen-rich environment where the risk of fire is 
increased. 

Cabin	  Leakage	  
As in the Crew Module, the OLV will be designed to minimize leakage. We will use the same 
expected leakage rate of 1% of the cabin atmosphere per day (Equation 7.1.2.5.1-4). 

Crew	  Consumption	  

The 95th percentile crew member consumes 1.11 kg/day, as described by Equation 7.1.2.5.1-5. 
This consumption will be assumed to occur over the entire contingency stay, including during 
EVA, as the EVA suits will be refilled from the OLV O2 tanks. Therefore, the total O2 
consumption accounts for Mcons,O2 = 17.76 kg. 



Mass	  Totals	  

In the interest of conserving mass, and due to the extremely rare need for full contingency stay, 
no additional margin will be provided on the OLV. Therefore, we can use Equation 7.1.2.5.1-6 
with a margin of MS = 0, to calculate the nominal (not including boil-off) masses of O2 and N2 
required. Under the assumptions given above, we can calculate Mnom,O2 = 36.25 kg and Mnom,N2 = 
11.84 kg. A more detailed breakdown of the individual masses can be found in Section 7.2.2.3.2. 

7.2.3.3.2 Storage	  of	  Cryogenics	  for	  Atmosphere	  Supply	  
 

Boil	  Off	  of	  Cryogenics	  
The same rate of cryogenic boil off will be assumed for the OLV as for the Crew Module (0.25% 
per day). Therefore, we can use Equation 7.1.2.5.2-1 to again calculate the additional mass 
required to ensure that the nominal mass is available for use even with steady boil-off. Therefore, 
the OLV will carry an additional Mboil,O2 = 0.36 kg and Mboil,N2 = 0.12 kg. 

Cryogenic	  Tanks	  

The cryogenic tanks for the OLV will be sized using the curves found in Figure 7.1.2.5.2-1. A 
single tank will be sufficient to hold these small amounts of liquid. The O2 tank must hold VO2 = 
32.09 L, while the N2 tank must hold 14.82 L. Using the fit curves, we find that each tank will 
have a mass of Mtank,O2 = 12.68 kg and Mtank,N2 = 6.96 kg, and a thickness of tO2 = 4.9 cm and tN2 
= 3.6 cm. We can then use Equation 7.1.2.5.2-2 to determine the tank dimensions, assuming a 
height-to-radius ratio of 3:1. 
Therefore, the O2 tank will have a height of 58.3 cm and a diameter of 38.9 cm, and the N2 tank 
will have a height of 44.6 cm with a diameter of 29.7 cm. 

7.2.3.3.3 O2	  and	  N2	  Systems	  Summary	  
The breakdown of masses for the OLV O2 and N2 supply system can be found below. 

Figure 7.2.3.3.2-1: Mass of Supplies and Tanks for O2 and N2 OLV Resupply System 

 O2 System Mass (kg) N2 System Mass (kg) 

Ambient Atmosphere 2.43 5.89 

Repressurization 15.9 5.89 

Leakage 0.16 0.06 

Crew Consumption 17.76 0 

Boil Off 0.36 0.12 

Tanks 12.68 6.96 

TOTAL 49.29 18.92 

 



7.2.3.4 Air	  Revitalization	  Systems	  (Kevin	  Lee)	  

7.2.3.4.1 CO2	  Scrubbing	  System:	  Lithium	  Hydroxide	  
Since the OLV is a very short 4-crew mission the graphs for the selected four CO2 scrubbing 
systems were done to reflect the higher CO2 production. For more information about how system 
selection was narrowed down to these choices, see Section 7.1.2.4.1 in the Crew Module section. 
As expected, these show that LiOH is the superior system in both mass and power requirements 
for such a short duration mission.  

 
Figure 7.7.3.4.1-1: OLV Mass and Power Comparisons of CO2 Scrubbing (Akin) 

Using the same calculations detailed in the CM’s CO2 scrubbing section we need eight LiOH 
canisters for a total mass and volume of 48 kg and 0.048 m3. 

7.2.3.4.2 Trace	  Contaminant	  Control	  (TCC)	  
 

Ambient	  Temperature	  Catalytic	  Oxidizer	  (ATCO)	  

Although there are four crew members compared to the CM’s two, the shorter mission length for 
the OLV is expected to require less or possibly no trace contaminant control. To verify this, a 
table of human metabolically-produced concentrations for key contaminants was created. Space 
Maximal Airborne Concentrations were found in a NASA Document (James). Crew production 
rate was estimated in a document testing trace contaminant control for the ISS (Perry).   
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Table 7.7.3.4.2-1: Key Contaminants and Risk for OLV 

Contaminant SMAC 
(ppm) 

Production 
Rate 
(mg/(person-
day)) 

4 Crew, 4-
day 
Maximum 
(ppm) 

Carbon Monoxide 10 23 25.0 

Methane 5300 160 173.5 

Acetone 22 0.2 0.22 

Ethanol 1000 4 4.33 

Methanol 7 1.5 1.63 

Ammonia 10 321 348 

n-butanol 50 1.33 1.44 

 

As with the CM, Carbon Monoxide is the only trace contaminant of concern.  
The OLV will use the same ATCO system used on the CM. The air mass flow rate in the OLV is 
exactly the same as in the CM with only slight changes to cabin pressure, so it is best to save 
development costs and use the same system tested for compatibility. As roughly estimated in the 
TCC section of the CM, the final mass and volume of our ATCO using HSPT1 was found to be 
41.3 kg and 0.098 m3. 

Particulate	  Control	  System	  (PCS)	  
The threats for particulate contamination for the OLV are similar to the CM despite the shorter 
mission duration. (Section 7.1.2.4.2). Although in the best case scenario astronauts will not need 
to return to the OLV, in an emergency this might be necessary. The shorter duration allows us to 
bring less spare air filters, but more equipment is needed because there are four crew members as 
compared to the CM’s two. The following table shows the adjustments and total mass and 
volume of the dust management items.  
Table 7.7.3.4.2-2: CM Dust Management Items 

Item Mass (kg) Volume (m3) 

Air Filters 4.5 0.013 

Respirators 2.99 0.008 

Wet Wipes 0.6 0.0024 

Brushes 0.8 0.0012 

Goggles  0.45 0.011 

Total 9.35 0.036 

 



7.2.3.5 Water	  Subsystem	  (James	  Black)	  

7.2.3.5.1 Water	  System	  Trade	  Studies	  
Due to the relatively short length of the Orion Landing Vehicle (OLV) mission, a trade study 
was performed to determine if a non-regenerative water system would be ideal in terms of mass 
efficiency.  The power system on board the OLV will use fuel cells which provide an average of 
11 kg of potable water per day.  This extra water was incorporated into the trade study in Figure.  
The total non-regenerative system mass in the trade study include only the water tanks and the 
dehumidifier.  In the regenerative system, the mass includes the tanks, the reverse osmosis 
apparatus, the VCD, the multifiltration device and the dehumidifier.  
  

 
Figure 7.7.3.5.1-1: OLV Water Trade Study 

7.2.3.5.2 Water	  System	  Summary	  
As a result of the lower mass of the open loop system for four days, an open loop system was 
chosen to support the crew’s water needs on the OLV.  Additionally, the open loop system was 
chosen for its simplicity and lower risk of failure when compared to the regenerative system.  To 
support the crew for the duration of the mission, there will be a tank to hold 47 kilograms of 
water.  Another identical tank will be used to provide redundancy.  Additionally, a waste water 
tank able to hold 34 kilograms will be incorporated and can be emptied as necessary during EVA 
on the moon.  A dehumidifier will be used to remove the water vapor generated by human 
respiration and perspiration.  The mass, power, and volume estimates for the water system are 
tabulated in Table 7.7.3.5.2-1. 

Table 7.7.3.5.2-1.  Mass, power, volume for OLV Water Life Support System 

Open Loop 
Design Point 

Regenerative 
System Design 
Point 



 Mass (kg) Volume (m3) Power (W) 

Water and Tanks 95 0.095 0 

Dehumidifier 4 0.02 34 

 

7.2.3.6 Food	  Subsystem	  (Ben	  Abresch)	  
The Food Subsystem makes minor changes to the CM system. A food warmer and rehydration 
station are not needed because of the short duration. The meals are all themostabilized foods. 
Rehydration is not needed. Each crew member gets 3 meals a day. All food waste will be 
disposed of into trash bags and dumped during EVA. Nominally there is one EVA which is 
accounted for in the system total. 
Table 7.7.3.6-1: Food System Final Specifications 

 Mass (kg) Volume (m3) Power (W) 

System Total 22.60 0.045 0 

 

7.2.3.7 Waste	  Management	  Subsystem	  (Ben	  Abresch)	  
The Waste Management System is comprised of two parts trash and solid waste. All trash from 
food and fecal matter will be stored in trash bags to be removed upon landing. Human waste is 
requires urine hoses and bags.  
Table 7.7.3.7-1: Waste System Final Specifications 

 Mass (kg) Volume (m3) Power (W) 

Waste System 8.72 0.02 0 

Trash System 2.55 .030 0 

Total 11.27 .05 0 

 

7.2.3.8 Hygiene	  Subsystem	  (Ben	  Abresch)	  
Each crew member gets their own personal hygiene kit. Each kit contains all their necessary 
hygiene items. The kit’s volume is about ½ CTB for each person.  

Table 7.7.3.8-1: Hygiene System Final Specifications 

 Mass (kg) Volume (m3) Power (W) 

System Total 3.22 0.116 0 

 
  



 

7.2.3.9 Clothing	  Subsystem	  (Ben	  Abresch)	  
The clothing is stored in CTB’s and is thrown away after use.  
Table 7.7.3.9-1: Clothing System Final Specifications 

 Mass (kg) Volume (m3) Power (W) 

System Total 8.46 0.012 0 

 

7.2.3.10 Human	  Factors	  (Leah	  Krombach)	  
In the OLV the astronauts will still be wearing the ILC Dover 3rd Generation I-Suit since it can 
be folded and stored in one triple CTB. The suit’s ability to fold into a small volume is extremely 
important for the OLV due to the fact that the OLV is very small and the astronauts will need 
room to sleep and move around during contingency days. 

The same CHeCS as in the Crew Module will be included to monitor environment and crew 
health in case of contingency stay since all the NASA requirements, which the CHeCS satisfies, 
are for any length mission.  
The same fire detection and suppression systems will also be on the OLV. 

Since the Orion Landing Vehicle is only used for transportation from the LLO to the moon, the 
astronauts do not need couches and they are therefore omitted to conserve mass and leave the 
astronauts with extra space. In the CM the astronauts slept on their chairs but in the OLV 
astronauts will sleep in hammocks since there are lightweight and foldable giving the crew extra 
space.  The crew will stand during launch and landing just like the astronauts in Apollo did.  
The astronauts will have lightweight folding chairs included for comfort during contingency 
days. 

7.2.4 Propulsive	  Systems	  (Kenneth	  Murphy)	  

7.2.4.1 OLV	  RCS	  OVERVIEW	  
 
The Orion landing vehicle reaction control system (OLV RCS) is used to maintain rate and 
rotation of the module in all three axes. It consists of four blocks of four thrusters (referred to as 
quads) placed radially around the module. Each quad consists of two roll thrusters and two 
pitch/yaw thrusters. 
The OLV RCS uses a helium-pressurized bipropellant system to produce thrust. Hypergolic 
nitrogen tetroxide (N2O4) (used an oxidizer) and monomethylhydrazine (MMH) (used as fuel) 
are used for their storability, high specific impulse, and self-igniting properties. 
  



 
  

 
 

 
 

 
 

 
 

 
 

 
 

 
 

7.2.4.2 OLV	  RCS	  PERFORMANCE	  

7.2.4.2.1 System	  Requirements	  
 

Three main requirements drove the design of the OLV RCS: 
 -Maintain six degrees of freedom control over the module at all times  

-Maintain attitude in deadband during rendezvous with Orion Module 
-Successfully dock with the Orion Module 

Maintaining six degrees of freedom control at all times during flight requires the OLV RCS to 
operational for the entire duration of any mission involving the OLV. For the OLV, full six 
degrees of freedom control requires at least 12 thrusters for a radially-placed configuration. If a 
thruster fails in this configuration, however, the system no longer meets the first requirement. 
For this reason, four quads was chosen over three to add redundancy and the ability to lose a 
thruster while maintain full six degrees of freedom control.  

For attitude hold during deadband travel, RCS thrusters must be able to hold the OLV within a 
10° drift range (5° in either direction) in all three axes. The OLV RCS must also carry enough 
fuel to perform all burns necessary to keep the OLV within this range while rendezvousing with 
the Orion Module. 

To dock with the Orion Module, the OLV RCS must be able to meet NASA IDSS soft capture 
initial contact rate limits. These limits are as follows:  

Figure 7.2.4.1-1: Placement of OLV RCS Thrusters 



 -Closing (axial) Rate: 0.05 to 0.10 m/s 
 -Lateral (radial) Rate: 0.04 m/s 

 -Pitch/Yaw Rate: 0.15 deg/s (vector sum) 
 -Roll Rate: 0.40 deg/s 

These limits are set in order to minimize risk of damage to either modules during docking. 
 

7.2.4.2.2 System	  Design	  
 

Table 7.2.4.2.2-1 contains OLV parameters used during thruster design (note: official parameters 
may have changed since analysis was completed). 

Table 7.2.4.2.2-1: OLV Parameters Used for Thruster Design 

Parameter Value 

Mass (kg) 3000 

Ix (kg*m2) 5053 

Iy (kg*m2) 5053 

Iz (kg*m2) 2888 

Rthruster (m) 1.5 

Hthruster (m) 1.9 

 

7.2.4.2.2.1 OLV	  RCS	  Thrusters	  
 

In order to decrease development cost of thrusters for the entire mission, a thruster from the 
Crew Module will be chosen to use on the OLV. Because the OLV does not experience re-entry, 
the thruster quads can be placed directly on the outside skin without worry.  
The minimum roll/pitch/yaw rates for both CM RCS thrusters when mounted on the OLV were 
calculated using the following equation: 
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Table 7.2.4.2.2.1-1: Minimum Rates of CM RCS Thrusters when used on the OLV 

 152 N Thruster 29 N Thruster 

Closing (Axial) Rate (m/s) 0.0040 0.00077 

Lateral (Radial) Rate (m/s) 0.0040 0.00077 

Pitch/Yaw Rate (deg/s) 0.19 0.04 

Roll Rate (deg/s) 0.34 0.07 

 
The 29N thruster meets soft capture standards and will be used for thruster quads. 

7.2.4.2.2.2 Attitude	  Hold	  in	  Deadband	  
 

Minimum thruster burn time for the CM RCS of 80 ms is used for the OLV RCS as well. Using 
minimum angular rates from above, travel time across the 10° drift range can be easily 
calculated. In case of emergency during rendezvous, a nominal 3 day deadband period is used for 
OLV RCS deadband calculations. The amount of burns over 3 days is calculated by: 
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The propellant burned while in deadband is then calculated via the following: 
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Table 7.2.4.2.2.2-1. contains relevant deadband values for roll and pitch/yaw thrusters. 
  
  



 
Table 7.2.4.2.2.2-1: Attitude Hold in Deadband Values for OLV RCS Thrusters 

 Pitch/Yaw Roll 

Minimum Rate !!"# (°/sec) 0.04 0.07 

Travel Time (sec) 253.4 144.8 

# of Burns 1023 1790 

Mass Flow (kg/sec) 0.0099 0.0099 

 

7.2.4.2.2.3 Propellant	  Mass	  and	  Tank	  Sizing	  
 

Propellant needed for a nominal delta-v maneuver of 50 m/s and attitude hold in deadband make 
up the total propellant mass for the OLV RCS.  Table 7.2.4.2.2.3 is calculated using a mixture 
ratio for MMH/N2O4 of 2.3. 
 

Table 7.2.4.2.2.3: Propellant Masses 

 Mass (kg) 

Deadband Propellant 6.1 

Translational Propellant 50.5 

Total 56.6 

 

The OLV RCS propellant tanks are pressurized to 5 MPa by helium tanks with an initial tank 
pressure of 15 MPa. The mass of helium needed to achieve this is calculated using the following 
equation: 
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The volume of the helium is then calculated by: 

 
 !!!"#$% =
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 7.2.4.2.2.3-5 

 
All tank masses and volumes will be listed in the final specifications section. 

 

7.2.4.2.3 OLV	  RCS	  Operation	  
 
 

 
 

 
 

 
 

 
 

 
 

 
 

 
 

 
 

 
 

The OLV RCS fuel delivery system is shown above. Because both the CM RCS and OLV RCS 
are standalone systems within the modules (except for avionics required to operate valves and 
gauges), the flow diagrams are the same. 

Figure 7.2.4.2.3-1: Simplified flow diagram for the crew module reaction control system 

 



The OLV outer skin is insulated to maintain temperatures above the freezing points for 
N2O4/MMH. Like the CM RCS, this allows the OLV RCS to be operational during emergency 
modes. 
 

7.2.4.3 Final	  Specifications	  
 

Table 7.2.4.3-1: Mass and Volume of RCS Components 

 Quantity Mass Total (kg) Volume Total (m3) 

N2O4 Tanks 4 3.9 0.027 

MMH Tanks 4 3.7 0.020 

Helium Tanks 4 14 0.0024 

Propellant N/A 56.6 N/A 

Helium N/A 0.084 N/A 

Roll Thrusters 16 56 0.0020 

Total N/A 134.3 0.0514 

 
Table 7.2.4.3-2: Thruster Specifications 

 Roll Thruster (29N) 

Combustion Chamber Diameter (in.) 0.81 

Combustion Chamber Length (in.) 1 

Exhaust Length (in.) 1.62 

Throat Diameter (in.) 0.48 

Expansion Ratio 30 

 



 

7.2.5 Power	  Systems	  (Brendan	  Smyth)	  

7.2.5.1 Power	  Requirements	  
The Orion Landing Vehicle is a vehicle to be used only for transportation between Low Lunar 
Orbit and the surface of the moon. In certain missions which inolve traveling to scientific 
locations and lunar habitats on the moon, the OLV will serve as the taxi for the crew and their 
supplies. Specifically, the module needs to be powered for 12 hour ascent and descent periods to 
and from the lunar service. Additionally, although the module will ideally be powered down on 
the surface of the moon, it needs to have the ability to serve as a contingency habitat for the 
astronauts on the surface of the moon for 3 days should the lunar habitat become compromised. 
The system must meet the following requirements for these periods of usage: 

Table 7.2.5.1-1:  

System Power Requirement (W) 

Crew Systems 585.5 

Avionics 678 

PPT 50 

Total 1313.5 

  

7.2.5.2 Systems	  Considered	  
Based on the duration and power requirements for this modules missions, once again the best 
Systems for this module would be either a Solar Panel/Battery combination or a Fuel Cell based 
system. The 1.3 kW power requirement is very high for RTG’s and many other power systems, 

Figure 7.2.4.3-1: 29 N Thruster and Thruster Quad used for OLV RCS 



while the 4 day requirement for this high power volume rules out primary batteries as a good 
option. The system needed to be equally resilient as the Crew Module, allowing for a failure 
without jeopardizing the safety of the astronauts. Since the vehicle is already serving as a 
redundancy itself on the surface of the moon, should the power system fail during this period it 
simply had to be able to safely get the astronauts back into orbit.  
The first system considered was a combination of Solar Panels and batteries. Solar Panels would 
serve as the power source on the surface of the moon, but batteries would be necessary to power 
the lunar ascent and descent since solar panels would need to be stored during these periods of 
time. Both primary batteries, LiSOCl2 , and rechargeable batteries, Li-Ion, were considered as 
power options for these short 12 hour periods of usage. Primary batteries are obviously more 
energy dense than the rechargeable batteries, but if they could be recharged on the surface of the 
moon by Solar Panels less of them would be required than single use primary batteries to meet 
the power needs. Taking this into consideration the rechargeable batteries turned out to be a 
better option. 

 
Table 7.2.5.2-1: Primary vs. Rechargable Batteries for OLV Missions  

LiSOCl2 Li-Ion 

237 kg 186 kg 

0.1233 m3 0.0858 m3 

 
In order to make the system failure tolerant redundancies were added. Three solar panels would 
be equipped to the spacecraft, each with the ability to provide half the power required for the 
module in the case of it being used as a habitat as well as excess power to recharge half the 
batteries over the three-day period. Note, that the extra panel provides enough power itself to 
very quickly recharge the batteries itself if all three are used together.  Three Li-Ion battery racks 
were included, each providing half the power necessary for ascent and descent, allowing for a 
safe transit even if one should fail.  

Table 7.2.5.2-2: Solar Panel/Battery System Specs. for OLV 

Component Mass  Size 

3 Solar Panels 25.5 kg 9.72 m2 

3 Li-Ion Battery Racks 186 kg 0.0858 m3 

Total 211.5 kg  

 
The next system considered for providing the Orion Landing Vehicle with power was an 
Alkaline Fuel Cell system, with batteries incorporated for redundancies. The Fuel Cell provides 
power for the full duration of the mission, including the three contingency days. While the 
batteries serve as a backup power source for lunar ascent should there be a system failure, 
allowing for the safe return of the crew and cargo to orbit. An additional plus of the system is the 
6 kg of water produced during each transit to and from the moon, and the 34 kg produced if the 
craft is used as a 3 day contingency habitat.  



 
 

Table 7.2.5.2-3: Fuel Cell/Battery System Specs. for OLV 

Component Mass  Size 

Cell Stack 21.5 0.026 

LH2 (w/tank) 19  0.0812 

LO2 (w/tank) 47 0.0323 

LiSOCl2 Batt. 79 0.0411 

Total 166.5 0.181 

 

7.2.5.3 System	  Chosen	  
 
The decision between these two best options was a rather easy one. The Fuel Cell offers a more 
reliable, less incident prone system than the solar panel one. Also, the Fuel Cell is less massive 
and voluminous than the Solar Panel/Battery combination. Mass and size is everything in 
designing these modules, and it is essential to lower mass and volume of components wherever 
we can. Additionally, another option to consider in furthering the design of this craft is to have 
supplemental fuel cell stacks rather than the primary batteries as a backup system, although the 
primary batteries are a good backup to have in case the failure of the Fuel Cell lies in the fuel 
storage rather than the stack itself which is why it was selected in our design. Photovoltaic power 
is the best option, and upon doing further analysis it becomes abundantly clear that this is indeed 
the case.  
 

7.2.6 Summary	  (Chris	  Flood)	  
 
The Orion Landing Vehicle was designed to 
deliver a crew of four safely to the lunar surface 
along with the required consumables to replenish 
the Lunar Habitat for a 28 day mission.  The 
OLV will be used in conjunction with the MPCV 
during phase III missions.  The final summation 
of specifications may be found in Table 7.2.6-1 
and the final configuration is seen in Figure 
7.2.6-1. 
  

 
Figure 7.2.7-1 



 
Table 7.2.6 - 1: OLV Summary Table 

Subsystem Power (watts) Mass (kg) 

Life Support 585 665 

Power, Propulsion, Thermal 50 495 

Avionics 678 213 

Structure 0 1085 

Payload 0 1017 

Total 1313 3475 

 

7.3 OPM-‐C	  (Arranged	  by	  Kip	  Hart)	  

7.3.1 Design	  parameters	  (Kip	  Hart)	  
The driving design parameters for the OPM-C are the mass and thrust of the module. The OPM-
C is essentially an additional stage to perform the ∆V required to transfer to LTO and circularize 
in LLO, so every extra kilogram of inert mass in the OPM-C is one less kilogram of payload to 
the Moon. Because the cryogenic fuel creates significant thermal gradients throughout the 
module, careful consideration was put on the thermal protection system. The primary design 
parameter in designing the thermal system was the mass of propellant that would boil off during 
the operation of the OPM-C. Thermal isolation was a driving factor in the design of the structure 
of the module to minimize the heat paths to the cryogenic propellants. The most important factor 
in the structural design, however, was resistance to material yielding during launch. 

7.3.2 Subsystem	  specifications	  

7.3.2.1 Propulsion	  (Nick	  Zarbo)	  
The OPM-C’s main objective is to transport up to 15,200 kg of payload to LLO. The ΔV 
required to transfer from LEO to LTO is 3,107 m/s and from LTO to LLO is 837 m/s, a total of 
3,944 m/s ΔV. The mass of the OPM-C is defined to be 37,800 kg (due to the total capacity of 
the Falcon Heavy) carrying up to 32,378 kg of propellant and the specific impulse of the liquid 
oxygen/liquid hydrogen (LOX/LH2) engine is assumed to be 450 s.  
 
Using the rocket equation, Eqn. 7.3.2.1.1, and assuming 2% of the propellant is unusable or for 
emergency and carried as inert mass, we can deduce the maximum ΔV that the OPM-C can 
provide to be 4,026 m/s which is 82 m/s more than the required ΔV.  Due to the additional ΔV 
available, the ΔV required for the LTO to LLO maneuver is rounded up to 850 m/s and the 
remaining 69 m/s is added to the LEO to LTO burn for a total 3176 m/s burn to enter LTO. Once 
again using the rocket equation, we can determine that the amount of propellant available for the 
LEO to LTO burn is 27,210 kg which leaves up to 4524 kg for the remaining maneuvers. 
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To determine the amount of thrust required for the OPM-C to deliver a 15,200 kg payload to 
LLO, an integrating simulation is performed via MATLAB to determine the effects of a non-
impulsive burn. The 27,210 kg of propellant for the first burn is divided by the mass flow rate of 
the engine to determine the total burn time for this maneuver into LTO. From the definition of 
specific impulse, Eqn. 7.3.2.1.2, the thrust can be directly determined from the mass flow rate. 
The higher the thrust, the higher the flow rate and shorter burn time which leads toward the 
rocket performing closer to an impulsive burn. 
 
      !!" =

!
!∗!

      (7.3.2.1.2) 
 
For this simulation the OPM-C and payload are assumed to start at a 200 km circular orbit to the 
right of the Earth. The mass flow rate is input to the script and the engine is fired for the duration 
required to consume the 27,210 kg of propellant. During the engine firing, only the gravity 
effects of the Earth are considered. Once the engine stops, the direction of perigee of the 
spacecraft’s new orbit is determined and the Moon is considered to be 384,400 km from the 
center of the Earth in the direction of apogee. Only the gravitational effects of the Earth and 
Moon are considered for the rest of the simulation which outputs a plot of the total trajectory of 
the spacecraft. The simulation iterates through several mass flow rates, and whichever plot 
contains the lowest mass flow rate on a successful trajectory is considered the minimum thrust 
required to reach the Moon, see Fig 7.3.2.1.1. For the OPM-C to deliver 15,200 kg of payload to 
LLO, a minimum thrust of roughly 150 kN is required. Note that much less thrust is required to 
transition from LTO to LLO so this is not considered for our engine sizing. 
 

 
Figure 7.3.2.1.1 Three trajectories simulated for various thrust levels. Earth in upper right corner, 

Moon in lower left corner. 
 

For reliability and redundancy, the OPM-C contains five main engines, each capable of 
producing 150 kN of thrust in a “+” shape at the rear of the vehicle. This allows for any two 
engines to go out while still providing the minimum thrust to reach LLO. Although the four outer 
engines theoretically only need to produce 75 kN of thrust (since if the middle engine and one 
other go out, you will need to opposite engines firing at the same time), all five engines are the 
same to reduce the non-recurring costs of building an entirely different engine. Running the same 
MATLAB simulation shows that having no engine failures during the first burn can deliver up to 
280 kg more payload to LLO or allow for more propellant to be saved for the final OPM-C 
maneuvers.  A simplified schematic of the propulsion system is in Fig. 7.3.2.1.2. 
 



 
Figure 7.3.2.1.2 Propulsion schematic. Not all valves and accessories shown. 

 
As provided by Crew Systems, if the OPM-C is carrying humans to LLO, it must not exceed 3 
g’s. Since the last 16% of the burn time slightly exceeds 3 g’s if all five engines are firing, those 
engines must be throttled down or selectively turned off to reduce the acceleration loads. The 
engines are assumed to provide moderate throttling to 50% thrust along with the ability to 
selectively turn off certain engines. This allows the OPM-C to deliver highly delicate equipment 
and provide a comfortable ride for the astronauts with less than 0.5 g’s of acceleration. 
 
Each engine has a gimbal system to steer the module stack during each burn. While drifting in 
LTO, whichever module is attached above the OPM-C must maintain the attitude of the stack. 
Not including attitude control engines on the OPM-C allows for more available inert mass and 
reduces the size of the OPM-C. To reduce the propellant volume, the mixture ratio is assumed to 
be 5.85 which leads to a larger percentage of the propellant mass to be the more dense liquid 
oxygen without reaching stoichiometric conditions. Also to reduce the tank size, helium 
pressurant is stored separately and regulated into the propellant tanks. 
 
Each engine is assumed to use a gas-generator cycle where the turbine exhaust has a supersonic 
exit nozzle which contributes slightly to the thrust of the engine. The total efficiency of the gas-
generator system is assumed to be 37.8% where the pump efficiency is 70%, the turbine 
efficiency is 60%, and the mechanical connection between the pump and turbine is 90% 
efficient. The gas-generator temperature is assumed to be 1,800 K and the exit of the turbine is 
assumed to be 2 atm. The thrust coefficient for the turbine exhaust is assumed to be only 1.5 to 
account for inefficiencies.  
 
To reduce the size of the engine, the chamber pressure is a relatively high 125 atm. This value 
was determined by comparing engines which already exist with similar thrust levels. The exit 
area ratio is only 30 to reduce the nozzle length. The combustion temperature for the given 
mixture ratio is assumed to be 3,500 K. Available data shows that the ratio of specific heats for 
this reaction is around 1.14 and  the molecular weight is 13. Using Eqn. 7.3.2.1.3, the throat area 
is determined to be 0.0062 m2. Therefore the exit area is 0.187 m2 and by using a 15° conical 



nozzle the length of the nozzle is only 0.64m. The chamber area ratio is assumed to be 5 times 
that of the throat and with a characteristic length assumed to be 2.5 m, the total length of the 
chamber is 0.5 m. The volume occupied by the gas-generator system and piping are assumed to 
fit the cylinder defined by the total length of the engine and its exit area. A model of the engine 
is shown in Fig. 7.3.2.1.3. 
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Fig. 7.3.2.1.3 CAD model of cryogenic engine 

 
To determine the mass flow that is diverted to the gas-generator, the system pressure drops were 
considered. First considering the injector into the combustion chamber, the discharge coefficient 
is assumed to be 0.8. The area of the injector orifices is assumed to take one third of the chamber 
area, half for fuel and half for oxidizer. Eqn. 7.3.2.1.4 provides the pressure drop across the 
injector to be 0.1 atm for the fuel and 0.2 atm for the oxidizer. 
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It is assumed that the fuel travels through a 3 in. pipe for an equivalent 4 m before being divided 
into 100 cooling vanes 6 mm in diameter travelling 1.2 m before entering the combustion 
chamber. The pipe roughness is estimated to be similar to commercial steel. The dynamic 
viscosity of liquid hydrogen is found to be 12e-6 Pa-s. For the first 4 m, the Reynolds number is 
determined to be 7e6 and the Moody diagram returns a friction factor of roughly 0.018. For the 
cooling 1.2m the Reynolds number is 7e4 and the friction factor is 0.075. Using Eqn. 7.3.2.1.5 
the pressure drop in the fuel lines is roughly 2.25 atm. A similar analysis is done for the oxygen 
flow. The flow only travels 2 m through a 3 in. pipe with a viscosity of 110e-6 Pa-s. The friction 
factor is 0.018 and the total pressure drop is only about 0.1 atm. 
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With the tank pressure at 5 atm, the pressure increase provided by the feul pump is 122.4 atm 
and the oxidizer pump provides 120.3 atm pressure increase. The power required by these pumps 
are determined with Eqn. 7.3.2.1.6 and the necessary power produced by the turbine is 1.87 MW 
when the mechanical inefficiencies are included. The gas generator exhaust is assumed to drop 



down to 124 atm before entering the turbine. The mass flow rate needed to provide the required 
power is determined by Eqn. 7.3.2.1.7 to be 0.45 kg/s. 
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The main engine provides 142500 N of thrust from the propellant, 6381 N from the exit pressure, 
and 1123 N from the gas-generator exhaust for a total thrust of 150,000 N. The total mass flow 
rate required is about 33.55 kg/s through the engine plus the 0.45 kg/s through the gas-generator 
is 34 kg/s for a total Isp of 450 s. Each engine’s mass is estimated using Dr. Akin’s equations to 
be 237 kg each including gimbals. 

7.3.2.2 Thermal	  (Josh	  Sloane	  and	  Scott	  Wingate)	  

7.3.2.2.1 Thermal	  Requirements	  
The cryogenic orbital propulsion module’s (OPM-C) thermal requirements are based entirely 
around reducing the amount of the liquid hydrogen and oxygen fuel that boils off over the three 
day transfer period between earth and lunar orbit. A total of 640 kg of fuel is allotted as boil off 
mass. 

7.3.2.2.2 Sun	  Shroud	  Design	  
In order to meet these requirements, a sun shroud was designed to insulate the cryogenic fuel 
tanks from solar radiation. This shroud has several layers which help it to reduce the power 
eventually transmitted into the fuel tanks. The first, outer layer is composed of a highly reflective 
magnesium oxide coating, with an absorptivity of only 0.1 while maintaining an emissivity of 
0.9. This high ratio of emissivity to absorptivity reduces the solar radiation power that the shroud 
receives, and radiates much of that power back into space where it does not heat up the fuels. 
Secondly, the shroud incorporates 20 layers of mylar insulation on the inside of the shroud facing 
the fuel tanks. This MLI layup decreases the emissivity of the inner shroud surface to only 0.02, 
reducing the power that is radiated at the fuel tanks.  

Finally, some material must be used in between the shroud and the fuel tanks in order to prevent 
vibrations on launch from shaking the shroud and tanks against each other. However, using too 
much material or a very conductive material would conduct too much power into the cryogenic 
fuels. Therefore, 3.5 square meters of Cryogel® are allotted for vibration damping. Cryogel® is 
an Aspen Aerogels composite aerogel which displays a conductivity at cryogenic temperatures of 
only 0.01 W/m-K, while maintaining a compressive strength of 25 psi at 25% compression.  

The figure below is a conceptual drawing of a power balance around the sun shroud. By 
assuming an equilibrium state, the steady state temperature of the shroud can be solved for. Once 
this temperature is known, the steady state values for the power transfer into the fuels can be 
calculated. These powers then contribute to the total fuel that is boiled off over the three day 
transfer period.  
 



 
 

 
 

The incoming solar power is given by the solar radiation intensity, area illuminated, and 
absorptivity:  

!!"# =    !!!!! 
Whereas the radiative power is given by the surface emissivity, total area, and wall temperature:  

!!"# =    !!"#!!!(!!"##! − !!"#$%! ) 

!!" =    !!"!!!(!!"##! − !!"!"#! ) 
The conducted power is given by the conductance, conductive area and length, and the 
temperature difference:  

!!"#$ =   
!!!
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In equilibrium:  

!!"# =   !!"# +   !!"#$ +   !!"#$ 

Substituting the above power definitions into the equilibrium equation and solving for the wall 
temperature will give you this fourth-order polynomial:  
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Where the constants are given by:  
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This polynomial has four roots, two of which are imaginary, one of which is negative real, and 
one that is positive real. (The positive real root clearly being the true wall temperature.) The code 
in appendix A solves this equation to find the equilibrium wall temperature. It then uses this 
temperature to calculate the power conducted into the fuels, and therefore the amount that boils 
off based on the fuels’ specific heats of vaporization.  

7.3.2.2.3 Conduction	  Paths	  
All of the load bearing connections between the fuel tanks and other parts of the module are 
constructed using carbon fiber composites in order to reduce the conductivity of those paths. Due 
to the inherent temperature differences between the fuel tanks and the other modules, there will 
be a constant power transfer into the cryogenic fuels, causing more boil off. Connections with 
reduced conductivity will help to mitigate the boil off from these sources. See the table below for 
a summary of the total boil off for a mission.  
 

Conduction Path  Time  H2 Boiled Off 
(kg)  

O2 Boiled Off 
(kg)  

Sun shroud to tanks  3 Days  139  298  

Upper stage to H2 tank  3 Days  18  0  

O2 tank to H2 tank  3 Days  1.5  0  

Engines to O2 tank  520 Seconds  0  0.2  

Totals:  159  299  

Allotted:  640 kg  

Margin:  182 kg  

 
  



 

7.3.2.3 Structures	  and	  Mechanisms	  (Rebecca	  Foust	  and	  Shimon	  Gewirtz)	  

7.3.2.3.1 Basic	  Overall	  Design	  
The OPM-C is a cylinder, 6 meters in diameter and 6 meters in height. The main components 
include the helium pressurant tanks, the liquid hydrogen and liquid oxygen propellant tanks, the 
aerodynamic shroud, the support structures, the engine truss, and the engines. The allotted inert 
mass is 5442 kg.  

 
Figure 7.3.2.3.1-1 Overview of OPM-C Design 

 
Figure 7.3.2.3.1-2 OPM-C Exploded View 



7.3.2.3.2 Pressurant	  Tanks	  
 
In the design of the pressurant tanks, we considered tanks shaped like toruses and spheres. These 
tanks need to hold enough helium to pressurize both of the propellant tanks to 5 atm and survive 
launch loads of 6 g’s. A top-level trade study revealed that the torus tank is consistently more 
massive than the spherical tanks.  
The major design points of spherical tanks are wall thickness, pressure, radius, and number of 
tanks. Given the required volume of helium, and a temperature of 100 K, we designed code to 
run through a variety of radii and numbers of tanks to determine the minimum wall thickness and 
pressure required for those constraints using the following process. 
For a given number of tanks, calculate the volume of the tanks using an array of radii: 
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Then, find the pressure in those tanks using an isothermal assumption: 
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Find the mass of the helium at those pressures: 
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Find the pressures corrected for the launch load felt on that gas: 
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Find the thicknesses needed to withstand that pressure: 
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Find the total tank masses at the each radius: 
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4
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Then minimize the combination of helium and tank mass.  
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From this, we determined the minimum mass configuration for the OPM-C to have 11 tanks of 
radius 0.320 m with a thickness of 10.8 mm stored at a pressure of 313 atm. The mass of each 
tank is 61.5 kg, which includes the mass of pressurized helium stored in the tanks.  
The tanks were made of 7068-T6511 aluminum, which is an aluminum-zinc alloy with a very 
high strength of 655 MPa with a density of 2.85 g/cc. Aluminum 6061-T6 has a yield strength of 
276 MPa and a density of 2.7 g/cc. The strength increase is well worth the additional density for 
the propulsion modules which all run on very tight inert mass budgets.  

7.3.2.3.3 	  Propellant	  Tanks	  
 

The design of the propellant tanks was mostly determined by the volume of material stored in the 
tanks. Because the cryogenic engines of the OPM-C require such large amounts of liquid 
hydrogen and oxygen, we first looked at the volume efficiency of various tank designs. In 
particular, the height efficiency was examined in the OPM-C because of the large module height 
constraining the total height of the payload fairing. For some of the initial design configurations, 
the custom payload fairing was outside the maximum allowable height.  

In one of our designs, we considered placing the LOX tank inside the LH2 tank to reduce the 
distance between modules. Unfortunately the temperature difference between the propellants and 
the short conduction distance resulted in an extremely high boil-off as well as issues with 
keeping the hydrogen protons from travelling though the common bulkhead and combusting the 
liquid oxygen.  
In the study we considered toruses, spheres, and cylinders with both spherical and ellipsoidal 
endcaps. All shapes use the entire module diameter of 6m. Though the torus tanks are the most 
height efficient, difficulties in propellant management prohibit their use for our applications. 

 
Figure 7.3.2.3.2-1 Pressurant Tank Shape Trade Study 



Torus tanks would have been even better for height because they could have sat around the 
engines instead of above the engines. The next most efficient is the cylindrical tanks with 
ellipsoidal endcaps (shown above in green, with the two design points).  

The tanks are under both a pressurization load, and the launch load of 6 g’s for everything 
launched above the OPM-C, which is about 105 metric tons for the SLS Block IA-B. The tanks 
are pressurized at 5 atm to ensure a constant density flow, which is necessary for an even burn. 
This pressurization prevents the walls from buckling when the launch load is applied.  

Code was created using the following equations to determine the thickness, total height, and 
endcap height of the tanks given the volume enclosed, pressurization, load, and radius.  

First, get the maximum endcap radius: 
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Then get the wall thickness using the maximum between hoop and axial stress for an array of 
rcap: 
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Figure 7.3.2.6.3-1 Propellant Tank Shape Trade Study 



Determine the ellipsoidal endcap thicknesses:  
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Determine the stress concentration factor where the cylinder meets the ellipse: 
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Determine the mass of the additional endcap band: 
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Determine the height of the cylindrical section corresponding to the ellipsoid section: 
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Calculate the total mass of the tank: 
 !!"! = !!"# − !!"! !+!!"#$% 7.3.2.6

.3-13 

!!"!!"# = !"#$%  !"#$%&'(  !"#$%&, ! = !"#$%&'$!(#  !!"#$%&  ℎ!"#ℎ! 

!!"# = !"#!$%&'  !"#$%&  !"  !ℎ!  !"#$ 
The liquid hydrogen tank has a total volume of 66.57 m3. Given these constraints, the minimum 
mass is 761.3 kg with a total height of 2.62 m.  
Table 7.3.2.6.3-1 Final Propellant Tank Design 

 LH2 Tank LOX Tank 

Volume Enclosed (m3) 66.57 24.26 

Endcap Height (m) 0.25 0.26 

Total Height (m) 2.62 1.07 

Thickness (mm) 3.3 3.4 

Mass (kg) 761.3 518.7 

 



The design assumed a constant thickness, but this proved to be too massive at over 2000 kg per 
tank. To reduce the overall thickness an extra band was added at the tank knuckle, where the 
cylindrical region meets the ellipsoidal cap, because the stress is concentrated at that location. 
This allowed us to model a variable thickness tank without the level of complexity such 
calculations would actually require.  It also provides attach points for support structure.  

7.3.2.3.4 Support	  Structures	  
Because the tanks are used to support the load of everything above the OPM-C during launch, 
support structures are needed to transmit the load from the top of the module to the LH2 tank, 
between the tanks, and from the LOX tank to the bottom of the module. This was achieved using 

carbon fiber rings held separate with 
honeycomb. Basically, the design is like a 
honeycomb sandwich panel with layers of 
carbon fiber on the outside which is then 
wrapped into a tube. The honeycomb 
increases the bending stiffness of the carbon 
fiber as it takes the load.  

Carbon fiber was chosen to reduce the 
thermal conductivity. Composites can 
achieve similar strengths to metals with 
conductivity of around an order of 
magnitude lower. The carbon fiber chosen is 
T700S from Toray CFS. It has a 
compressive strength of 1570 MPa and a 
thermal conductivity of 0.0224 Cal/cm-s-C. 
The carbon fiber is aligned biaxially with 
fibers at 0 and 90 degrees. The fibers at 0 
degrees take the compressive load while the 

fibers at 90 degrees hold the sheet together.  

There are 3 of these honeycomb sandwich panel rings 
(shown in pink in the figure). Note that the top ring 
actually narrows a small amount, from 6 m to 5.5 m in 
diameter, so that the loads of the smaller OPM-S and 
LPM can transfer directly from the walls of the 
modules to the tanks. This makes the top ring more like 
a very shallow frustum than a cylinder like the other 
rings.  The rings also differ in loading, with each one 
supporting the weight of everything above it.  
The following equations were used to determine the 
thickness of carbon fiber required to support the load 
felt by each ring. The rings were modeled as two 
carbon fiber cylinders held apart by the thickness of the 
honeycomb. The failure modes considered were 
column buckling and axial compression.  
  

 
Figure 7.3.2.6.4-1 Honeycomb Sandwich Panel 
Interior Layout1 

 
Figure 7.3.2.6.4-2 Sandwich Panels 
in OPM-C Overall Layout 



 
First, find the force acting on the ring: 
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Then, determine the moment of inertia and area for an array of thicknesses 
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Weed out values that will buckle or crush:  
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Then find the minimum mass of the working values.  
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 Top Ring Intertank Ring Engine Ring 

Mass Supported (metric ton) 106 112 141 

Carbon Fiber Thickness 
(mm) 

2.7 3.1 3.5 

Height (m) 0.39 0.58 1.9 

Ring Mass (kg) 56.5 85.3 314 

7.3.2.3.5 Thrust	  Structure	  
The load created by the thrusting engine is supported by a 
carbon fiber truss. The truss begins with a cross shape, which 
rigidly combines the load of all of the engines. Two struts at 
the each edge of the cross spread the load to the knuckle of 
the LOX tank through eight carbon fiber rods. The carbon 
fiber in the rods is also biaxial, but in this case it is arranged 
at ± 45 degrees. This is because the rods will most likely fail 
in bending and this configuration is the strongest in bending 
though it is less strong than the uniaxial configuration. 
The diameter and thickness of the tubes was determined using 
the following equations. 

 
Figure 7.3.2.6.5- Thrust 
Structure 2-View 



Determine the radius considering axial and buckling load 
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7.3.2.6.5-3 

Check that x- and z- axis bending will not cause a failure: 
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7.3.2.6.5-8 

The best radius and thickness passes all criteria and has the lowest mass.  
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For the OPM-C, the thickness needed was 5.8 mm with a radius of 33.2 mm. All eight struts 
weigh 79 kg. The engine cross spans 5 engine diameters and since the cryogenic engines are 
quite large, the cross weighs 49 kg. The cross’s carbon fiber tubes were made to be the same 
diameter and thickness of the struts for simplicity in design, though that is more than necessary 
for its purpose.  

7.3.2.3.6 Aerodynamic	  Shroud	  
Because the custom payload fairing has such a large height, an aerodynamic shroud was 
designed for the OPM-C because it is at the base of every launch. This way, the payload fairing 
only needs to encompass what sits above the OPM-C, which greatly reduces the mass of the 
custom fairing. The shroud has two purposes, to support the aerodynamic load and to shield the 
cryogenic tanks from sunlight. The shroud has a stringer/shear panel design that can 
accommodate up to 20% of max Q, which a conservative estimate of the aerodynamic load 
created by the shape of the nose cone of the rocket. Loads were found as low as 10% max Q.  
  



 
The stringers and shear panels were designed using the following process: 

First, determine the area required to prevent compressive failure in a given number of stringers 
 ! =
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Use that area and a square I-beam cross section to determine the moment of inertia 
Then, find the length at which the rod would buckle for that moment of inertia: 
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Determine the number of bands that would be needed given the total module height to prevent 
that buckling: 
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Find the mass of the stringer-shear panel assembly: 
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L!"#$%& =   Buckling  length  resulting  from  force  and  geometry,   m!"#$$
=   Total  Mass  of  the  Shell 

  t!"#$% =   Panel  thickness, N!"#$% =   Number  of  bands  required  to  prevent  buckling 

The shear panels are assumed to have minimal shear flow and thus minimal thickness because 
modeling wind disturbances, etc. was out of the scope of the project. This stringer/shear panel 
design technique was used for other modules as well.  

The shear panels in this case are not simple aluminum. They have painted aluminum on the 
outside and low emissivity MLI on the inside to further reduce boil-off.  

The aerodynamic shroud weighs a total of 873 kg, using 28 stringers and 4 hoops.  
  



 

7.3.2.3.7 Total	  Inert	  Mass	  Budget	  
Table 7.3.2.3.7-1 Inert Mass Budget 

Component Mass(kg) 

Propellant Tanks 1280 

Engines 1180 

Helium + Tanks 676 

Wall 873 

Support Structure 483 

Engine Truss 128 

Power 154 

Secondary Structures 297 

TOTAL 5070 

Allotted 5422 

MARGIN 352 

 

Things to note: the OPM-C has a 352 kg mass margin, but in addition to that the mass allocated 
for secondary structures is actually a 20% margin on our structural mass. Taking that into 
consideration, the margin is around 0.12 of our total inert mass. 

7.3.2.4 Power	  and	  Electrical	  (Kip	  Hart)	  
Power for the OPM-C is generated by a lithium-thionyl chloride (Li-SOCl2) primary battery. 
Solar arrays were not considered a viable design option because the outer surface of the module 
experiences aerodynamic loads during launch. Because aerodynamic forces shearing off the solar 
arrays is a credible fault in the system, a batteries-only design was selected for this module. 

 
The power requirement for the OPM-C comes from the flight computers operating the 
mechanisms onboard the module. With three computers running at 200W for 3 days, and an 84% 
efficiency between the batteries and the computers, the total energy storage requirement is 51.4 
kW-h.  

     ! = !!"#$%&'(
!!"#$%&'(!

!
   (7.3.2.4-1) 

 
Given a nominal bus voltage of 28V, this translates to a battery capacity of 1.84 kA-h. Assuming 
a maximum depth-of-discharge of 80%, the battery capacity of the design is 2.30 kA-h. Using 
Saft LSH 3.6V cells as a sizing example, the total mass of the battery is 137 kg. The cells would 
be arranged in strings of 8 cells to provide the required voltage, and 164 strings would be 
connected in parallel to provide the required capacity for the system. With the large quantity of 



batteries, careful tuning would be required to ensure even power output during the lifetime of the 
OPM-C. 

7.3.3 Summary	  (Kip	  Hart)	  
The OPM-C is a 37,800 kg rocket stage that provides all the heavy lifting required to get payload 
to the Moon, a total ∆V of 3.97 km/s. The largest payload the OPM-C will carry is a mass of 
15,200 kg. Combining these factors in the rocket equation, the specific impulse of the OPM-C is 
441s. After all the considerations that were included in the design of this rocket stage, an Isp of 
441s is incredibly efficient and the OPM-C is well-prepared to provide payload capabilities to 
Low Lunar Orbit. 
 

7.4 OPM-‐S	  (Arranged	  by	  Kip	  Hart)	  

7.4.1 Design	  parameters	  (Kip	  Hart)	  
The OPM-S is a rocket stage intended to provide ∆V capability months after it is launched into 
space. Because the components of a mission are sent in segments, as much as 6 months could 
transpire before the main engines are ignited, so with a long idle period, the lifetime of the 
module is a primary design parameter. The OPM-S also provides attitude control for the OPM-C, 
so control effort and moments of inertia are also important design parameters. The day/night 
cycle in LLO also influenced the design of the thermal systems and the power systems on the 
OPM-S. 

7.4.2 Subsystem	  specifications	  

7.4.2.1 Propulsion	  (Nick	  Zarbo)	  
The storable OPM-S module has to provide the ΔV necessary to help descend the LPM to the 
surface of the Moon in as few modules as possible and also provide enough ΔV and thrust to 
send the CM or MPCV on a return trajectory to Earth. An important requirement of the OPM-S 
is that it must stay in LLO for extended periods of time. For that reason the propellants 
dinitrogen tetraoxide (NTO) and monomethyl-hydrazine (MMH) are chosen for high 
performance and manageable storing temperatures. The OPM-S is nominally designed to be 
15,200 kg to fit on the Falcon Heavy along with the OPM-C. The inert mass of the OPM-S is 
estimated to be 1,728 kg so the propellant mass is 13,472 kg. It is assumed for all maneuvers that 
the 2% of the propellant remains after all burns and that the engines produce a specific impulse 
of 320 s. 
 
There are three OPM-S modules used on each mission: two for descent and one for return to 
earth. For the heaviest case lunar descent, the two OPM-S’s would carry a 15,200 kg LPM and a 
6000 kg CM through most of the descent. From the rocket equation (7.4.2.1.1), the potential ΔV 
provided by the OPM-S is 927 m/s for the first module and 1,413 m/s for the second module 
which sums to a potential 2,340 m/s out of the 2,706 m/s required for descent. This will be 
looked into further in the LPM Main Engines section 7.5.2.1. 
 
For the return to Earth trajectory, the OPM-S must deliver either the 6,000 kg CM or the 14,707 
kg MPCV. For the CM, the required propellant to perform the 837 m/s ΔV is 5,000 kg which is 



only 38% of the maximum propellant available in the OPM-S. For the MPCV, 7,000 kg of 
propellant is required which is only 54% of maximum. 
 
The thrust required by both the descent maneuvers and the return to Earth maneuver are harder to 
define and not quite as large as the thrust required by the LPM. To reduce non-recurring costs 
and for simplicity, the engines on the OPM-S are the same as the engines on the LPM. For two 
fault tolerance, five engines reside on the bottom of the OPM-s in the same “+” configuration. 
The engines produce a maximum thrust of 35 kN each, are gimbaled, and throttleable to 30% 
thrust. The mass of each engine is 103 kg including gimbals. The OPM-S will never produce 
more than 3 g’s of acceleration with a manned payload. The analysis for this engine is located in 
section 7.5.2.1. A simplified schematic of the propulsion system is shown in Fig. 7.4.2.1.1 
 

 
Fig. 7.4.2.1.1 Simplified Schematic of OPM-S Propulsion System. Not all valves, etc shown 

 

7.4.2.2 Thermal	  (Josh	  Sloane	  and	  Scott	  Wingate)	  

7.4.2.2.1 Storable	  Orbital	  Propulsion	  Module	  Thermal	  Systems	  
The storable orbital propulsion module is required to be kept between 262 K and 295 K in order 
to keep the nitrogen tetroxide fuel within liquid phase thermal limits. This can be accomplished 
using a simple passive means of thermal control. By varying the ratio of absorptivity to 
emissivity of the coating on the outside of the module, the equilibrium temperature of the module 
while in sunlight can be directly controlled. The graph below shows that with a ratio of 0.5, an 
equilibrium temperature of about 280 K can be achieved, which will meet the OPM-S’s 
requirements.  



Figure 7.4.2.2.1-1: Design point for OPM-S surface coating 

 

7.4.2.3 Structures	  and	  Mechanisms	  (Rebecca	  Foust	  and	  Shimon	  Gewirtz)	  

7.4.2.3.1 Basic	  Overall	  Design	  
The OPM-S is a cylinder, 5.5 meters in diameter and 1.38 meters in height. The main 
components include the helium pressurant tanks, the MMH and N2O4 propellant tanks, the 
support structures, the engine truss, and the engines. The allotted inert mass is 1728 kg. 



7.4.2.3.2 Pressurant	  Tank	  Sizing	  
 

The pressurant tanks were sized using the same method as described for the OPM-C. We did not 
optimize to reduce tank mass in this case because symmetry led us to choose 4 tanks. Fewer 
tanks decreased the mass, but not significantly and it was harder to balance the tanks.  

 
Figure 7.4.2.3.1-2 OPM-S Exploded View 

 
Figure 7.4.2.3.1-1 OPM-S Layout 



With 4 tanks, we determined the minimum mass configuration for the OPM-S to have a radius 
0.224 m with a thickness of 7.4 mm stored at a pressure of 303 atm. The mass of each tank is 
20.6 kg, which includes the mass of pressurized helium stored in the tanks.  

7.4.2.3.3 Propellant	  Tank	  Sizing	  
The design and loading configuration for the OPM-S is the same as the OPM-C, except that with 
the OPM-S, the maximum cylinder radius was constrained to be 0.988 m, which allows it to fit 
between the wall and the engine block. This increases the packing efficiency and reduces the 
overall module height. Initially we tried to store the tanks above the engines, but because the 
volumes are so much smaller than the OPM-C, the stress concentration was so high that the mass 
was entirely too large.  

The OPM-S also required that the fuel and oxidizer volumes be split into 2 tanks each to keep the 
center of gravity in the center of the module.  

Table 7.4.2.3.3-1 Propellant Tank Summary 

 NTO Tanks (x2) MMH Tanks (x2) 

Volume Enclosed (m3) 3.29 2.27 

Endcap Height (m) 0.107 0.10 

Total Height (m) 1.15 0.813 

Thickness (mm) 1.6 1.6 

Mass (kg) 48.9 39.4 

7.4.2.3.4 Thrust	  Structure	  

The thrust structure design uses the same formulas, except with different parameters. The thrust 
of the storable module engines is 175 kN, and the engine diameters are much smaller, which 
makes the engine cross smaller. The other major difference is that the thrust structure is made of 
the previously discussed aluminum, 7068-T6511, instead of carbon fiber because the thermal 
issues of the OPM-C do not exist in the OPM-S.   

For the OPM-S, the thickness needed was 5.8 mm with a radius of 29.6 mm. All eight struts 
weigh 61.9 kg. The engine cross spans 5 engine diameters and weighs 46.4 kg. The cross’s tubes 
were made to be the same diameter and thickness of the struts for simplicity in design, though 
that is more than necessary for its purpose.  

7.4.2.3.5 Support	  Structure/Wall	  
The OPM-S has a stringer/shear panel wall that transfers the launch load and supports all of the 
internal components. The design of the wall follows the same process as above, except the load 
is 33.3 metric tons during launch. The final configuration has 28 stringers and 3 bands and 
weighs 151 kg.  
  



 

7.4.2.3.6 Total	  Inert	  Mass	  Budget	  
Table 1.1.7-1 Inert Mass Budget 

Component Mass(kg) 

Propellant Tanks 175 

Engines 497 

Helium + Tanks 82.5 

Avionics 119 

Wall 151 

Engine Truss 108 

Power 18.2 

Secondary Structures 51.9 

TOTAL 1303 

Allotted 1728 

MARGIN 425 

 

Things to note: the OPM-S has a 425 kg mass margin, but in addition to that the mass allocated 
for secondary structures is actually a 20% margin on our structural mass. Taking that into 
consideration, the margin is around 0.28 of the inert mass. 
 

7.4.2.4 Reaction	  Control	  System	  (Andrew	  Will)	  
The OMP-S will incorporate its own separate RCS system. The OPM-S RCS system will be 
utilized to provide stabilization and control of rotation and rotational rats in all three separate 
axes of rotation, as well as any type of small translational control needed.  

7.4.2.4.1 OPM-‐S	  Description	  and	  Functionality	  
The OPM-S RCS will consist of four identical individual thruster packs called thrust quads that 
will be equally spaced at ninety degree intervals around the OPM-S. The thruster quads will be 
placed so that a thrust vector from a given thruster will be perpendicular to a line through the 
thrust quad and the OPM-S center of mass. Each thrust quad will be placed so that the main 
thrust quad will be placed on the outside of the OPM-S while all other workings and systems will 
be placed in the inside of the OPM-S. Figure 7.4.2.4.1-1 and figure 7.4.2.4.1-2 show a close up 
image of a thrust quad respectively and where each thrust quad will be located on the OPM-S. 
One thruster per thrust quad can be fired at a time to reduce RCS pluming mass. Therefore, 
rotations around multiple rotational axes must be done in steps.   
The fuel and oxidizer will be Monomethylhydrazine and Dinitrogen tetroxide respectively. The 
fuel and oxidizer will be bled off from the OPM-S main engine tanks to conserve the mass that 



Figure 7.4.2.4.1-1 OPM-S Thrust 
Quad 

Figure 7.4.2.4.1-2 OPM-S Thrust Quad 
Locations 

would be present with separate fuel, oxidizer and pressurant tanks. The OPM-S RCS engines will 
be pressure fed using the main engine pressurant tanks.    

When there is a command to fire on the RCS thrusters the nominally closed valve for that 
particular thruster will be opened allowing for the regulated helium pressurant to force fuel and 
oxidizer into the RCS plumbing.               

 
 

 

7.4.2.4.2 OPM-‐S	  RCS	  Requirements	  and	  Engine	  Sizing	  
 
Requirements 

1. Hold attitude during transit to LLO.  
2. Must meet NASA docking requirements for relative velocity for a soft capture. 

• 0.015 m/s – 0.045 m/s in the axial direction. 
• 0.15 deg/s in roll.  
• Vector sum of 0.15 deg/s in pitch and yaw. 

3. Maintain overall RCS performance while satisfying requirements 1 and 2. 
• Thrust will be constrained such that the minimum impulse bit will be 90% of the 

NASA minimum relative velocity for docking. 

Thruster Sizing 
Requirement 3 will be used to determine the thrust levels for each thruster in a thrust quad; along 
with the average cycle time for propellant control valves which is 300 micro seconds.  
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  A similar analysis can be done to determine Tx and Ty, the thrust required for 
rotation about the pitch and yaw axis, which comes to be 45 N. Each thrust quad will have only 
four thrusters so axial and rotational maneuvers will be done using the same thrusters in different 
combinations. Therefore, the thrust determined for translational maneuvers is too high because 
the same thrusters will be used for rotational maneuvers. However, the roll thrusters can be 
decoupled for the pitch and yaw thrusters, so each thrust quad will have two different thruster 
sizes, 82 N for roll thrust and 45 N for pitch and yaw thrust.   

 The assumed maximum achievable Isp for Monomethylhydrazine and Dinitrogen 
tetroxide, and a five atmosphere chamber pressure and oxidizer to fuel ratio of 2.37, is 300 
seconds with a flame temperature of 3140 K. From these the thruster dimensions can be 
determined. 

 The exit temperature can be calculated as.  
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 For the 82 N thrusters, the throat area can be determined from the choked flow relation. 
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To determine the combustion chamber characteristics 
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Similarly for the 45 N thruster, the throat area is 7.27*10-4 m3, and the chamber volume is 
4.05*10-5. 

Figure 7.4.2.4.2-1 and figure 7.4.2.4.2-2 show drawings of each thruster. 
 

 

 
 

Figure 7.4.2.2.2-1: 82 N Thruster Drawing Figure 7.4.2.2.2-2: 45 N Thruster Drawing 
 

 

7.4.2.4.3 Description	  of	  Major	  OPM-‐S	  RCS	  components	  
 

 When a command is given to fire one of the RCS thrusters, the corresponding valve is 
opened and the regulated helium pressurant forces propellants into the RCS pluming. The 
propellants flow through a nominally open valve which is in place for safety purposes in case 
there is a problem further down the line. Finally the propellants are split or separated to the ducts 
that lead to one of the four thrusters in the thrust quad and into the combustion chamber. 



7.4.2.4.4 OPM-‐S	  RCS	  Mass	  breakdown	  
The OPM-S RCS system has two major proposes, attitude hold during transit to LLO and to 
provide control during docking. The propellant mass for the attitude hold was calculated with a 
dead band control simulator, described in detail in Appendix XX. The propellant required for 
docking was calculated assuming a five minute docking maneuver where one thruster is 
constantly firing to be conservative.  Finally the engine mass was calculated using historical data 
for similar engines. Table 7.4.2.4.4-1  shows the OMP-S RCS mass breakdown. 

 
Table 7.4.2.4.4-1 OPM-S Mass Breakdown. 

Mass Component Mass (kg) 

Attitude Hold Propellant Mass 98 

Docking Propellant Mass 11 

Engine Mass 56 

Total 165 

 

7.4.2.5 Power	  and	  Electrical	  (Kip	  Hart)	  
With the OPM-S stored in a fairing during launch, as opposed to the OPM-C, electrical power 
can be provided by solar panels. This is advantageous because power is required for the OPM-S 
for 6 months. With the same 600 W continuous power requirement as the OPM-C, the first thing 
to design is the solar arrays. 
 

The day/night cycle in LLO is approximately 71 minutes of sunlight and 56 minutes of darkness. 
By including the efficiency losses through the power system, the power generated by the solar 
arrays is given by 
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   (7.4.2.5.1) 

This yields a solar array power of 1.68kW for the computers and star trackers using a direct 
energy transfer power system. Given that the solar array power at the end of the life of the OPM-
S will be 89% of the power produced at the beginning of life, the beginning of life power is 1.88 
kW. Using triple-junction gallium arsenide solar arrays, 399.1 W/m2 is expected, yielding a total 
solar array area of 4.72 m2 and a mass of 3.8 kg. 
The energy storage requirement for the batteries on the OPM-S follows the same formulas as the 
battery sizing for the OPM-C, Equation 7.3.2.4-1. The OPM-S batteries use lithium-ion 
technology because of the high TRL and high energy density. Given the 42 A-h capacity of the 
batteries for the 56 minutes of eclipse, approximately 18 kg of batteries will be needed. Using the 
Saft VES 140 3.6V cell as an example, 8 cells will be arranged in a string to provide the nominal 
28V to the bus and two strings will be required to provide the 42 A-h capacity. These 16 
batteries should be selected carefully before installation on the spacecraft to ensure even 
changing and discharge. Because the batteries are lithium-ion, no trickle charge is required to 
maintain the capacity of the batteries. 



 

7.4.3 Summary	  (Kip	  Hart)	  
The OPM-S provides all the ∆V maneuvers on orbit for a mission after the OPM-C is spent. This 
includes maneuvers to return to LEO, the most important phase of a mission. Additionally, the 
OPM-S assists the LPM during lunar descent, so a typical mission will use several OPM-S 
modules. For example, a two-person mission uses three OPM-S modules. This modularity and 
repeated use takes advantage of the learning curve effects in the cost of the module, making it 
possible to fly missions more often in the later years of the program. By keeping storable 
propellants in the module, we can assure ∆V capabilities months after launch of the OPM-S. 
 

7.5 Lunar	  Propulsion	  Module	  (Arranged	  by	  Jesse	  Cummings)	  
The Lunar Propulsion Module (LPM) is the module responsible for performing the final part of 
the descent burn to and landing on the lunar surface for all payloads, as well as performing the 
ascent burn for payloads returning to low lunar orbit. The LPM consists of two-stages for descent 
and ascent that have separate fuel tanks but share the same set of engines. This strategy was 
implemented to reduce the amount of inert mass in the descent stage of the module. 
 

7.5.1 Design	  Parameters	  (Jesse	  Cummings)	  
 

This section will provide performance requirements and an operational description of the Lunar 
Propulsion Module. All subsystems are designed to satisfy these requirements and parameters. 

 

7.5.1.1 Design	  Objectives	  
 

The Lunar Propulsion Module had a number of design parameters that were derived from the 
program-level requirements of being capable of landing in the polar regions of the moon and 
minimizing development and production costs in order to perform missions as soon as possible 
and leave room in the budget for further development. 

Because the polar regions of the moon are known to have rough terrain in general, the landing 
gear of the craft includes redundancy in the form of a 5-leg configuration for landing rather than 
a 4 or 3-leg configuration. This allows for the loss of an entire leg with no mission failure. The 
LPM was also designed to be able to land all payloads completely autonomously for the delivery 
of cargo to the surface and also be capable of supervised autonomy when landing crewed 
payloads. 

The maximum mass for the Lunar Propulsion Module was set to the maximum payload delivery 
mass to low lunar orbit by the OPM-C modules, which was 15,200 kg. It was also assumed that 
OPM-S’s would be utilized to perform part of the descent burn, allowing for some flexibility in 
the ∆! required of the LPM during that part of the mission. 

 



Consideration Objective 

Payload Capability 6,000 kg 

Mission Duration Total Mission – 34 days 

     In Orbit – 33 days 
     Descent & Ascent - < 1 day 

Total Mass 15,200 kg 

 

7.5.1.2 Operational	  Modes	  
 

The Lunar Propulsion Module will have two operating modes throughout its mission, which 
correspond to two parts of the mission. The first mode is Trajectory Maintenance, Station 
Keeping, and Rendezvous, and the second mode is Lunar Descent and Ascent. 
 

7.5.1.2.1 Trajectory	  Maintenance,	  Station	  Keeping,	  and	  Rendezvous	  
 
This mode occurs when the LPM is in LTI and LLO, and begins at the start of the life of the 
LPM immediately after launch. During this part of the mission, the LPM is in control of the 
OPM-C’s that are performing the LTI burn. It performs adjustments in trajectory to stay within 
the dead band required to successfully insert into low lunar orbit. Once in LLO, must perform 
station-keeping operations in order to maintain its orbit throughout the 25 days (approximately 
30 days contingency) it stays in orbit before rendezvous. After the payload reaches LLO, the 
LPM docks with it and enters its second operational mode. A timeline for this mode for a 
nominal mission is tabulated below. 
 

Table 7.5.2.1.1-1: Trajectory Maintenance, Station Keeping, and Rendezvous Timeline 

Mission Stage Duration (days) 

Lunar Transfer 3  

Low Lunar Orbit 25  

Rendezvous < 1 

Contingency ~5  

 

7.5.1.2.2 Lunar	  Descent	  and	  Ascent	  
 

The LPM enters this operational mode as soon as it has docked with its payload and is ready to 
enter the descent stage of the mission. This mode is distinctly different because of the activation 
of several systems that have relatively high power requirements. These include landing sensors, 



landing avionics, and the main propulsion system. This operational mode is comprised of two 
finite stages: the descent burn and ascent burn, with a sleep time while on the lunar surface in-
between. Additionally, cargo missions end after the descent burn. A timeline for this mode for a 
nominal mission is tabulated below. 

 
Table 7.5.2.2.2-1: Lunar Descent and Ascent Timeline 

Mission Stage Duration 

Descent Burn 400 seconds 

Sleep on Lunar Surface Dependent on Mission Type 

Low Lunar Orbit 400 seconds 

 

7.5.1.3 Environments	  
 

The different environments experienced by the LPM are tabulated below and were taken into 
consideration in the design of the module. The time spent in these environments is detailed in the 
previous section. 
Table 7.5.1.3-2: Lunar Transit – The LPM will be in orbit between the earth and the moon. 

Space Temp (K) 3 

% in Eclipse 0 

 
 

Table 7.5.1.3-3: Low Lunar Orbit (LLO) – The LPM will be orbiting the moon at minimum 
altitude of 100 km. 

Lunar temp (K) 116-394 

Space Temp (K) 3 

Orbiting Altitude (km) 100-300 

Orbital Period (min) 117-138 

% in Eclipse 0-39.5% (up to 47 min) 

 
Table 7.1.1.3-4: Lunar Surface – The LPM will land on a lunar location that will have constant 
sunlight.  Specific location will be dictated by mission objectives. 

Lunar Temp (K) 116-394 

% in Shadow 0 

 



7.5.1.4 Safety	  Factors	  and	  Redundancy	  
 
Redundancy was required in every subsystem to eliminate single-point failure modes. This way 
each system could afford to lose a component and not result in a loss of crew or cargo. 
Additionally, the only scenario in which a mission would need to be aborted is if a fuel or 
oxidizer tank was lost during descent, in which case the LPM would need to stage prior to 
landing and return the crew to low lunar orbit. Additionally, a safety factor of 1.4 was utilized in 
all structural design calculations. 

7.5.1.5 Requirements	  
 

Taking all of the above mission parameters for the LPM into consideration, a list of requirements 
was generated shown below. 

The Lunar Propulsion Module shall: 

• Autonomously and safely land all crewed and cargo payloads on the lunar surface within 
100 meters of the target coordinates 

• Return crewed payloads of up to 6,000 kg to low lunar orbit 
• Be capable of supervised autonomy when delivering a crewed payload 
• Reduce cost as much as possible 
• Provide 6 DOF control 
• Provide real-time landing site data 
• Be capable of aborting lunar descent 

 

7.5.2 Staging	  Considerations	  (Jesse	  Cummings)	  
 

In order to begin designing the LPM a staging configuration needed to be chosen. The 
requirement dictating this process was the requirement to reduce cost as much as possible, so a 
comparison between the cost of a single-stage LPM and a two-stage LPM was generated using 
the cost estimating relationships found in “Rapid Cost Estimation for Space Exploration 
Systems” (Arney and Wilhite)[1]. The first plot below shows the total mass of single-stage and 
two-stage LPMs versus possible payloads. The design point chosen for each one was where the 
total mass of the LPM intersected the limiting mass of 15,200 kg shown as a horizontal line. The 
plot is shown below. 



 
Figure 7.5.2-1: Design Points for Maximum LPM Mass 
The two design points show that a two-stage LPM has a maximum payload of 6,000 kg while a 
single-stage LPM only has a maximum payload of 4,800 kg, which is not high enough to meet 
the LPM requirements. A costing analysis was done against the same array of possible payloads, 
however, to examine which method would be more cost effective if the maximum total LPM 
mass were to change. The plot below features the non-recurring plus production cost for the first 
ten units for each configuration of LPM. An 80% learning curve was assumed. 

 
Figure 7.5.2-2: Cost for Varying Payloads 



As can clearly be seen in the plot, a two-stage LPM is always less expensive than a single-stage 
LPM. This is because the cost estimating relationship only takes inert mass into account and has 
a much higher cost estimation for descent stages than ascent stages in general. For a single-stage 
LPM the higher estimation was assumed because the entire module performs the role of a 
descent stage during the mission, not just some part of it. The low cost as well as higher payload 
capacity of a two-stage LPM clearly dictated that the two-stage configuration was better than a 
single-stage configuration. 

7.5.3 Subsystem	  Specifications	  
 
Below are the detailed specifications of each subsystem for the Lunar Propulsion Module. 

7.5.3.1 Structures	  (Shimon	  Gewirtz,	  Rebecca	  Foust)	  
 

Below is an exploded view of the Lunar Propulsion Module with each component labeled. Also 
featured is an unexploded view of the module showing the actual internal layout of the module, 
along with separate top views for the ascent and descent stages. 
 

 
Figure 7.5.3.1-1: LPM exploded view 



 
Figure 7.5.3.1-2: LPM-A and LPM-D side and top views 
 

7.5.3.1.1 Pressurant	  Tanks	  
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!"#$% =   !"#$%&&'()  !"#$  !"#$%&,  T = Tank Temperature (Assumed Isothermal, T=100 K), 
R = Specific Gas Constant for Helium, SF = Safety Factor, σy= Yield Strength 
Similar to the OPM-S, the helium tanks are in 4 spheres in each level of the lunar propulsion 
module to preserve symmetry, which simplifies moment of inertia. Additionally spherical tanks 
have the lowest stress concentration, which allows us to highly pressurize the tanks while 
keeping the tank walls thinner. The material used for the tanks was aluminum 7068-T6511 which 
was more than 220% stronger than the slightly less dense (but more commonly used) 6061-T6 
aluminum to further minimize tank masses. 



Table 7.5.3.1.1-1: Dimensions of the pressurant tanks 

 
Ascent (x4) Descent (x4) 

Radius (mm) 191 169 

Thickness (mm) 6.19 5.43 

Mass (kg) 50.3 34.3 

Pressure (atm) 299 297 

 

7.5.3.1.2 Propellant	  Tanks	  
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The propellant tanks have a similar design to the tanks in the OPM-C and OPM-S where the 
propellant was split into 2 tanks each to keep the center of gravity at the center of the each of the 
modules (ascent and descent). 

Table 7.5.3.1.2-1: Dimensions of the propellant tanks 

 
Ascent Module Descent Module 

 
NTO Tank (x2) MMH Tank (x2) NTO Tank (x2) MMH Tank (x2) 

Height (mm) 727 523 518 380 

Mass (kg) 73.9 62.2 62.1 54.1 

 
 

7.5.3.1.3 Loading	  
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The maximum loading case is 4.2 MN on the SLS Block 1 A-B. This load will be managed by 
transmitting it along the walls of the module, in stringer and shear panel walls similar to the 
OPM-S. The reason that the number of stringers is increased to 32 here is due to the extra height 
of the LPM and was added to obviate the necessity of adding another stringer in a band around 
the module which would have been a more massive addition. 

7.5.3.1.4 Thrust	  Structure	  
 



The design for the thrust structure here is similar to that of the OPM-C and OPM-S, but because 
there is only one engine block in the LPM, the ascent module needs to take the engine block with 
it so the engine truss will be attached to hard points on the LPM’s ascent stage wall. 
 

7.5.3.1.5 Landing	  Gear	  
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These equations and others to pick radii based on I, to perform tipping and static analyses were 
run in an optimization script which, by varying !! , ! and thickness over a wide range of values to 
get a case of common minimum which landed the craft with the addition of the safety factor. 

Our lander is designed to safely land up to 21,200 kg with a maximum acceleration of 1 g in the 
cabin to ensure that the astronauts are able to perform landing operations while standing. 

For these constraints, our minimum leg mass is 87 kg with a hollow tube of radius 8.93 cm and 
thickness 1 cm at an initial length of 1.89 meters. This length is “initial” because it is the length 
before the honeycomb crush for impact attenuation has occurred. 
We will be using 5 cantilevered legs, each designed to take the entire load of the system. This 
provides redundancy, in the case where one of our legs would fail we would be able to continue 
forward with the mission, as well as not adding undue extra mass as any further support struts 
added to the legs resulted in a more massive landing assembly and adding any more legs would 
only increase the degree of redundancy incrementally while still adding a large amount of mass 
making the chosen configuration the one with highest reliability with lowest mass. 



 
Figure 7.5.3.1.5-1: Leg style comparison 

 

7.5.3.1.6 Impact	  Attenuation	  
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To dissipate the impact energy, we have chosen to use an aluminum honeycomb piston near the 
end of each leg. The honeycomb piston is currently 0.1 m in diameter, which requires about 0.82 
m in length which is included in the height shown above, this will bring the LMP to a height of 
about 1m off the ground after crush. These pistons will weigh 17.5 kg for all legs, which is 
included in the total mass shown earlier. Honeycomb has been proven in many missions such as 
Apollo and thus was chosen due to the focus of return to the moon as quickly and inexpensively 
as possible. 

7.5.3.1.7 Ascent	  and	  descent	  detach	  
 
Because the LPM will be launched together it is not necessary for it to be connected with a 
docking assembly (which would add height and mass). Instead of docks, these modules will be 
attached with explosive bolts. When the LPM-A is ready to ascend it will blow the bolts to 
separate the two sections. Pyrotechnic bolts are very low mass, and high reliability again opting 
for simplicity and known technologies to speed the design process. 

Table 7.5.3.1.7-1: Total LPM-A and LPM-D Inert Mass Budget 

Component LPM-A LPM-D 

Propellant Tanks 201 228 

Engines 497 0 

Helium + Tanks 50.3 34.3 

AVS 49 247 

Wall 51 100 

Trusses 108 0 

Power 4.49 24.8 

Secondary Structure 31.9 20.0 

Reaction Control System 100 100 

TOTAL 1093 753.9 

Allotted  1361 1260 

MARGIN 268 506 

 
If the secondary structure mass is included in the margins, there is approximately 0.22 margin for 
the LPM-A and 0.42 margin for the LPM-D. 
 



Figure 7.5.3.2.1-1 LPM Thrust Quint Figure 7.5.3.2.1-2 LPM Thrust Quint 

7.5.3.2 LPM	  RCS	  (Andrew	  Will)	  
 
The LPM-S will incorporate its own separate RCS system. The LMP-S RCS system will be 
utilized to provide stabilization and control of rotation and rotational rats in all three separate 
axes of rotation, as well as translational control needed for lunar assent and decent.  

7.5.3.2.1 LPM	  Description	  and	  Functionality	  
 
The LMP RCS will consist of four identical individual thruster packs called thrust quints that 
will be equally spaced at ninety degree intervals around the LPM. The thruster quints will be 
placed so that a thrust vector from a given thruster will be perpendicular to a line through the 
thrust quad and the center of mass of the combination of the LMP and its cargo. Hence the 
thrusters must be mounted differently depending on the mission. Each thrust quint will be placed 
so that the main thrust quint will be placed on the outside of the LPM while all other workings 
and systems will be place in the inside of the LPM. Figure 1.2.1-1 and figure 1.2.1-2 show a 
close up image of a thrust quint and where each thrust quint will be located show on the LPM 
respectively. The LPM RCS can withstand a loss of one thrust quint and maintain the required 6 
DOF control. The LPM RCS also utilizes a purely translational thruster to add to the control 
performance of the LPM during lunar decent. Without the purely translational thruster and the 
loss of one of the thrust quints the LPM could potentially have to maneuver for 12.5 seconds to 
be able to begin translation in a desired direction, which comes to a loss in crew safety.        

Each LPM RCS thrust quint will utilize a Fuel and oxidizer of Monomethylhydrazine and 
Dinitrogen tetroxide respectively. The fuel and oxidizer will be bled off from the LPM’s main 
engine tanks to conserve the mass that would be present with separate fuel, oxidizer and 
pressurant tanks. The LPM RCS engines will be pressure fed using the main engine pressurant 
tanks.    
When there is a command to fire on the RCS thrusters the nominally closed valve for that 
particular thruster will be opened allowing for the regulated helium pressurant to force fuel and 
oxidizer into the RCS pluming.  

               

                      
 



7.5.3.2.2 LPM	  RCS	  Requirements	  and	  Engine	  Sizing	  
 
Requirements 

1. Maintain High Performance during lunar ascent and decent. 
• Roll 180 degrees in 20 seconds 
• Pitch and Yaw 30 degrees in 10 seconds 
• Translate 10 meters in 30 seconds 

Thruster Sizing 

Thrusters are sized to accomplish all requirements. Thrust levels must also be sufficient such that 
during a maneuver the velocity obtained during the maneuver can be brought back to zero.    
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  A similar analysis can be done to determine Tx and Ty, the thrust required for 
rotation about the pitch and yaw axis, which comes to be 290 N. For simplicity, each thruster on 
the thrust quint will be given the same nominal thrust of 470 N.   
 The assumed maximum achievable Isp for Monomethylhydrazine and Dinitrogen 
tetroxide, a five atmosphere chamber pressure and oxidizer to fuel ratio of 2.36, is 220 seconds 
with a flame temperature of 3140 K. From these, the thruster dimensions can be determined. 

 The exit temperature can be calculated as.  
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 For the 82 N thruster the throat area can be determined from the choked flow relation. 
 



Figure 7.5.3.2.2-1 LPM Thruster Drawing 
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 To determine the combustion chamber characteristics 
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Figure 7.5.3.2.2-1 shows drawings of the thruster. 
 

 
 

 
 

 
 

 

7.5.3.2.3 Description	  of	  Major	  LPM	  RCS	  components	  
 



 When a command is given to fire one of the RCS thrusters, the corresponding valve is 
opened and the regulated helium pressurant forces propellants into the RCS pluming. The 
propellants flow through a nominally open valve which is in place for safety purposes in case 
there is a problem further down the line. Finally the propellants are split or separated to the ducts 
that lead to one of the four thrusters in the thrust quint and into the combustion chamber. 
 During normal operations, when a firing command is given, The RCS will burn to a 
desired state, then burn in the opposite direction bring the velocity back to zero. Figure 7.5.3.2.3-
1 illustrates what a 180 rotation about the roll axis would look like. 

 
Figure 7.5.3.2.3-1 Angle of Roll versus Time 

 
 

7.5.3.2.4 LPM	  RCS	  Mass	  Breakdown	  
 
The RCS propellant mass was calculated assuming the RCS system needed to provide a ΔV od 
50 m/s during lunar decent and ascent. The engine mass was calculated using historical data for 
similar engines. Table 7.5.3.2.4-1 shows the LPM RCS mass breakdown. 

 
Table 7.5.3.2.4-1 LPM RCS Mass  

Mass Component Mass (kg) 

Propellant 250 

Engines  70 

Total 220 



 
 

7.5.3.3 Lunar	  Propulsion	  Module	  Avionics	  (Vera	  Klimchenko)	  

7.5.3.3.1 Altitude	  and	  Velocity	  Measurements	  during	  Landing	  
 
The driving requirements for choosing the altitude and velocity sensors are the maximum 
operational range and illumination conditions. The maximum operation range where we begin to 
monitor the velocity and altitude with respect to the lunar surface is 100km above the lunar 
surface. At 100km, the lunar propulsion module begins its descent process to the lunar surface. 
In past missions, the monitoring of the velocity and altitude began at lower altitudes. However, 
we would like to have a system that is capable of high precision landing. In order to have high 
precision landing, it is important to begin monitoring the velocity and altitude at the beginning of 
the descent. The two types of altitude/velocity sensors considered were lidar and radar.   

7.5.3.3.2 Passive	  Imaging	  and	  Active	  Range	  Sensing	  
 

The two most important measurements that need to be obtained during the landing phases are 
altitude and velocity. It is crucial to know the altitude and velocity of the lunar propulsion 
module at all times to ensure a safe and precise landing. Various instruments and sensors can 
obtain the measurements of altitude and velocity using two different approaches. The two types 
of approaches that can provide the necessary measurements and data are passive imaging and 
active range sensing[1]. An active range sensing system has a transmitter and a receiver that work 
together to obtain the necessary data. For example, a simple active radar system has a transmitter 
that sends a signal to the surface and a receiver that catches the signal that is reflected from the 
surface. Passive imaging is a system that only has a receiver and collects signals generated in the 
environment. For example, a camera is a passive imaging system; it gathers and processes the 
light reflected from objects.  
As with any system, there are pros and cons to using either of the data acquisition systems. One 
main advantage of an active range sensing system over a passive imaging system is that it can 
operate under any illumination conditions. Passive imaging systems require some type of 
illumination, whether it is solar illumination or an onboard source of illumination.  It is very 
important to have a system that is capable of operating in any type of lighting conditions because 
in the future missions, landing may be done during lunar night or at the poles. At the poles, the 
sun angle can be up to less than 1.5 degrees above the horizon, which may not provide sufficient 
lighting for a passive range sensor[2]. Some of the disadvantages of using active range sensing 
over passive range sensing is that active range sensing is less mature and requires more power. 
However, our mission requirement is to be able to land in variety of lighting situations and since 
the passive imaging approach does not satisfy this requirement we choose to use active range 
sensing approach to obtain velocity and altitude measurements.  
The two type of active range instruments that were considered are lidar and radar. In order to 
determine which instrument is more suitable to use for velocity and altitude measurements on 
our missions we compared the two technologies.  



7.5.3.3.3 Lidar	  vs.	  Radar	  
	  

Initially, lidar was to be used to determine the velocity and altitude measurements during 
landing. Lidar is a multi-functional system that can be used to obtain range, velocity and terrain 
data. Lidar, an acronym for light detection and ranging, sends out laser pulses that are reflected 
from a surface back into the receiver. A flight-qualified version has the capabilities to assist 
landing within 10 to 100m of the designated target. Lidar can obtain high-resolution 
measurements by transmitting linear frequency modulated continuous waveforms[19]. The payoff 
for the high-resolution measurements is the increase in sampling rate and processing power. The 
components of a typical lidar system are a laser and scanning optics and a receiver equipped with 
photodetectors.  Compared with radars, lidars have lower mass, smaller size, higher precision 
and higher data rate[3]. Despite the many advantages of using lidar, the operational range of 
current lidar sensors is about 5km, which is below our requirement[11]. Additionally, during 
descent, large quantities of lunar regolith dust are energized which can reduce the functionality 
of the lidar optics and increase scattering of the laser beam thereby decreasing the resolution.  

The complications with using lidar for lunar landing led us to look into radar technology. The 
use of radar technology traces back to the era of the Apollo lunar lander[4,5]. Radar, an acronym 
for radio detection and ranging, transmits radio waves whose reflection off a surface is captured 
by the receiver. Radar can accommodate large operational ranges. In order to increase an 
operational range of radar, the pulse repetition frequency must be increased[6]. The maximum 
operational altitude at which the lunar propulsion module will need to acquire velocity and 
altitude data is 100km. At 100km, the lunar propulsion module will be moving at a speed of 
1.63km/s. We would like to know the pulse repetition frequency that the radar needs to send out 
in order to acquire unambiguous velocity and range[6]. Maximum range and maximum velocity 
formulas must both be considered when determining the pulse repetition frequency. The pulse 
repetition frequency that needs to be used in order to attain the maximum range of 100km is 1.5 
kHz.  
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Equation 7.5.3.3.3-1 

However, the pulse repetition frequency of 1.5 kHz is not sufficient to provide unambiguous 
velocity measurements.  
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Equation 7.5.3.3.3-2 

A pulse repetition frequency of 11 kHz is the minimum value needed to obtain the maximum 
velocity of 1.63 km/s and altitude measurements at the altitude of 100km/s. The goal of the 
calculations was to see if it was possible to have radar that is capable of obtaining velocity and 
altitude measurements at our specified maximum range and the calculations showed that it was 



possible. Amplifiers will provide gain in order to accommodate the variation in altitude range 
during descent. Radar resolution depends on various aspects of the radar such as the size of the 
antenna and length of the radar pulse length. It is possible to have radar with a high resolution by 
changing the radar pulse length.  

7.5.3.3.4 4	  Beam	  Landing	  Radar	  
 
A three dimensional velocity of the lunar propulsion module is necessary in order to navigate the 
propulsion module to a desired location site. Radar with a single antenna is capable of 1D 
measurement, providing a radial velocity and a range measurement. A landing radar that consists 
of four beams was chosen to provide 3D velocity and altitude measurements during descent[7,8,9]. 
In order to determine the velocity of the lunar lander, the radar uses the Doppler effect. The 
difference in the frequency of the transmitted and received waves will be used to calculate the 
radial component of the velocity. Three beams will provide the x, y and z components of the 
velocity. The three beams may not be parallel or point to the same location on the lunar surface. 
The landing radar beams need to have a line of site to the lunar surface at all times. There will 
also be fourth beam, pointing straight down, that will be used as an altimeter beam.   

 
At 100km, the lunar propulsion module is on its side, in order for the landing radar beams to 
have a line of site to the lunar surface, the landing radar needs to be installed on the side of the 
lunar propulsion module. Two landing radar configurations will be implemented. One radar 
configuration will be located on the side of the lunar propulsion module and another on the 
bottom of the lunar propulsion module.  

7.5.3.3.5 Orientation	  of	  Lunar	  Propulsion	  Module	  
 
The orientation of the lunar propulsion module relative to the lunar surface is of great 
importance. If the lunar lander does not land in a proper orientation, it can experience damage to 
the structure of the module and the landing gear. There is also a possibility of tipping over if a 
proper orientation is not maintained during landing.  Two instruments were considered for this 
task, namely, the inertial measuring unit and a star tracker. A hybrid system of both instruments 
was also considered.  

7.5.3.3.6 IMU,	  Star	  Tracker	  and	  Kalman	  Filter	  
	  

The lunar propulsion module will carry onboard an inertial measuring unit (IMU).  The IMU will 
provide the orientation of the lunar propulsion module with respect to the lunar surface. Because 
the inertial measuring unit is susceptible to drift, it needs to be updated periodically. While in 
orbit or on the way to the moon, the IMU is updated by star tracker and with satellite data[10]. 
The IMU drift is about 0.01 degrees per hour. The descent to the moon takes less than thirty 



minutes. Assuming that the IMU will be updated prior to the descent, the IMU will not need to 
be updated during the descent and will remain accurate during the descent. As a precaution, a 
Kalman filter will be used to process the IMU data and to decrease the inaccuracies of the 
measurements[10,13].  A star tracker will provide data during the initial phase of the descent[9]. 
However, preventative measures must be taken to ensure the star tracker is not in the direct line 
of site to the sun because the star tracker lens is very sensitive to light and may be destroyed 
under intense light.  

7.5.3.3.7 Hazard	  Detection	  and	  Avoidance	  
 
Landing at the South Pole of the moon can be very challenging due to large shadows, rugged 
terrain and high slopes. Therefore, it is necessary to have technology on board that analyzes the 
lunar terrain, and detects and avoids surface hazards. An imaging lidar will be implemented to 
generate an elevation map of the lunar terrain near the designated landing site. The elevation map 
of the landing site must be large enough to contain at least one additional landing site for an 
emergency landing. The lidar will compute the slope and roughness of the terrain. From the 
computations an elevation map will be formed. The imaging lidar will operate below 5km, which 
is the maximum operational range of current lidars. A high update rate of about 50 kHz is 
required to generate a precise topographical map during the high velocity descent[14]. The map 
will be continuously updated. Updating at a lower rate may cause loss of data and loss of  
precision. 50 kHz is a standard update rate for an imaging lidar used for landing.  

7.5.3.3.8 Redundancy	  
 
Initially, none of the landing avionics had redundancy, one failure in the system could cause 
abort of the mission. However, after a closer look at the components of the landing avionics it 
was determined that duel redundancy should be established in the most critical components.  

7.5.3.3.8.1 Bottom	  Landing	  Radar	  	  
 
The most critical component of the lunar propulsion avionics system is the landing radar that is 
located at the bottom of the lunar propulsion module. The landing radar contains four beams. 
Only three beams active beams are critical for a successful landing, three beams that measure the 
3D velocity of the lunar propulsion module. The fourth beam measures the altitude but is 
expendable because altitude can be derived from one of the other beams with minor processing. 
In scenario number one, one of the beams fail but no fault is detected in the other three beams. 
The system remains operational because only three beams are necessary to determine a full state 
of the vehicle. The backup landing radar remains off.  

 



Figure 7.5.3.3.8.1-1: Single Point Failure 
In scenario two, two beams fail which causes the system failure. Once system failure is detected, 
the second landing radar will become operational and take over the velocity and altitude 
measurements.  

 
Figure 7.5.3.3.8.1-2: Double Point Failure 

7.5.3.3.8.2 Lidar	  and	  Side	  Landing	  Radar	  
 
Lidar and a side landing radar are optional components of the system that are not mission critical 
components. The lidar provides an optional mapping of the terrain close to the desired landing 
site. A side landing radar provides velocity and altitude at 100km above the lunar surface while 
the lunar propulsion module is still oriented on its side. The map of the lunar terrain close to the 
desired landing site is not critical to actual landing and landing can be achieved without the real 
time terrain information by relying on terrain data from MOLA or previous terrain mapping[. 
The measure of velocity can be delayed until the lunar propulsion module is pitched over to the 
orientation where the bottom landing radar can make measurements.  

7.5.3.3.8.3 IMU	  
 
An IMU is a critical component responsible for providing orientation data of the lunar propulsion 
module. There will be triple redundancy for the IMU. A more informative description of IMU 
redundancy will be discussed in the Guidance and Navigation section. 

7.5.3.3.9 Autonomous	  Landing	  
 
The lunar propulsion module shall be capable of accomplishing all the functions necessary for a 
successful and safe landing without any external interference[12,17]. It is necessary for the lunar 
propulsion module to be able to land autonomously because some of the missions will be 
unmanned. There will be a closed control scheme with a preprogrammed nominal vehicle state 
for each altitude[16]. The landing radar and an IMU will collect the measurements and provide the 
current vehicle state. The current vehicle state will be compared to the nominal vehicle state at a 
particular altitude[16]. If the vehicle state is nominal, a pre-determined guidance scheme will be 
activated. Commands will be sent to the thrusters to perform pre-determined maneuvers in order 
to land at a desired landing site. However, if the current vehicle state differs from the nominal 
vehicle state, a new guidance scheme will need to be calculated. If the deviation from the 
nominal plan is of large magnitude, a re-planning scheme is initialized.  The data from the 



onboard sensors is processed continuously. After a new guidance scheme has been calculated, 
the commands are send to the thrusters. The control scheme is pictured below. 

 
Figure 7.5.3.3.9-1: Landing Flow Chart 

7.5.3.3.10 Landing	  Scheme	  
 
Initially the lunar propulsion module will be orbiting the moon at an altitude of 100km and a 
speed of 1.63km/s. The side landing radar will continuously collect velocity and altitude data. A 
de-orbit burn will be initiated to reduce the velocity of the lunar propulsion module from the 
orbital speed[15,18]. After the lunar propulsion module is pitched over, the side landing radar is 
turned off and the bottom landing radar becomes operational. At 5km, the imaging lidar will turn 
on and proceed to take slope data of the terrain and develop a terrain elevation map. The 
thrusters will continue to fire and direct the propulsion module to the designated landing 
location. The vehicle state will be continuously updated and a guidance scheme will be generated 
to provide commands for autonomous landing.  



 
Figure 7.5.3.3.10-1: Landing Timeline 

 
Table 7.5.3.3.10-1: Specifications for Landing Radar and Imaging Lidar 

Instrument Quantity Total Mass 
[kg] 

Total Power 
[Watts] 

Data Rates 
[kHz] 

Landing 
Radar 

3 57 396 ~30-50kHz 

Imaging Lidar 1 28 140 ~50kHz 

 

7.5.3.4 LPM	  Power	  (Sukhjohn	  Kang)	  
 

The Lunar Propulsion Module requires a total of 2393 Watts of power, with each subsystem 
requiring power running for different periods of time. The following table presents a breakdown 
of the power and energy required by each subsystem required for the Lunar Propulsion Module 
to function.  

 
 

 
 

 
 



Table 7.5.3.4-1: 3J LPM Subsystem Power and Energy Requirements 

 Power Required 
(Watts) 

Duration Energy Required 
(Kilowatt-hours) 

GNC 168 34 days 137.10 

RCS 90 34 days 73.44 

Avionics 400 34 days 326.40 

Antennas/Communication 22 34 days 17.95 

Landing Sensors 750 400 seconds 83.33 

Propulsion (ascent) 800 400 seconds 88.89 

Propulsion (descent) 800 400 seconds 88.89 

Docking 163 150 minutes 407.50 

TOTAL: 3193 n/a 1223.50 

 
The design of the Lunar Propulsion Module was based off of the numbers presented above (total 
power required of 3193 Watts and total energy required of 1223.5 Kilowatt-hours). An important 
note to mention is that the design for the LPM power system was based off of the assumption 
that the LPM would see an hour of light and an hour of darkness during each orbital period. 
Furthermore, the power system designed to power the LPM was split into two subsystems: the 
first power subsystem powers all LPM subsystems requiring constant power for 34 total days, 
while the second power system powers all LPM subsystems that require power for a finite period 
of time. Thus, the analysis conducted to arrive at a final design differed for both LPM power 
subsystems. 

 
The LPM power subsystem requiring continuous power included the Guidance Navigation and 
Control system, the Reaction Control system, avionics, as well as antennas and communication 
equipment. The total power required for these four LPM subsystems was 680 Watts, with an 
energy requirement of 554.89 kW-hours. Because of the availability of sunlight for half of the 
total 34 days, it is clear that a system utilizing solar panels would be by far the best system. This 
is because the solar panel (and the associated rechargeable battery) would only have to be 
designed to power the LPM’s continuous power for periods of one hour each (solar panels for 
periods of sunlight, rechargeable battery for periods of darkness). Thus, because of the capability 
to recharge, the secondary battery would only have to, in essence, be designed to power the LPM 
continuous power subsystem at 0.680 kW-hrs of energy. This is a massive advantage over a 
power system powering the LPM continuous power subsystem utilizing either a fuel cell or 
primary battery, since such a system would have to be designed for 554.89 kW-hours. The 
justification for using a system of solar panels and rechargeable batteries is clear, as it offers a 
distinct mass and size advantage. Through this design, the FLEETS team was able to design to 
an energy that is 0.1225% of the total energy required otherwise. 

 



The triple junction gallium arsenide solar array is rated at 115 W/kg and 301 W/m2 with an 
efficiency of 21%. The lithium ion battery that will be used is rated at 150 Whr/kg and 300 
Whr/L, with an 80% depth of discharge. With these specifications, a solar array of mass 5.91 kg 
and panel area of 2.25m2 is required, with a lithium ion battery of 4.53 kg and 0.00227 m3. It is 
important to note that the lithium ion battery has a life cycle of around 500 cycles; this works just 
fine because with 12 cycles a day for 34 days, the expected number of cycles is 408 cycles, well 
below the maximum.  
 

The LPM Power subsystem with finite power requirements is comprised of systems that handle 
the landing sensors, docking, and ascent/descent propulsion. The total power capability of the 
LPM finite power system needed to be 2513 Watts; the total energy requirement for this 
subsystem is 668.61 Watt-hours. Because of the uncertainty of the availability of light, solar 
panels were not a viable option. Fuel cells would also be too expensive and heavy for this 
system. A primary battery was decided on to handle this power load since they are the perfect 
choice for high power requirements for low durations of time.  
 

Based on the analysis presented in the power appendix, the best option for primary batteries was 
the lithium-thionyl chloride battery. This battery is rated at 200 Whr/kg and 380 Whr/L, which is 
a lot better than what a system of fuel cells can offer for this application. The total mass of a 
single battery rated to supply sufficient power for this case is 3.34 kilograms, with a volume of 
just 0.001759 m3. This is especially desirable because of the low mass impact on the total mass 
of the lunar propulsion module.  

 
In total, the mass of the power system required to power the lunar propulsion module is 
relatively low. Because of this, the FLEETS program was able to allocate extra mass for backup 
power systems in the event of unexpected failure. For attitude control simplicity, just one extra 
solar panel was added for LPM continuous power subsystem. Both solar panels can individually 
fully handle the energy load of the continuous power subsystem. In addition, there will be two 
LiSOCl2 capable of handling the entire energy load of the finite power subsystem.  
 

Table 7.5.3.4-2: <LPM Power System Design Totals> 

Component Total Mass Total Size 

2 3J GaAs Solar Panels 11.82 kg 4.52 m2 

1 Lithium Ion Battery 4.53 kg 0.00227 m3 

2 LiSOCl2 Batteries 6.68 kg 0.003518 m3 

 
In total, the LPM power system will have 23.03 kg of mass, which bodes extremely well for the 
LPM mass budget. Even with this low mass impact, the system was designed redundancy that 
would prevent single point failures. Each extra unit is capable of fully handling its respective 
power load.  



7.5.4 Lunar	  Propulsion	  Module	  Summary	  (Jesse	  Cummings)	  
 
Table 7.5.4-1: Lunar Propulsion Module Mass Summary 

System Mass (kg) 

Avionics 296 

RCS System 200 

Power 29 

Structures 825 

Engines 497 

Propellant 12,450 

Total 14,297 

 

The final total mass of the Lunar Propulsion Module is 14,297 kg which leaves a 903 kg margin 
of mass between the current estimation (which has margin built-in to the structures) and the limit 
of 15,200 kg. 
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7.6 Docking	  Mechanism	  (Arranged	  by	  Doug	  Astler)	  

7.6.1 Mechanics	  of	  a	  standard	  dock	  (Shimon	  Gewirtz,	  Rebecca	  Foust)	  
1. The interceptor vehicle will make a close approach to the target using avionics and RCS 

thrusters 
2. The interceptor will go through the clamping procedure, going to the opened position 

while on approach and slowly getting closer until the towel bars are just within the clamp 
teeth, which then tighten until they are just closer than vertical, and then the clamps 
slowly close until the rigidized condition. 

3. The hard avionics connections will be established 
4. On an undocking operation, if one of the clamps fails to undock, the corresponding towel 

bar clamping will blow it’s pyrotechnic bolts to ensure release even in a contingency 
situation. 

5. In such a case, and when there is a subsequent dock after close approach and alignment, 
but before the interceptor has closed in on the target the target towel bar of the 
compromised clamp, which is still holding it’s orphaned towel bar, will be blown so that 
the dock can still be made. 

7.6.2 Top	  Level	  Docking	  Requirements	  (Shimon	  Gewirtz,	  Rebecca	  Foust)	  
• Dock and Undock 
• Rigidize the connection 

1. We need to rigidize the connection between the structures, the reason for this would 
be to reduce energy lost to vibration and to ensure in the case of a failure that the 
broken component will be restrained from damaging other components (which means 
that if the propulsion module is firing, we do not want the upper sections to be 



shaking around at the clamps dissipating kinetic energy, or knocking into things and 
weakening them.) 

2. The clamp mechanism was designed to rigidize the dock connection while also 
making sure that the interceptor will capture the target without one bouncing out of 
the dock. 

• Maximum speeds of 4.5 cm/s (“soft capture”) 

7.6.3 Avionics	   –	   Sensors	   Requirements	   (Samantha	   Johnson,	   Shimon	   Gewirtz,	  
Rebecca	  Foust)	  	  

The following requirements are necessary for all vehicles that are docking: 

1. Sensors shall operate in full lighting and total darkness. 
2. The target and chaser shall be able to communicate with each other. 
3. The range between the target and chaser shall be an order of magnitude greater than the 

navigation error. 
4. Hard wire connections must allow for data transfer in any configuration. 

Requirement (1.) allows docking to occur at any point on the orbit or trajectory regardless of 
level of sunlight. Requirement (2.) eliminates the need to relay data back to a ground station and 
reduces time delay for emergency communications. Requirement (3.) prevents a collision 
between the vehicles even if there is a worst case error in the sensors. Requirement (4.) allows 
docking modules to be rotated before dock to gain optimal placement of specific sensors. 

 
The following requirements are necessary for vehicles that are completing manned docking: 

1. Sensors shall provide the crew with visible observation of target during proximity 
operations. 

2. The crew shall be able to manually monitor the target’s position and attitude 
 

Requirement (1.) allows the crew observation of the target so they are able to determine if there 
is an error in the autonomous docking system. It also allows them to see the target in the case of 
a manual override. Requirement (2.) provides the crew with instruments so they are capable of 
docking without using the autonomous docking sensors. 

 
The sensors shall make the following measurements during each phase of docking: 

1. Rendezvous 
a. Inertial State Estimation 
b. Range, Range Rate, Bearing 

2. Proximity Operations 
a. Inertial State Estimation 
b. Range, Range Rate, Bearing 
c. Target Pose 

3. Docking 
a. Range, Range Rate, Bearing 
b. Target Pose 
c. Capture 



 
The following requirements, defined by the NASA Docking Standard, provide the accuracy 
needed in the docking sensors: 

Initial Conditions Limiting Value 

Closing Rate 1.5 – 4.5 cm/s 

Angular Rate 0.15 deg/sec 

Angular Misalignment 4.0 ± 0.25 deg 

* All vehicles and docking mechanisms were designed to meet these standards set forth by the 
NDS. 

 
Target pose presents the greatest source of error because it is determined through imaging and 
not direct measurements. This means that the instrument used to measure target pose must be 
highly accurate and is also constrained by the angular rate and misalignment limiting values. To 
measure target pose on all of the vehicles a LiDAR will be used. The closing rate is most crucial 
within 1 m of docking, this measurement will be made by an Electro Optical Proximity sensor 
and its accuracy is defined by the limiting value. The output frequency of the LiDAR can be 
determined from the angular rate and misalignment by determining the time it would take for the 
vehicle to roll out of position to successfully dock. Allowing for several measurements to be 
taken before a critical pose is reached, the output frequency of the LiDAR shall be no less than 1 
Hz. 

7.6.4 Docking	  Phases	  (Samantha	  Johnson)	  
There are three phases that are necessary for successful docking. The first phase is rendezvous; 
this phase ranges from greater than 100 km to about 2 km. During this phase the target and 
chaser are represented as point masses and their inertial location needs to be known. The next 
phase is proximity operations; this ranges from 2 km to about 1 m. During this phase the relative 
locations between the two vehicles as well as in inertial space needs to be known, and target pose 
information becomes necessary. The last phase is docking; this phase ranges from 1 m until 
capture. During this phase target pose and relative measurements are crucial because velocity 
and alignment constraints must be met and the mechanism must know when contact has occurred 
so the latches can close. 

7.6.5 Unmanned	  Docking	  

7.6.5.1 Structures	  (Shimon	  Gewirtz,	  Rebecca	  Foust)	  
Description of Towel Bar Docking System 



 
Figure 7.6.5.1-1: Layout of a docking ring 
The towel bar dimensions are a diameter of 40 centimeters and a length of 80 centimeters long. 
The docking system has a capture tolerance of ±1 diameter. 

Our docking configuration utilizes “towel bar” docks. In a standard towel bar dock, the target 
vehicle has a set of 3 towel bars which are captured by three clamps on the interceptor vehicle 
after which the clamps on the target close over the interceptor’s towel bars for added stability 
and redundancy. Our configuration has one set of towel bars and one set of clamps on each ring 
for a total of 6 clamped connections for redundancy. This is advantageous because in a 
contingency situation this gives us the ability to blow away up to three towel bar connections 
while still maintaining a viable dock. 

7.6.6 How	  to	  dock	  (Shimon	  Gewirtz,	  Rebecca	  Foust)	  
The radial symmetry of the design allows us to rotate modules to three orientations, each 
separated by 120 degrees, which allow all solar panel pairs to be exposed to direct sunlight. The 
bars and clamps would be attached directly to the modules, the bars connected with pyrotechnic 
connectors, directly to the baseplates and caps of the modules without needing to add material 
for a separate ring. 
3 nominal states: 

1. Open/on approach 
2. Captured/will not bounce out 
3. Rigidized 

To assure that the modules can perform capture and approach, and to rigidize the connection as 
well, there are three nominal configurations for the clamps.  Shown on the right the top is on 
approach when farther than double the vertical height of the clamps, then as the diameter of the 
towel bar moves beyond the range of the tips of the clamps into the dock the clamps will move to 
a position just past vertical to ensure that the towel bar will not be able to escape by bouncing out 
of the connection on impact. This is ensured because the tips of the clamps are exactly the 
diameter of the towel bar away when vertical. After the captured stage, the clamps will slowly 



tighten until the rigidized orientation, bringing the modules together slowly but steadily until the 
dock is stable and the module walls are flush. 

 
Figure 7.6.6-1: Docking clamp orientations 
The Assembly diameter will be limited to 2.5 m which is set by the OLV. Although the OLV 
only docks to the LPM using the unmanned system the LPM needs to be able to dock to the CM 
as well as OPM-S’, essentially since the dock is made to be universal it is limited by its smallest 
case. 

7.6.7 How	  to	  undock	  (Shimon	  Gewirtz,	  Rebecca	  Foust)	  
Clamps return to open position to undock and RCS thrusters move the interceptor module away 
from the target module using residual fuel (it is not necessary that the undock maneuver be 
performed with optimal thrust levels.) 

7.6.8 Contingency	  (Shimon	  Gewirtz,	  Rebecca	  Foust)	  
Towel bars will be attached with pyrotechnic bolts. In case of clamp failure, the bolts will blow 
on the failed towel bar, severing the failed connection allowing the module to undock. This 
keeps the module’s docking capabilities intact unless 4 connections are lost.  
Docking after a docking clamp failure requires that the module docking to the broken module 
blow off the corresponding towel bar once the approach has started and the towel bar which 
corresponds to the broken clamp is determined. 
  



 

7.6.9 Avionics	  –	  Sensors	  (Samantha	  Johnson)	  

Docking Sensors for Unmanned 
Vehicles 

In
er

tia
l 

at
tit

ud
e 

an
d 

ra
te

 e
st

im
at

es
 

In
er

tia
l 

po
si

tio
n 

an
d 

ve
lo

ci
ty

 e
st

im
at

es
 

R
el

at
iv

e 
be

ar
in

g 
an

d 
ra

ng
e 

es
tim

at
es

 
du

ri
ng

 r
en

de
zv

ou
s 

R
el

at
iv

e 
be

ar
in

g 
an

d 
ra

ng
e 

es
tim

at
es

 
du

ri
ng

 
pr

ox
im

ity
 

op
er

at
io

ns
 

Po
se

 
 

an
d 

ra
ng

e 
es

tim
at

es
 fo

r 
do

ck
in

g 

C
ap

tu
re

  

Star Tracker P P P S   

IMU P P P S   

Communication Antenna  P S S   

LiDAR Primary   S P P S 

LiDAR Back-up    S S S 

Electro-Optical Proximity Sensor    S S P 

P = Primary S = Secondary 

All unmanned vehicles are required to perform autonomous docking. In order to accomplish this, 
during the rendezvous phase, the target and chaser will use sensors in their GNC package, a star 
tracker, IMU, and communication antenna, to gain inertial state estimates and relative 
measurements between the two vehicles. Once the vehicles are within 5 km of each other, the 
LiDAR becomes in range and will be used to improve the relative measurements made by the 
navigation sensors. When the vehicles are within 2 km of each other, proximity operations begin 
and the LiDAR takes over as the primary sensor for relative measurements and target pose. 
There is another LiDAR on the vehicle to give secondary relative measurements and to help 
determine if the primary LiDAR is operating correctly. In the case that the primary LiDAR has 
failed, the back-up LiDAR will take over all primary measurements. During close range 
operations, less than 1 m, the electro optical proximity sensor will be used to improve relative 
measurements due to a decrease in LiDAR accuracy at this range. The electro optical proximity 
sensor will be used in the capture phase of docking to alert the latching mechanism when to 
clamp shut. 

The mass and power required for the docking sensors for all unmanned vehicles is as follows: 

Mass 25 kg 

Power 151 W 

* These values include sensors solely used in docking 



7.6.10 Docking	  Converter	  for	  CM	  (Shimon	  Gewirtz,	  Rebecca	  Foust)	  

 
Figure 7.6.10-1: Docking converter for Crew Module 

As you can see, the crew module is not quite the right shape to stick towel bars on the bottom. So 
to allow the crew module to dock with other components, a docking converter was created. This 
converter is attached to the crew module using a Marmon band with explosive bolts so that the 
converter can be removed before re-entry. This converter is also beneficial because it protects the 
heat shield from damage. 
  



 

7.6.11 Manned	  Docking	  

7.6.11.1 Avionics	  –	  sensors	  (Samantha	  Johnson)	  

Docking Sensors for Manned 
Vehicles 
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Star Tracker P P P S    

IMU P P P S    

Communication Antenna  P S S    

LiDAR Primary   S P P  S 

LiDAR Back-up    S S  S 

Electro-Optical Proximity Sensor    S S  P 

Docking Camera    S S P  

Hand Held Laser Range Finder    S S P  

P = Primary S = Secondary 

 
Manned vehicles are expected to complete autonomous docking, so they contain the same sensor 
suite and follow the same protocols as unmanned vehicles. Manned vehicles are also equipped 
with a manual override in the case of emergency operations or if the crew wants to manually 
dock. To accomplish this, the vehicle is equipped with a docking camera that will allow the crew 
visible observation of the docking area. The crew is also supplied with a hand held laser range 
finder so they are capable of monitoring relative measurements between vehicles to determine if 
sensors are in error and manual override needs to take place. 

The mass and power required for the docking sensors for all manned vehicles is as follows: 

Mass 32 kg 

Power 154 W 

* These values include sensors solely used in docking 



7.6.12 Avionics	  Module	  Connection	  (Grant	  Mclaughlin)	  
When two modules are docked together, information will need to be passed between for the 
monitoring of subsystems and control. For example, the CM launches attached to an OPM. The 
CM will need to monitor the propulsion and structural health of the OPM-C. In addition, the 
system of modules will use the OPM-C main engines. Later, the OPM-C will detach and the CM 
will dock with the system of LPMs (LPM-A and LPM-D). Following, OPM-S modules will dock 
onto the bottom of the stack at the LPM-D. In this configuration, the CM will need to monitor 
the propulsion, structural health, and avionics of all attached modules. Furthermore, this stack 
will need to control one set of main engines and have redundant sets of reaction control thrusters. 

The NASA MPCV will be docking with a Service Module (SM) and this avionics connection is 
made with an umbilical connection pictured in Figure 7.6.3-1. The connection is made with the 
umbilical arm on the SM and an umbilical port on the MPCV. This system will be adopted for 
FLEETS. The FLEETS docking system is designed so the modules can dock in any one of three 
orientations that match identical compatible mechanisms. As a result of this design, there must 
be either three pairs of arms and ports, one arm with three ports, or three arms with one port. 
Having three connections would increase the reliability of making a successful connection. 
However, it also increases the probability of a problem during undocking.  

 

 
Figure 7.6.12-1. The umbilical connection between the MPCV and 
SM. 

umbilical arm 

umbilical port 



In favor of reliability, FLEETS will use a system with three ports and three arms as shown in 
Fig. 7.6.3-2. The OPM-C and LPM-A will need to have angled arms as seem on the SM in order 
to dock with the CM. All other connections can use straight arms. 

 

Sources: 
“Multi-Purpose Crew Vehicle Service Module” Microgravity.grc.nasa.gov. May 16, 2013. 

 
 

7.7 Lunar	  Habitat	  (Arranged	  by	  Michael	  Hamilton)	  

7.7.1 Design	  parameters	  (Michael	  Hamilton)	  
 

One of the primary goals of this lunar mission program is to have a crew of up to 4 inhabit the 
lunar surface for 28 days.  During CM design iterations it became apparent that it would be 
infeasible to make one vehicle capable of launch, transit, landing, and reentry capable of housing 
a crew for 4 weeks on the moon. For four people to spend four weeks on the moon, NASA 
recommends a minimum internal volume requirement, which caused potential capsule designs to 
be far too massive once a heat shield was added and they were reinforced structurally. In lieu of 
one large vehicle transporting and housing crew during a four person lunar mission, a permanent, 
external lunar habitat will be used in conjunction with a smaller crew module used primarily for 
transport. 
Unfortunately, the habitat and OLV had to each be designed in about half the time given to other 
vehicles because the OLV was a development after PDR. Because of this, there was a reduced 

 

 
 

 
 

 
 

 
 

 
 

Figure 7.6.12-2. Top-down view of the FLEETS umbilical connection. 
 

umbilical arm 



scope and both vehicles were designed accurately, but in less detail than other vehicles. The 
information is accurate and informative, but the design is not as extensive as the CM due to 
resource constraints. 
 

The primary design parameters for the Lunar Habitat are as follows. It must be able to: 
1. Support a crew of 4 with shelter and life support for 28 days 
2. Support one EVA per day without losing significant internal atmosphere 

a. The habitat will be used for four weeks, so the atmosphere cannot be replaced for 
every EVA. Additionally, a significant loss should not occur to save gas supplies. 

3. Be assembled easily on moon by 2 people in 1 mission 
a. Assembly must be simple and quick for program efficiency 

4. Recharge a rover 
a. A rechargeable rover will use the permanent habitat’s power supply after its use 

in EVAs 
5. Land on the moon using an LPM 

a. Have the ability to shrink to the size of the LPM 

7.7.1.1 Design	  Selection	  

7.7.1.1.1 Structure	  Selection	  
The three types of structures considered for the lunar habitat were inflatable, hybrid and rigid.  
The factors that were considered in this selection were weighted based on their importance to the 
overall purpose of the lunar habitat.  The factors and their weights were packing efficiency 
(50%), mass (20%), reliability (20%), assembly time (5%), and flexibility (5%).  Packing 
efficiency was the most important consideration because in order for the lunar habitat design to 
be feasible, it must meet both the packing and livable volume requirements.  Packing efficiencies 
were calculated based on condensed packing size divided by volume of living space.  Mass was 
also an important factor, since a lower massed structure is favorable.  Reliability was measured 
based on the durability of the material(s) of the structure.  Assembly time was assessed by 
comparing the lengths of time it would take the different lunar habitat structures to be assembled 
on the lunar surface.  Flexibility was also a consideration since more design flexibility would 
benefit launch operations (no hard constraints imposed by the type of structure) and future 
expansion.  The hybrid structure allows for more design flexibility since it doesn’t have the 
limitations of a purely inflatable or purely rigid structure.  Table 7.7.1.1.1-1 displays the 
resulting decision matrix, with each type of structure ranked low through high in each category.  
A ranking of high is considered most favorable.  A hybrid inflatable habitat with rigid 
components was chosen based off of this matrix. 
  



 
Table 7.7.1.1.1-1: Habitat Structure Decision Matrix 

 Packing 

50% 

Mass 

20%  

Reliability  

20% 

Assembly 
Time 
5% 

Flexibility 

5% 

TOTAL  

Rigid  Low  High  High  High  Low  45%  

Hybrid  Medium  Medium  Medium  Medium  High  55%  

Inflatable  High  Low  Low  Low  Medium  50%  

  

7.7.1.1.2 Configuration	  Selection	  
The different configurations that were evaluated when choosing a habitat shape were a torus, 
cylinder, dome, ellipsoidal dome, cylindrical dome, and cylinder-ellipsoidal dome.  The factors 
that were considered in the selection were space efficiency, mass and material volume.  Space 
efficiency was the most important consideration when comparing the different shapes.  Floor 
space was calculated assuming a 2.2 m floor to ceiling height and holding the required volume of 
168 m3constant for all configurations.  The torus and cylinder configurations were optimized for 
best floor space by varying the radius, while the ellipsoidal dome was optimized for floor space 
by varying the semi-major axis.  The ellipsoidal dome has the most floor space when its semi-
major axis equaled its semi-minor axis, which is essentially the same as a cylinder dome.  
Figure7.7.1.1.2-1 shows the optimization for floor space for all the configurations.  The dome 
structures were all tall enough to have second floors, in some cases giving them an advantage 
with floor space.   



 
Figure 7.7.1.1.2-1:  Optimizing for Floor Space 
Masses and material volumes were also compared for the different shapes.  For this initial 
comparison, only the inflatable skin material was included in the mass and material volume 
calculations.  However, if the configuration included a second floor, an estimated second floor 
mass was added to the mass total for that shape.  The resulting floor space, mass and material 
volume numbers are shown in Table 7.7.1.1.2-1.  The cylinder dome habitat was selected 
because it has the best space efficiency, with 59.5 m2 of floor space available between its two 
floors.  It also has an average mass and low material volume compared to the others.  

Table 7.7.1.1.2-1:  Habitat Configuration Decision Matrix 

Shape Floor Space 
(m2) 

Mass (kg) Material 
Volume (m3) 

Torus 49 1343 34 

Cylinder 49 1436 36 

Dome 43 990 18 

Cylinder Dome 59.5 1036 19 

Ellipsoidal Dome 44 1052 19 

Cylinder 
Ellipsoidal Dome 

59.5 1036 19 



7.7.1.2 Habitat	  Modularity	  Trade	  Study	  (Michael	  Hamilton)	  
 
As with most aspects in the mission design, cost is a critical factor in choosing the best 
permanent lunar structure option. In the preliminary design phase, before specific designs were 
established, the most cost effective lunar habitat configuration had to be determined. Many 
concepts have been developed in the past with varying features and habitat organizations. Most 
of these designs can be grouped into two categories: modular or single structure. The modular 
lunar habitat design concept consists of a number of smaller habitats, usually, but not always, 
mated together to add to a total greater volume. 

There are a few advantages and disadvantages to modular habitats versus a single structure. With 
a modular system, the mass of each unit is less which should result in lower nonrecurring 
development costs upfront and lower production costs per unit. There is additional benefit in 
producing more than one unit because, like most aerospace systems, lunar habitat production is 
expected to follow a traditional aerospace learning curve. This study analyzes if those savings 
cause a modular system to be cheaper over time.  

Although it is difficult to quantify and is not considered in this study, a major disadvantage of 
having multiple habitats connected together is the assembly on the lunar surface. It is already a 
feat to assemble a lunar habitat even if it is inflatable. The payload must be landed on an LPM 
which means unless it stays in place on the lunar lander, it must be removed and placed on the 
lunar surface. This would have to be done for each part of the modular system and would 
become challenging for only two astronauts to complete in a few days. Additionally, the habitats 
should be mated to create the total volume recommended for a four person crew habitation of 
four weeks, so the mating systems would have to be installed as well. If the modular habitat 
orientation was shown to be more economic, the assembly logistical complication would be 
considered in more detail. Fortunately for the design efforts, the results proved that one singular 
habitat was the most economic option. 
Based on NASA specifications provided by the crew systems sub-team, the estimated volume 
needed for a crew of four to live comfortably is approximately 168m3. For the modularity study, 
the options considered were one, two, and four habitats summing to the total of 168m3. The 
study is done using a published cost-estimating relationship for the nonrecurring and first unit 
production costs of a lunar habitat with a crew of 4 people. The model is a function of mass only 
and is used as an initial estimate before final design is completed. !0 represents the nonrecurring 
development cost and !1 indicates the cost for the first unit of production (Arney and Wilhite). 
 !! = 751.64 ∗!^0.1183  

!! = 124.32 ∗!^0.1402  

7.7.1.2-1 

7.7.1.2-2 

   
Both !0 and !! are costs in millions and m is the projected mass in kilograms. The initial mass 
estimates were generated by the structures sub-team for an inflatable habitat and are shown in 
table 7.7.1.2-1. As discussed in section 7.7.1.1.1, the inflatable habitat option is best. 
  



 
Table 7.7.1.2-1: Initial Mass Estimates for Lunar Habitat 

System Bold Column Title (kg) 

Structures (skin, flooring, supports, airlocks) 2992 

Life Support (1 set of consumables included) 3343 

Thermal and Power budget 2000 

Avionics (using an MER2) 250 

Mass Buffer 1000 

Total Mass 9585 

 

Prior to running the analysis, a few assumptions had to be made. These assumptions simplify the 
calculations, but will not alter the results.  Each assumption will be discussed in more detail after 
the list of the assumptions. 
 

Assumptions: 
1. There will be an 82.5% learning curve in place for production 
2. Mating material masses will not be considered 
3. No additional life support systems will be necessary in a modular set up 
4. The masses of modular units will proportional to the volume 
5. The construction of 3 lunar habitats will be considered standard 

 
The assumptions to be discussed are all unbiased or favor modular organizations. The reason the 
study was conducted with many of the assumptions favoring modular system is because it 
required less upfront analysis. If the study showed modular and singular were comparable or if 
modular looked like the better option, more analysis would be done and the study would be 
conducted again. If the singular habitat option appeared more cost effective, which it did, then 
there would be no reason to spend additional time on modular intricacies. 
The first assumption made is well support and standard in the aerospace industry. A learning 
curve of 82.5% is used, but as will be noted in the results, any curve above ~55% could have 
been used before any results changed. The aerospace industry curves have a range, but nothing 
below 80% would be used, so this assumption will not change results. 
Assumptions 2 and 3 have the same logic behind them. Before an initial design is completed, it is 
difficult or inaccurate to predict the masses for some subsystems. A mating system between 
modular habitats would have to be designed before those masses would be known. Excluding the 
mating system mass would favor the mass and development costs of a modular organization 
because it will appear to weigh and cost less. This was noted in advance so if a modular 
organization was the most cost-effective option, the study would be redone with more specific 
mass numbers for the modular options.  



The additional life support systems mentioned might be required because separating a space in 
half or into quadrants leaves the habitat vulnerable for closure of particular areas. If one habitat 
became unavailable and was closed off from the other three or other one as a safety measure, 
there would still have to be life support in the remaining habitats. Because of this, a redundancy 
would be necessary and it could increase the mass required. Again, this would be analyzed in 
more detail should the modular options show economic promise. 

The assumption that the masses would be proportional to the volume incorporates the initial 
estimated mass from table 7.7.1.2-1. If the habitats are split in half, the masses of each would be 
half the mass of one, and the parallel relationship would be true for four. This was done because 
breaking a volume into smaller pieces is more complicated when there are human factors 
involved like how high the ceilings are. This assumption again favors modular organizations 
because the masses would be expected to be higher for a modular habitat than one habitat with 
the same volume because of necessary redundancies, like life support and power, and surface 
area, which has a lesser mass to volume ratio with bigger shapes.  

The final assumption was that the production used in the study will represent what is needed to 
construct three lunar habitats. Given the mission architecture, a lunar habitat will take one 
mission to construct and will be reused. There will always be uncertainty in the number of 
different habitats to be built and how long the program will be funded, so three was chosen as a 
reasonable number. The results for one, two, and three habitats are shown in Figure 7.7.1.2-1. 

 
Figure 7.7.1.2-1: Total cost of producing 1, 2, and 3 assembled modular and singular habitats 

 
Figure 7.7.1.2-1 shows the nonrecurring and production costs associated with building 1, 2, and 
3 habitats in a singular or modular way. The production costs for modular systems are the sum of 
the production costs for the number of units necessary to sum to the total volume required. The 
trend shows that not only is a singular habitat design more economical, but it is even more cost 
effective when additional habitats are built.  This occurs because both the nonrecurring and 
production cost models do not predict great increases in cost with additional mass after a certain 
point. This “plateau” causes the production costs of 2-4 smaller units to be larger than the 
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production costs of 1 and this outweighs the savings in development cost of smaller units. The 
final step in determining cost effectiveness was to rerun results with updated mass numbers. 
After the initial results were determined design started with a singular unit and new mass 
estimates were calculated, shown in Table 7.7.1.2-2. 

Table 7.7.1.2-2: Updated Mass Estimates for Lunar Habitat 

System Mass (kg) 

Structures 2601 

Avionics 250 

Life Support (without consumables) 2289.9 

Thermal/Power 486 

Total Mass 5626.9 

Again, after determining updated mass estimates, the results were the same and it was confirmed 
that a singular habitat would be the most costs effective. Figure 7.7.1.2-2 shows the final results, 
which parallel Figure 7.7.1.2-1, but they are less expensive because of the reduced mass. 

 

 
Figure 7.7.1.2-2 Updated Cost Estimations 

7.7.2 Structures	  Design	  

7.7.2.1 Habitat	  Skin	  	  

7.7.2.1.1 Habitat	  Skin	  Layers	  Selection	  (Dennis	  Sanchez)	  	  
When designing an inflatable habitat, the material of the skin must be able to protect the 
structure and habitants from the harsh conditions of space and the lunar environment. While on 
the moon surface, the habitat will encounter radiation, fluctuation temperatures, and possible 
meteoroids. To protect the crew from these hazards, the inflatable skin of the habitat will consist 
of multiple layers to accommodate these dangers. 
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With the average mass density of 0.5 g/cm3 and mean speed of approximately 30 km/s, 
meteoroids pose a severe hazard to the crew on the lunar surface. (Rais-Rohani, 9) A Whipple 
shield is a conventional solution for providing protection from meteoroid impacts. Using 
Hypervelocity Impact (HVI) testing, NASA scientist showed that Stuffed Whipple shield using 
Nextel/Kevlar material significantly offers the best protection. The Nextel material is very 
effective at shocking and disrupting fragments of projectiles and Kevlar provides superior 
capability to slow the expansion speed of debris. (3M) Nextel/Kevlar Whipple shield will be the 
outer most layer of the inflatable habitat. 

Due to lengthy lunar day and thin atmosphere, the temperature on the moon greatly varies. 
Temperatures of the lunar surface can change rapidly between day and night from 373 K to 120 
K. (Ruess, 135) Multi-layer insulation (MLI) is a main material for spacecraft thermal design and 
will be used to help keep the temperature inside the habitat constant. MLI is composed of 
multiple layers of thin sheets. The interior layers are made of double aluminized polyimide 
(DAP) to minimize heat transfer through them and separated by polyester or Dacron netting to 
minimize conductive heat transfer between them. (Rais-Rohani, 17) 
Finally the membrane fabric for the bladder/restraint and interior layers will be Kevlar. 
Membrane fabrics are fibers weaved into a canvas and then finished with coating. Most 
commonly used fibers in construction are Kevlar, nylon, and polyester. Kevlar is most suitable 
for lunar applications since it has the highest strength coalesced with low self-weight. (Ruess, 
136)  

 
Figure 7.7.2.1.1-1: Habitat Inflatable Skin 
 

7.7.2.1.2 Skin	  Design	  (Stephanie	  Bilyk)	  
The lunar habitat skin was designed for an internal pressure of 65.6 KPa.  Although the pressure 
bladder layer’s purpose is to handle the pressure load, each layer of the skin was also designed to 
take the pressure load for redundancy purposes.  The skin layer thicknesses were calculated for a 
pressure vessel with hoop stress with a safety factor of 4, the required safety factor for 
inflatables.  An example calculation for one of the skin layers is shown in equation 7.7.2.1.2-1. 
 

 
!"#$$%"#  !"#$$%&  !ℎ!"#$%&& =   

!×!×!"#$%&  !"#$%&
!"#$%  !"#$%&"ℎ = .25  !! 

7.7.2.1.2-1 

 

Open foam spacing is added between the layers, resulting in a total skin thickness of about 13 
centimeters.  Modeling the habitat skin as a pressure vessel with an internal pressure of 65.6 KPa 
and yield strengths of up to 3600 MPa for some layers (Kevlar), results in a maximum skin stress 
of 12.8 MPa, as seen in Figure 7.7.2.1.2-1.  The lunar habitat skin therefore has a margin of 
safety of 69.3 and mass of 807 kg. 



 
Figure 7.7.2.1.2-1: Habitat Skin Stress Plot 
 

 
!"#$%&  !"  !"#$%& =

!"#$%&'  !"#$%%
!"#$%&  !"#$%%×!"#$%&  !"#$%& − 1

= 69.3 

7.7.2.1.2-1 

 

7.7.2.2 Internal	  Rigid	  Structure	  (Stephanie	  Bilyk)	  
The internal rigid structure consists of a hollow central column with a smooth dome top and 
floors attached that unfold after inflation.  The second floor will be accessible by a ladder inside 
the hollow column with rounded entryways on both the bottom and top levels.  The rigid 
structure’s components were each designed for the worst case loading of all internal loads 
imposed on the structure.  
Table 7.7.2.2-1: Internal Habitat Loads 

 Load (kN) 

2nd Floor 16 

Crew Systems 59 

Skin 15 

Astronauts 4 

Total 94 

 



 
Figure 7.7.2.2.1-1: Internal Rigid Structure 

7.7.2.2.1 Central	  Column	  
A hollow central column in the lunar habitat is not only very structurally sound; it is 
advantageous for packing as well.  The central column will be packaged inside the inflatable 
skin, with additional storage for crew systems and other structural components inside it. The 
column has a smooth dome top that will decrease stress concentrations and provide a compatible 
surface for the skin to attach to without the risk of puncturing.  Its diameter was chosen based off 
of the surrounding space required for the inflatable skin and airlocks to fit in the fairing.  The 
fairing is 6 meters in diameter with a height of 7 meters.  The lunar habitat skin’s material 
volume is 16 cubic meters.  With an estimated packing ratio of 6:1 (for every 1 cubic centimeter 
of material there are 5 cubic centimeters of air pockets), the skin packing volume is about 96 
cubic meters. The airlocks, with packing volume of about 3 cubic meters each, are estimated to 
take up an additional .12 meters of radius outside the habitat skin as well.  Leaving an 
uncertainty of 1 meter extra space in both the horizontal and vertical directions, the radius of the 
column was calculated assuming the total package should fit inside a 5 meter diameter by 6 
meter high cylinder.  Using these estimations, the radius of the column should be about .5 
meters.  
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The hollow column was designed for failure due to buckling.  The column was designed with a 
safety factor of 1.5 with Aluminum 6061-T6.  The total height of the column equals the total 
height of the habitat, which is about 5.65 meters.  The column is assessed as fixed at the bottom 
but free at the top. The inner diameter was varied to achieve a desirable margin of safety without 



letting the thickness get too small.  A final thickness of 1 millimeter was chosen, which gives a 
margin of safety of 2.25. 
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7.7.2.2.2 	  

7.7.2.2.3 Floor	  

7.7.2.2.3.1 Floor	  Design	  Choice	  
Many different designs were considered for the floor structure of the habitat, including inflatable 
materials, tension cables, rigid hexagonal plates, and rigid unfolding triangular panels.  The 
unfolding triangular panels were chosen as the best option because of their design simplicity and 
the reliability of a rigid material.  Inflatable materials are not feasible for a floor because they 
have a high risk of getting punctured, while tension cables and hexagon plates are unfamiliar and 
more complex design concepts.   

The floor is designed to have six unfolding panels made of Aluminum 6061-T6.  Each panel has 
4 hinges for it to fold in on itself and then up against the central column for packing.  The floor 
will then unfold from the central column after the habitat skin is inflated.  
 

  
Figure7.7.2.2.2.1-1: Floor Panels Unfolding  Figure 7.7.2.2.2.1-2: Floor Panels Folded 

 



 
Figure7.7.2.2.2.2.1-3: Floor Unfolding Process 

7.7.2.2.3.2 Floor	  Sizing	  
The second floor was designed for the internal loads in Table 7.7.2.2-1, with a safety factor of 
1.5.  Analysis was performed in Solidworks by modeling the second floor as fixed to the second 
floor support structure and hinged to the central column.  The thickness of the floor was varied 
within the limitations allowed by Solidworks in order to reach the desired safety factor.  With a 
thickness of 1 centimeter, the floor experiences a maximum stress of 62 MPa and achieves a 
margin of safety of 1.97. Each floor panel has a mass of 160 kg for the second floor.  The first 
floor’s thickness is half of the second floor, and therefore each first floor panel has a mass of 80 
kg. 

 



Figure 7.7.2.2.2.2-1: Floor Stress Plot 
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7.7.2.2.4 Second	  Floor	  Support	  Structure	  
The second floor support structure is designed to attach underneath the floor structure and uphold 
all of the loads included in Table 7.7.2.2-1.  The structure consists of six vertical columns, 2.2 
meters tall and spaced 60o apart where each floor panel’s corner meets its neighboring panel’s 
corner.  These columns are connected to 6 horizontal 3.45 meter-long beams that are attached to 
the bottom of each floor panel, creating a hexagonal support system as seen in figure7.7.2.2.3-1.  

 
Figure 7.7.2.2.3-1: Second Floor Support Structure 
The sizing of the six vertical columns was determined by buckling if all other members failed.  
Each support is designed with a safety factor of 1.5 with Aluminum 6061-T6.  The supports are 
fixed at both ends.  The thickness was varied to find a desirable margin of safety.  Assuming a 
thickness of about 5 millimeters gives an outer radius of 3.5 centimeters and a margin of safety 
of .1695.  
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7.7.2.3 Airlocks	  (Stephanie	  Bilyk)	  

7.7.2.3.1 Airlock	  Design	  Selection	  

7.7.2.3.1.1 Airlock	  vs.	  Suit-‐lock	  	  
A trade study was done to determine whether an airlock or suit-lock was a better design choice 
for this habitat system.  An airlock is an independent pressure vessel with one hatch to the 
outside and the other to the habitat.  A suit-lock shares a pressure bulkhead with the habitat, 
allowing rear-entry suits to remain on the lunar dusty side while the crew enters or exits the 
habitat.  Ultimately the airlock was chosen over the suit-lock because it has lower mass, fewer 
leak paths, is simpler to operate for crew and cargo translation, and can be designed and 
transported separately from the habitat if needed (Griffin).  The trade study, which assumes a 
two-person airlock or suit-lock, is displayed in the table below. 

Table 7.7.2.3.1.1-1: Airlock vs. Suit-lock trade study (Griffin) 

Feature Airlock Suit-lock 

 

Layout 

Separate vessel from habitat 
with two opposing hatches 

Integrated in habitat design, 
with entry hatch and two 
backpack hatches  

Volume 4.25 m 4.25 m 

Mass 510 kg 593 kg 

Seals 9.3 m of seal 13.7 m of seal 

Dust Control  Suit is brought into habitat 
volume 

Suit is left in the suit-lock 

 

7.7.2.3.1.2 Two	  Person	  Airlock	  vs.	  Four	  Person	  Airlock	  	  
Dual two-person airlocks were chosen for the habitat over having one four-person airlock mainly 
because of redundancy and emergency purposes.  Also, if there is future expansion, it will be 
beneficial to have one airlock connect to a second habitat while the other remains an inlet from 
the lunar atmosphere into the first habitat.  Smaller two-person airlocks are also less massive, 
package better, and require less air pumping (Griffin).  



7.7.2.3.1.3 Rigid	  vs.	  Inflatable	  Airlock	  	  
Rigid and inflatable airlocks were both considered in the airlock design process.  Inflatable 
airlocks require extra designing since the airlock must remain inflated during pressure loss.  
However, rigid airlocks are less favorable because they require more packing space.  An 
inflatable airlock was selected over a rigid airlock for packing purposes. 

7.7.2.3.2 Airlock	  Design	  

 
Figure7.7.2.3.2-1: Inflatable Airlock  

7.7.2.3.2.1 Airlock	  Inflatable	  Skin	  
The airlock is sized based on the standard volume of 4.25 m3 for lunar airlocks (Griffin).  This 
volume gives enough space for astronauts to get into and out of their extravehicular activity suits 
comfortably.  A vertical cylinder with elliptical end domes is the typical shape for a lunar airlock 
(Griffin).  The elliptical end domes reduce stress concentrations in the cylinder/end-cap 
transitions.  The dimensions were determined based on the EVA suit dimensions for the ILC 
Dover Third Generation Suit.  For two astronauts to fit comfortably with their EVA suits on, the 
cylinder radius must be at least .8 meters with a height of 2 meters and elliptical end dome height 
of .2 meters.  

 



Figure 7.7.2.3.2.1-1: Approximate EVA Suit Dimensions 
The same inflatable materials that were used for the habitat skin were used for the airlock.  
However, the spacing was cut in half because the airlock is a much smaller volume.  The overall 
thickness for the airlock skin is approximately 6.5 centimeters.  The airlock was designed for an 
internal pressure of 65.5 KPa with a safety factor of 4.  The maximum stress due to the design 
load is 190 MPa.  The airlock’s margin of safety is 3.74 with a total mass of 130 kg per airlock.  

 
Figure 7.7.2.3.2.1-2: Airlock Stress Plot  
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7.7.2.3.2.2 Airlock	  Internal	  Inflatable	  Structure	  
Since the airlock is inflatable, it must have a means to uphold structure when pressure is lost.  A 
separate inflatable structure was designed to stay inflated and keep the airlock upright at all 
times.  Based loosely on the UMD Habitat Demonstration Unit concept, the inner inflatable 
structure will resemble a cylindrical cage, as seen in Figure 7.7.2.3.2.2-1.  The structure is 1.6 
meters in diameter with a height of 2 meters.  The skin of the structure is only one millimeter 
thick and made of Kevlar with a total mass of 20 kg. 



 
Figure 7.7.2.3.2.2-1: Airlock Internal Inflatable Structure 

7.7.2.4 Radiation	  Shielding	  (Tim	  Russell)	  
The lunar habitat has a layer of high-density polyethylene as part of its radiation shielding 
system. This layer is 1.6 mm thick which corresponds to a shielding depth of 0.16 g/cm2. Using 
data collected by Cucinotta, Kim and Chappell (2012), the following regressions can be found 
for daily GCR dosage with polyethylene shielding. 

 
Figure 7.7.2.4-1: Plot of Daily GCR Dosage vs. Shielding Depth 

In the worst case scenario, over a 28 day mission the crew would be exposed to 6.24 rem from 
GCR radiation alone. 

In order to protect the crew from large SPEs a radiation fallout chamber will be installed in the 
habitat. Normally used as stowage for CTBs, the chamber can be emptied and the crew can lay in 
there during the duration of the storm. The chamber was developed to be comfortably large as 
per the following equation 
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For tolerable-level comfort, A in the above equation is set to 5. Duration, t in the above equation, 
is assumed to be 2 days. Plugging these values in, the necessary volume needed for each crew 
member is 0.476 m3. Assuming the chamber is 2 m in length and equal size in both width and 
height, this means that the each crew member gets a 2 m x 0.5 m x 0.5 m space. Setting four of 
these side-by-side, the chamber becomes 2 m x 2 m x 0.5 m, with a total surface area of 16 m2. 
The large SPE that occurred in 1989 is often used as a worst case scenario in terms of SPEs due 
to its large size and the amount of data collected about it. Campbell and Harris (1992) collected 
the following data on polyethylene shielding and the resultant dosage for a storm of the same 
intensity as the 1989 storm. 
Table 7.7.2.4-1: Dosage levels for the 1989 SPE with various polyethylene shielding depths 

Depth (g/cm2) Dosage (rem) 

1 280 

2 215 

4 118 

10 50 

25 13 

50 3.2 

 

Using an exponential regression from the above data (R2 = 0.9427), it is calculated that the crew 
will receive a dosage of 40 rem for a shielding depth of 17.8 g/cm2. For this depth and surface 
area, the mass of the radiation fallout chamber is 1780 kg with a thickness of 6.6 cm. The 
resulting dosage level falls well below the 10 year dosage limits imposed by NASA. 

 

7.7.2.5 Structural	  Overview	  
The lunar habitat is a hybrid inflatable and rigid structure.  It has a central rigid column with 
unfolding rigid floors that is surrounded by and packaged inside of inflated layered skin.  Two 
airlocks are attached to the habitat for entry into and out of the habitat.  

  
Table 7.7.2.5-1: Margin of Safety and Mass of Habitat Structures  

 Margin of Safety Mass (kg) 

Habitat Skin 69.3 807 

Central Column 6.3 24 

Floors 1.968 1440 

Second Floor Support Structure .167 60 

Airlocks 11.63 270 

TOTAL - 2601 



7.7.3 Life	  Support	  and	  Human	  Factors	  Design	  

7.7.3.1 Atmosphere	  Design	  (Dylan	  Carter)	  

7.7.3.1.1 Restrictions	  on	  the	  Design	  Region	  
 

Inflation	  of	  the	  Habitat	  
As an inflatable structure, the Lunar Habitat’s structural design is tied to the internal pressure. 
The structure will be designed to support the skin in the event of full depressurization, so internal 
pressure is not required to maintain the shape of the Lunar Habitat. Therefore, internal pressure 
creates additional stress on the skin, and must therefore be kept relatively low. Because the skin 
is capable of handling the pressure, this is not a critical design point, but is a consideration that 
will be taken into account when selecting an atmosphere design. 

Limits	  on	  the	  Human	  Respiratory	  System	  

As with any artificial atmosphere, the risks of hypoxia and oxygen toxicity drive the allowable 
partial pressure of O2. According to Figure 7.2.2.1.1-1, the partial pressure of O2 for a mission 
of longer than 14 days must fall in the range of 2.5 psi ≤ PO2 ≤ 3.4 psi. It is also important to note 
that for PO2 ≤ 2.7 psi, the crew will experience measurable losses in performance capability for 
the first three days of operation. 
As with the Crew Module, a 28-35 day stay in the Lunar Habitat constitutes a long-duration 
mission, and therefore the atmosphere must contain a high concentration of inert gas like N2 
(STD-3001 V2, 2011). This is also desirable for comfort purposes, as a means of simulating 
Earth’s atmosphere during the long lunar stay. 

Decompression	  Sickness	  

Due to the relatively long duration of Lunar Habitat stays, pre-breathe time for EVA is of 
significantly less concern than on the Crew Module or the OLV. Therefore, atmospheres may be 
chosen from a broader range of pressures and compositions. When selecting an atmosphere from 
with the design region, pre-breathe time for an R-value of R ≤ 1.4 will be calculated using 
Equation 7.1.2.5.1-2 and used to compare potential atmosphere designs, but this will not be a 
main factor in driving the design. 

Flammability	  Risk	  

The Lunar Habitat is subject to the same flammability requirements as the Crew Module and 
OLV. However, the dangers of flammability are significant due to the nature of the internal 
components. For example, the 4BMS system selected for removal of CO2 (Section 7.7.3.4.1) 
operates at a high temperature (up to 400o C) and runs continuously. Furthermore, although the 
Lunar Habitat is designed to support full depressurization, and the inner layer is made from 
Kevlar, which has a high resistance to heat, it is ideal that we prevent sudden depressurization, as 
other components or equipment may be damaged by the deflating skin. Unlike the Crew Module 
and OLV, the Habitat is not able to rapidly depressurize as a safety measure in the event of a 
large fire. Therefore, we will not consider an atmosphere of QO2 > 30%. 

7.7.3.1.2 Atmosphere	  Selection	  
 



Safe	  Design	  Region	   	  

The design region for the Lunar Habitat is similar to that of the CM, though it is not rigidly 
constrained by pre-breathe time. For an overview of this design region, refer to Figure 7.1.2.5.2-
1. In the interest of reducing the total pressure and N2 concentration for both skin stress 
reduction and EVA time, we will tend toward the right side of this region. However, for such a 
long mission, it is important that the atmosphere approximate that of Earth, for increased comfort 
and performance. Therefore, we will tend toward the curve of unaffected performance (where 
PO2 = 3 psi). 

Analysis	  and	  Design	  of	  Atmosphere	  

As described above, there are multiple reasons why a relatively low total pressure is desirable; 
therefore, the chosen design will better suit our needs if it is normoxic or slightly hypoxic (2.5 
psi < PO2 ≤ 3 psi) rather than hyperoxic. For even the lowest allowed concentration of N2 (QN2 ≥ 
0.7), a normoxic environment has total pressure P = 10.0 psi and PN2 = 7.0 psi, requiring a time 
of t = 78 minutes to reduce the risk of DCS to an acceptable limit. To reduce both this time and 
the overall stress on the habitat skin, we will reduce the total pressure to P = 9.5 psi at a 
concentration of QO2 = 0.3 and QN2 = 0.7. Furthermore, we will allot a full t ≥ 60 minutes to 
nominal pre-breathe time; this will allow the crew to reduce the tissue R-value on donning their 
suits to R = 1.38. 
An analysis of the safety metrics used is provided below. 

Table 7.7.3.1.2-1: Analysis of Safety Metrics in 9.5 psi, 30% O2 Lunar Habitat Atmosphere 

 Metric Value Result and Acceptability 

Partial Pressure of O2 PO2 = 2.85 Slightly hypoxic, but well within limits for 
indefinite stay with no loss of performance 

Decompression Sickness R = 1.38 Acceptable by NASA safety standards 

Flammability Risk QO2 = 0.3 Maximum safe value by NASA standards 

 

7.7.3.2 Internal	  Cabin	  Sizing	  (Dylan	  Carter)	  
Due to the variable nature of missions operating out of the habitat, adequate sizing of the habitat 
cannot be done by analyzing human dimensions. Therefore, the habitat size is driven mainly by 
mission objectives, and is designed according to structural and mission requirements. 
The two-deck system was chosen to ensure that usable space is not wasted. This system provides 
two decks of height 2.2 m (enough clearance for the 95th percentile male, as outlined in Section 
7.1.2.4.1), with circular deck diameters of 6.9 m and 5.31 m. This produces a total of 131.0 m3 of 
living space. While much of this is occupied by supplies and equipment, even conservative 
estimates of the available volume far surpass the necessary comfort requirements (A = 39.6 for 
the Celentano curve volume estimate using Equation 7.1.2.4.2-1, doubling the value for optimal 
size).  



7.7.3.3 Oxygen	  and	  Nitrogen	  Supply	  (Dylan	  Carter)	  

7.7.3.3.1 Requirements	  for	  Atmosphere	  Supply	  
The Lunar Habitat, though significantly larger and operating for longer than either the Crew 
Module or the OLV, is subject to the same potential sources of atmosphere loss which must be 
accounted for. A thorough analysis of these losses is performed below. 

Cabin	  Atmosphere	  

The lower deck of the Lunar Habitat is a cylinder of diameter 6.9 m, with a height of 2.2 m; the 
upper deck is a hemisphere of equal diameter. In addition, the airlock is cylindrical with diameter 
1.6 m and height 2.4 m, with 0.2 m elliptical end caps. This provides a total pressurized volume 
of 172.5 m3. Due to the flexibility of the skin and the large volume of internal components, this 
volume will vary dramatically over the course of the mission, but we will assume a volume of V 
= 172.5 m3 for estimating the mass of the atmosphere. Applying the design pressure of P = 9.5 
psi with QO2 = 0.3 and QN2 = 0.7, with temperature T = 72o F, we can use the ideal gas law to 
estimate the mass (Equations 7.1.2.5.1-1 and 7.1.2.5.1-2). 

This gives ambient cabin masses of Mcab,O2 = 44.17 kg and Mcab,N2 = 90.19 kg.  

Decompression	  for	  EVA	  

Missions out of the Lunar Habitat involve far more EVAs than those in the CM or OLV. Because 
the habitat is intended to support a variety of missions, the exact number of EVAs will change. 
Given that the airlock can hold only two suited crew members, we will assume an average of one 
EVA per day of nominal habitation. Therefore, we will assume a total of 28 EVAs. 
The airlock significantly reduces the amount of air lost during EVA, as full depressurization of 
the Lunar Habitat is not feasible. Assuming the atmosphere is equally distributed in the full 
172.5 m3 volume, the 4.25 m3 airlock contains Mlock,O2 = 1.09 kg and Mlock,N2 = 2.22 kg. Over the 
full 28 EVAs, this leads to total atmospheric losses of Mdepress,O2 = 30.47 kg and Mdepress,N2 = 
62.22 kg.  

Habitat	  Leakage	  
As with the Crew Module and OLV, it can be assumed that the Habitat is designed to minimize 
atmospheric leakage as much as possible. Therefore we will continue to assume that leakage is 
limited to 1% of the total atmosphere per day. Applied over the entire 35 day duration, and using 
the known cabin masses Mcab, we find that leakage accounts for masses Mleak,O2 = 15.46 kg and 
Mleak,N2 = 31.57 kg. 

Crew	  Consumption	  
As with the other crewed vehicles, crew consumption of O2 can be calculated using metabolic 
requirements of the 95th percentile male. For 1.11 kg/person-day of O2 consumption by four 
crew members over 35 days, O2 consumption comes to a total of Mcons,O2 = 155.4 kg. 

Mass	  Totals	  
To account for increased metabolic consumption of O2 during high-intensity EVA operations, 
and for variations in leakage estimates, we will again include a 30% margin in O2 supplies. 
Using Equation 7.1.2.5.1-6 to calculate the nominal mass values (not including boil-off for 



cryogenics) for O2 and N2, we find that the masses are Mnom,O2 = 319.15 kg and Mnom,N2 = 183.98 
kg.  

7.7.3.3.2 Storage	  of	  Cryogenics	  for	  Atmosphere	  Supply	  
Due to the advantages of cryogenics over pressurized storage and other methods of production, 
as outlined in the Crew Module analysis (Section 7.1.2.5.2), the habitat will store both O2 and 
N2 in cryogenic tanks. 

Boil	  Off	  of	  Cryogenics	  
The boil-off rate of cryogenics at standard Earth storage conditions can be estimated at about 
1.5% by volume per day (Taylor-Wharton). Because the tanks will be stored in the heated 
habitat, we will assume that the liquids boil off at this rate. Therefore, by Equation 7.1.2.5.2-1 
and the nominal mass values found above, we see that the mass required to account for this is 
Mboil,O2 = 222.51 kg and Mboil,N2 = 128.27 kg. 

Now, this is a significant source of loss; however, because the tanks are stored in the habitat, the 
liquid leaks directly into the atmosphere. If the maximum boil-off is less than the average daily 
loss from other sources, we will not need to add the boil-off mass to the additional mass 
required. 

Assuming only the nominal mass is brought, boil-off on the first day (when boil off is largest) is 
4.78 kg O2 and 2.76 kg N2. Assuming 1% of the atmosphere leaks on this day, one EVA is 
performed, and the full 4.44 kg O2 is consumed by the crew, we find that leakage accounts for 
5.97 kg O2 and 3.12 kg N2. Therefore, boil off from the tanks actually serves to partially 
resupply the habitat, rather than waste consumables. 
Therefore, we will NOT add this total to the mass loss. The pressure and concentration detectors 
will simply monitor the atmosphere and resupply it as needed, beyond what is supplied by boil-
off. 

Cryogenic	  Tanks	  
In the Lunar Habitat, cryogenic tank size is not constrained by vehicle dimensions as in the CM 
and OLV. However, in the interest of meeting requirements for multiple-point failure tolerance, 
we will break the required volume into multiple tanks. The volume of liquid is 279.71 L of O2 
and 227.98 L of N2. We will separate this liquid into four tanks of O2 and three tanks of N2; 
thus the volume per tank becomes VO2 = 69.93 L and VN2 = 75.99 L. 

We will continue to use the mass and thickness fits outlined in Figure 7.1.2.5.2-1. For tanks of 
this size, we see that each tank requires a thickness tO2 = 7.7 cm and tN2 = 8.1 cm, with masses 
Mtank,O2 = 25.21 kg and Mtank,N2 = 27.22 kg. If we assume a ratio of tank height to outer diameter 
of 2:1, with uniform thickness, we can calculate the tank heights using equation 7.1.2.5.2-2.  

Therefore, the four O2 tanks will be cylindrical with an internal capacity of 69.9 L and dry mass 
25.2 kg, with total height 96.7 cm and diameter 48.4 cm. The three N2 tanks will have an 
internal capacity of 76.0 L and dry mass 27.2 kg, with total height 100.4 cm and diameter 50.2 
cm. 

7.7.3.3.3 O2	  and	  N2	  Systems	  Summary	  
The table below lists the masses of each source of O2 and N2, and the tank mass required. 

Figure 7.7.3.3.3-1: Mass of Supplies and Tanks for O2 and N2 Habitat Resupply System 



 O2 System Mass (kg) N2 System Mass (kg) 

Ambient Atmosphere 44.17 90.19 

Repressurization 30.47 62.22 

Leakage 15.46 31.57 

Crew Consumption 155.40 0 

30% Margin 73.65 0 

Tanks 25.2 x 4 27.2 x 3 

TOTAL 419.95 265.58 

 

7.7.3.4 Air	  Revitalization	  Systems	  (Kevin	  Lee)	  

7.7.3.4.1 CO2	  Scrubbing	  System:	  4-‐Bed	  Molecular	  Sieve	  (4-‐BMS)	  
The Lunar Habitat presents a much longer duration mission than the CM and OLV but contains 
four people. The most viable scrubbing systems were compared for various mission durations in 
mass and power. 

 
Figure 7.7.3.4.1-1: LHab Mass and Power Comparisons of CO2 Scrubbing (Akin, 2012) 
As previously mentioned, the 2-Bed Molecular Sieve (2-BMS) simultaneously filters out water 
which affects CO2 adsorption. Loss of water is expected to be very high over the month-long 
inhabitation. (El Sherif, 1998) The habitat will be using solar cells for power which do not 
generate the water that fuel cells do. Solid Amine Water Desorption (SAWD) has never been 
flight-tested in space but is attractive if breakthroughs are made with regeneration. (Satyapal, 
2001) 
Although the power requirement is high, the 4-Bed Molecular Sieve (4-BMS) was selected as 
our system. Its mass is significantly less than Lithium Hydroxide and it does not require any 
resupply cost if we choose to return to the Lunar Habitat. In theory, when power is returned to 
the Lunar Habitat the 4-BMS can continue to function normally even after a period of inactivity. 
4-BMS systems have also been used extensively on the ISS so it will not be difficult to adapt to 
the Lunar Habitat. (Perry, 2002) 
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In 4-BMS, there are two desiccant beds and two sorbent beds. Air from the cabin first enters the 
adsorbing desiccant bed that filters out water vapor. The dry air then enters the adsorbing sorbent 
bed that filters out the Carbon Dioxide. The dry purified air then enters the desorbing desiccant 
bed that returns water vapor to the air. The humidified carbon dioxide-free air is then returned to 
the cabin. At the same time the desorbing sorbent bed is heated to 350-400○C and desorbs the 
Carbon Dioxide it contains to vacuum. When either the desiccant or sorbent beds are full then 
valves switch the path of the air and each adsorbing bed in the previous cycle becomes a 
desorbing bed (and vice-versa). (Perry, 2002) 

 
Figure 7.7.3.4.1-2: Schematic of 4-Bed Molecular Sieve  
Sizing estimates were taken from Dr. Akin’s lectures and adjusted to the 95th percentile male. [1] 
The mass, volume, and power usage is 158.4 kg, 0.581 m3, and 900W. Note that the 4-BMS is 
sized to the 95th percentile male; it would not be difficult to run the system at lower power for the 
appropriate needs of the crew. (Typical exhalation of CO2 has been estimated at about 1 
kg/(crew-day) rather than the 1.32 of a 95th percentile male.(Akin, 2012)) 

7.7.3.4.2 Trace	  Contaminant	  Control	  (TCC)	  
 

Gaseous	  Contaminant	  Control	  (GCC):	  TCCS	  Subassembly	  ISS	  
The identification of key trace contaminants done for the CM and OLV does not show valuable 
information for the long duration LHab. The concentration of many contaminants exceed 
SMAC’s, showing that we need a TCCS that can capture and oxidize a wide range of trace 
contaminants. Additionally, there will be significantly more research being done within the LHab 
adding the possibility of release of exotic compounds.  

At first, using a fixed charcoal bed and an ATCO was considered. A fixed charcoal bed removes 
many high molecular weight contaminants and volatile organic compounds. ATCO oxidizes 
carbon monoxide and formaldehyde. However, many small molecular weight volatile gases, such 
as methane and hydrogen, would pass through both components. (Perry, 1998) 

Because of the need to remove a wide range of contaminants a system containing a fixed 
charcoal bed and catalytic oxidizer assembly was selected. Although the catalytic oxidizer uses 
power, it removes many types of low molecular weight gaseous contaminants by increasing 



temperature. Because of the difficulty in sizing the individual parts of the TCCS subassembly the 
LHab will use the same TCCS that is currently used aboard the ISS. This will also remove the 
need for the extensive testing that is required of TCC systems.  
 

 
Figure 7.7.3.4.2-1: Simplified Schematic of TCCS aboard ISS. From Source (Perry, 2002) 

 
The mass, volume, and power of the TCCS subassembly is 63.63 kg, 0.1 m3 and 120W. (Perry, 
1990) 

Particulate	  Control	  System	  (PCS)	  

The PCS on the LHab will include many of the same items as the CM and OLV but adjusted for 
the longer mission duration and four crew members. It is also worthy to note that the presence of 
two airlocks will likely reduce the dust in the LHab, especially if suits are able to be kept in that 
area.  

Table 7.7.3.4.2-1: Dust Management for LHab 

Item Mass Volume 

Air Filters 18 0.052 

Respirators 2.99 0.008 

Wet Wipes 2.4 0.0096 

Brushes 0.8 0.0012 

Goggles  0.46 0.011 

Total 24.65 0.082 

 



7.7.3.5 Water	  Subsystem	  (James	  Black)	  

7.7.3.5.1 Water	  System	  Trade	  Studies	  
In order to support the 4 person crew in the lunar habitat for 35 days including contingency, a 
trade study was performed to determine the most mass optimized water system.  The total 
regenerative system mass included the water tanks, the reverse osmosis apparatus, the 
multifiltration device, the VCD, and the dehumidifier. The non-regenerative system included 
only the water tanks and the dehumidifier.  As can be seen in figure, the regenerative system was 
mass optimized and therefore chosen for the system design.  

 
Figure 7.7.3.5.1-1: Lunar Habitat Water Trade Study 

7.7.3.5.2 Water	  System	  Summary	  
A Vapor Compression Distillation System similar to that in the crew module will be used to, but 
sized to support 4 crew members.  Since fuel cells will not be providing power for the habitat, all 
of the water used for the crew will need to be brought along or regenerated.  With 4 crew 
members, the total water consumed per day with margin will be 33.8 kilograms.  A VCD system 
that is designed to regenerate all of this water with 80% efficiency will be 101 kilograms.  The 
water tanks needed to provide the additional water will be 237 kilograms.  Waste water tanks 
will not be needed for the habitat since it is on the moon, and waste water can be dumped 
directly outside the habitat. 
  

Regenerative 
System Design 
Point 

Open Loop 
System Design 
Point 



 
Table 7.7.3.5.2-1. Mass, power, volume for lunar habitat water life support system 

 Mass (kg) Power (W) Volume (m^3) 

VCD 101 100 0.45 

Multifiltration device 30 40 0.038 

Dehumidifier 10 68 0.02 

Reverse Osmosis  4 20 0.005 

Tanks 16 0 .04 

Water 190 0 .190 

Total 351 228 .743 

 

7.7.3.6 Human	  Factors	  (Leah	  Krombach)	  
The astronauts in the Lunar Habitat will also be wearing the ILC Dover 3rd Generation I-Suit 
because each astronaut can get into his suit without any assistance and there is increased physical 
flexibility during EVA’s when the astronauts build the habitat. 

The lunar habitat will be equipped with the same fire detection and suppression systems as the 
CM and OLV.  

The same CHeCS as in the Crew Module will be included to monitor environment and crew 
health with a few extra components. The Health Maintenance System will include the Crew 
Medical Restraint System, which is a rigid platform used to transport ill astronauts. It has a mass 
of 18 kg and a volume of 0.03 m3. On the surface of the lunar habitat, there will be an 
Extravehicular Charged Particle Directional Spectrometer which is included in the 
Environmental Health System and has a mass of 33.11 kg and a volume of 0.1 m3 to monitor 
radiation hitting the surface of the habitat on the moon. The CHeCS for the lunar habitat has a 
total mass of 276 kg and a total volume of 0.7 m3. This does not include the resupply mass and 
volume for the lunar habitat. 
The lunar habitat will be equipped with lightweight couches and bed for the astronauts with 
restraints due to microgravity. 

7.7.3.7 Resupply	  of	  Habitat	  Consumables	  (Dylan	  Carter)	  
Each use of the Lunar Habitat will deplete a significant amount of the stored consumables.  
Therefore, each return to the Habitat will require a resupply of all previously consumed 
resources, as well as replacing any boiled-off cryogenics or components damaged by radiation or 
long exposure to the harsh lunar environment.  

The table below provides a breakdown of the resupply masses for life support systems. The mass 
was calculated in two parts. The maximum resupply, and the packaging and tank mass required 
to transport it, was calculated assuming that all consumables are lost during the mission and must 
be replaced. The nominal resupply was calculated under realistic expectations, e.g. no 
contingency stay, and no extra margin used. 



Table 7.7.3.7-1: Masses (kg) of Habitat Resupply Components 

Item 
Maximum 
Resupply 

Maximum 
Packaging 

Nominal 
Resupply 

Nominal 
Packaging 

Cryogenic O2 211.2 100.8 211.2 100.8 

Cryogenic N2 184.0 81.6 184.0 81.6 

Dust Control 23.4 0 23.5 0 

Water 190.0 20.0 140.0 15.0 

Food 115.0 0 115.0 0 

Waste Management Supplies 29.6 0 29.6 0 

Hygiene 5.5 0 5.5 0 

Clothing 41.8 0 41.8 0 

Medical Supplies 7.4 0 0 0 

Compound-Specific Analyzers 6.3 0 0 0 

Total 814.2 202.4 750.6 197.4 

 

7.7.3.8 Life	  Support	  and	  Human	  Factors	  Overview	  (Michael	  Hamilton)	  
 

7.7.4 	  

Power	  Systems	  (Brendan	  Smyth)	  

7.7.4.1 Power	  Requirements	  
The Lunar Habitat will serve as the home base for the astronauts on the surface of the moon. It 
will be where they eat, sleep, and run their scientific experiments and communications during 
missions on the surface. For now our program intends on having these missions to Polar Regions 
on the moon, where the base will be permanently lit. The lunar habitat missions will be very long 
relative to the usage of the other crew modules, on the order of 35 days of continuous usage, and 

Item Mass (kg) Power (W) 

Total Water Systems  351 228 

CO2 Scrubbing 158.4 900 

TCCS 63.63 120 

CHeCS 276 0 

Gasses and Tanks 685.53 0 

Extreme Radiation Chamber 1500 0 

Health Systems 271.9 520 

Totals 3306.5 1768 



with about 3 times as high the power usage. The overall power requirements for a 35 day mission 
can be found below. 

Table 7.7.4.1-1: Power Requirements for Lunar Habitat 

System Power Required (W) 

Crew Systems 1937.5 

Computing/Instruments 500 

PPT 65 

Rover Charging 1200 

Total 3702.5 

 

Originally, the power requirement for crew systems was designated as 1937.5W, but the updated 
total is 1768W. The power system selection would not change and the analysis will remain the 
same. This makes the power system conservative and allows for extra temporary power 
requirements like a food heater or other systems which will get turned on and off. 

7.7.4.2 Power	  Systems	  Considered	  
For a mission of such a great length with such a high-required power there are not many realistic 
options that fall within our mass and volume requirements that could successfully power this 
system. The Fuel Cell option designed to power the habitat for such a length weighs on the order 
of 2000 kg, and Nuclear options are not realistic for many reasons including mass, volume, and 
safety. Triple Junction Gallium Arsenic Solar Cells however, have the ability to provide the 
required power with a mere 197 kg of panel, and very little support and framework.  

7.7.4.3 System	  Chosen	  
It was easy to see that the Solar Panel System was the best option for powering the lunar habitat, 
and the only one with realistic mass and volume requirements. The system chosen involved 3 
solar panels and a rack of Li-Ion rechargeable batteries for extra resilience. Each of the solar 
panels have the ability to provide half the power required to run the habitat, so if one failures the 
mission can be carried on uninterrupted. It must be noted that these solar panels will be exposed 
to lunar dust and degradation, and maintenance will be necessary over time. This is where the 
extra redundancy of a battery rack is necessary. The battery rack provides enough energy to 
power the habitat for as long as 6 hours, to allow for maintenance on panels or an evacuation to 
the OLV should a total system failure occur. The extra power provided by the panels can 
recharge the batteries after usage in maintenance/repair situations.  
Table 7.7.4.3-1: Solar Panel/Battery System Specs. for Lunar Habitat 

Component Mass  Size 

3 Solar Panels 48.3 kg 18.306 m2 

3 Li-Ion Battery Racks 148.1 kg 0.0601 m3 

Total 196.4 kg  

 



 
Figure 7.7.3.4-1: Block Diagram of Chosen System 
The Solar Panels will be supported by Al T6016-T6 frames and legs assembled by the astronauts 
outside the habitat. Aluminum is a very lightweight metal, ideal for use in Aerospace systems, 
and more than capable of supporting the extremely lightweight of the Solar Panels on the lunar 
surface. Each panel will only subject the legs to 20 N of force on the surface, a force that will 
come nowhere close to the Yield Strength of the Aluminum which is 386 MPA or the Bearing 
Strength of 276 MPA. The panels, frames, and legs will be stored disassembled in the cargo of 
the OLV with the habitat, and the astronauts will assemble them with relative ease once they 
arrive on the moon. The panels will be stored in two thin halves, 1.54 m x 2 m, and the 
aluminum pieces will have 2 in2 cross sections for the framework. Each panel will be mounted 
and rotate about a single circular leg made of aluminum also, equipped with a simple sun tracker 
to allow for rotation with the sun and full incidence with the sunlight to maintain maximum 
power output.  

              
Figure 7.7.3.4-2: Design of Solar Panels for Habitat 
  



7.7.5 Summary	  
 
Table 7.7.5-1: Total Mass Estimation 

Component Mass (kg) 

Structures 2601 

Avionics 250 

Life Support (without 
consumables) 

2289.9 

Thermal/Power 486 

Total Mass 5626.9 

 
 

 
Figure7.7.3-1: Cross Sectional View of Lunar Habitat 



 
Figure 7.7.3-2: Lunar Habitat  

 
Figure 7.7.3-3: Lunar Habitat Dimensions 
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7.8 Lunar	  Rover	  Vehicle	  (Arranged	  by	  Christopher	  Flood)	  
The idea of a manned lunar vehicle was first conceptualized during the Apollo program. During 
Apollo 15, 16, and 17 astronauts used the Apollo Lunar Roving Vehicle to venture further away 
from the Apollo Lunar Module then previous missions. While these three rovers allowed for 
greater exploration they were far from ideal. Since no manned missions to a celestial body have 
been conducted since the end of the Apollo program these were the last rovers tested in space. 



However, many unmanned rovers have successfully been developed during the period of time 
and several different manned concepts have been developed to differing levels. 

The Lunar Roving Vehicle (LRoV) will provide FLEETS with manned pressurized mobility on 
the lunar surface. The LRoV will be the primary mode of transportation, providing a method to 
transport goods between the landing site and habitats. It will also transport astronauts between 
lunar habitats and to locations of high science interest. This system is necessary for our 
complete, integrated, end-to-end architecture. However, the time and resource constraints on our 
undergraduate team did not allow for a thorough system design of this module, rather our team 
chose to modify a pre-existing concept to fulfill our requirements. 

7.8.1 Design	  Parameters	  (Christopher	  Flood)	  
The Lunar Roving Vehicle is a manned pressurized roving vehicle designed for multiple day 
sorties. This vehicle must be able to support a crew of two under nominal circumstances, and a 
crew of four during emergencies. It must be robust and reusable, such that it requires little to no 
maintenance and is reliable. The Lunar Roving Vehicle must be able to aid the crew in achieving 
science objectives. The Lunar Roving Vehicle is compatible with phase III and IV missions 
(must be used in conjunction with a habitat) and is exclusively for use on the lunar surface. 

7.8.1.1 Requirements	  
The requirements for the Lunar Roving Vehicle stem directly from the program requires as 
defined by RASC-AL, the ENAE 484 guidelines, and Mission Planning’s science objectives. 
The module level requirements for the Lunar Roving Vehicle played a critical role in the 
selection and modification of this vehicle. 

1. The Lunar Roving Vehicle shall provide pressurized mobility on the lunar surface. 
2. The rover must fit on a low cost launch vehicle (i.e. the Falcon Heavy or the Delta IV 

Heavy) and the Space Launch System. 
3. The lunar rover shall provide transportation within a 250 km radius away from the Lunar 

Habitat allowing for a maximum travel distance of 500 km. 
4. The rover shall provide life to a crew of two for the entire duration of the sortie, and 

provide emergency life support to a crew of four in an immediate return to Lunar Habitat 
situation. 

5. The lunar rover shall be reusable for missions returning to the same habitat. 
6. The rover shall be capable of autonomous driving. 
7. The Lunar Roving Vehicle shall be able to perform all science objectives. 

7.8.1.2 Operational	  Modes	  
The Lunar Roving Vehicle will have four operational modes consisting of the Nominal Crew 
Mode, Emergency Crew Mode, Autonomous Mode, and Launch/Transport Mode. Nominal Crew 
mode is the normal operating mode for the Lunar Roving Vehicle when a crew is present. This 
mode should be able to support a crew of two for the entire length of a sortie traveling a total 
distance of 500 km. The Lunar Roving Vehicle will enter the Emergency Crew Mode after a 
sortie has been deemed compromised. This mode must be able to support a crew of two for half 
of the total sortie length with limited power, and support a crew of four for a 250 km return to 
Lunar Habitat sortie with full power. The rover will enter Autonomous Mode when on the lunar 
surface without a crew. The Lunar Roving Vehicle will be in the Launch/Transport Mode during 
launch, transportation and landing on the lunar surface. 



7.8.1.3 Safety	  Considerations	  
The Lunar Roving Vehicle shall meet all NASA crew safety standards. This means that the rover 
must be 99.9% reliable. Since this rover will transverse a distance greater than 10 km (the 
distance an astronaut can walk in a space suit), there must be a second rover present in a mobility 
failure occurs more than 10 km away from the Lunar Habitat. This has been the driving factor in 
all previous requirement of a four person crew. 

7.8.2 Consideration,	  Selection,	  and	  Modification	  (Christopher	  Flood)	  

7.8.2.1 Considerations	  
Since this module was not to be designed from top to bottom in house but rather modified to 
meet the requirements of FLEETS a starting vehicle needed to be determined. Multiple 
pressurized rover concepts currently exist. From doing some basic research on size and mass it 
became very apparent early in the selection process that the rover which would fulfill all of 
FLEETS requirements would be in the small pressurized rover classification. This realization led 
to serious consideration of only two rovers: the TURTLE pressurized rover concept which was 
developed by students at the University of Maryland and the Small Pressurized Rover currently 
being developed by NASA as part of the Space Exploration Vehicle program. Our selection 
process was based off of the requirements for the Lunar Roving Vehicle and the cost of 
developing such a module. 

7.8.2.1.1 Specifications	  
The Small Pressurized Rover 
concept and TURTLE were 
designed for a different mission 
and to different requirements. This 
means that neither will line up 
directly with the requirements of 
FLEETS Lunar Roving Vehicle. 
However, comparing these two 
concepts capabilities with the 
requirements of FLEETS rover 
will make modify the subsystems 
easier and cheaper. 

They key things to take away from 
comparing these two rovers is the 
maximum range and sortie length. 
The Small Pressurized Rover 
concept is already capable of 
traveling to a site 240 km away 
and back, where as TURTLE can 
only go 25 km out and back. This 
means that for TURTLE to reach a 
total distance of 500 km traveling 
at maximum speed it would need to add 30 hours to its sortie length, meanwhile for the Small 
Pressurized Rover to reach 500 km it needs to extend its sortie by two hours. This means to 
achieve our desired range TURTLE would need to extend its sortie to over 141% of its current 

Table 7.8.2-1: Specifications for Rovers 

Specification TURTLE 
Small 
Pressurized 
Rover 

Mass (kg) 2100 4000 

Range (km) 50 480 

Speed (km/hr) 15 10 

Sortie Length 
(days) 3 14 

Science Package Yes Yes 

Length (m) 3.45 4.5 

Height (m) 3.24 3.05 

Width (m) 2.93 3.96 

Autonomous No No 

Crew Size 2 2 (4-emergency) 

Data from TURTLE Final Report & SEV_Fact Sheet 



design. The Small Pressurized Rover would need only to increase its sortie length to 100.5% of 
its current design. This means that a slight modification to the power system and consumables 
could account for the change in range for the Small Pressurized Rover, meanwhile TURTLE 
would need to change its habitable volume, life support, power supply, and consumables all by 
considerable margins. 

7.8.2.1.2 Costing	  
Furthermore, we wanted to do a cost analysis on both rovers to assure that our science objectives 
were not to ambitious, derive the range requirement of our rover too high. This was done by 
looking the non-recurring cost for each rover and the first and second production units. As we 
will need two rovers on the surface do to human reliability constraints. The following mass 
estimating relationship, equation 7.8.2-1, was used to determine cost and Table 7.8.2-2 reflects 
the results. 

 
 ! = ! ∗< ! !" >! [$!] 7.8.2-1 

Non-Recurring Cost: ! = 22.96 ! = 0.55 

Recurring Cost:  ! = 0.71 ! = 0.662 
 

Table 7.8.2-2: Cost Comparison 

Rover Mass (kg) Non-Recurring 
($2008) 

First Unit 
($2008) 

Total Cost 
($2008) 

TURTLE 2100 1542M 112M 1747M 

Small 
Pressurized 
Rover 

4000 2198M 172M 2512M 

* Total Cost reflects Non-Recurring plus First and Second Unit Costs with a learning curve of 
82% 
 

TURTLE is clearly less expensive then the Small 
Pressurized Rover as seen in Table 7.8.2-2. Yet, the reason 
for comparing cost was not just to see which was the least 
expensive; it was to compare cost to the range.  Figure 
7.8.2-1 displays to scale the area which may be searched by 
an astronaut (unassisted), TURTLE, and Small Pressurized 
Rover. This data is reflected in Table 7.8.2-3 as total cost 
per area. 
  

 
Figure 7.8.2-1: Searchable Area 

 



 
Table 7.8.2-3: Total Cost 

Rover Total Cost per Area 
($M/km2) 

TURTLE 0.891 

Small Pressurized 
Rover 0.0139 

 

7.8.2.2 Selection	  
 
The Small Pressurized Rover meets or can easily be modified to the meet the Lunar Roving 
Vehicle requirements of FLEETS. It was also seen that per cost it is feasible to use the range 
requested by mission planning from the landing site to the furthest science objective. The main 
modifications to the Small Pressurized Rover will be in making it autonomous.  In order to make 
sure that the Small Pressurized Rover can be integrated into FLEETS the power systems and 
recharging must be explored and possibly altered. 

7.8.2.3 Modifications	  
The Small Pressurized Rover can be automated on the lunar surface using much the same 
avionics and communication as the Lunar Propulsion Module. The rover will be able to either 
communicate back to the Lunar Habitat using line of sight, or back to a Lunar Relay Satellite 
constellation. This will allow for constant communication between the rover and Earth. This 
means that not only can the rover be autonomous, but it can be driven from Earth while no one is 
present on the lunar surface. 
The complete power system for the Small Pressurized Rover has yet to be developed. The main 
reason for this is because there are no batteries that currently meet the specifications required for 
this concept. The Space Exploration Vehicle program (which is developing the Small 
Pressurized Rover) is currently researching batteries which weight less and provide more power.  
However, for integration purposes, the best currently available batteries of this type are used in 
electric cars. The batteries currently developed for electric cars use 100 amp - 120 volt charging 
systems.  Therefore, the Lunar Roving Vehicle when will recharge at 100amp - 12 volt from the 
Lunar Habitat, thus resulting in a power draw of 1200 watts. (Tesla) The Lunar Roving Vehicle 
will use a life support system similar to the Crew Module which requires 1.2 kW. This means for 
a two week sortie we would need 424 kWhr in our battery.  Again, using an electric car battery 
with 85 kWhr will allow for a 500 km range. (Tesla)  This means the total energy required for a 
two week sortie of 500 km is 510 kWhr.  Charging time for a battery of this size on a 1200 watt 
charging system that is 80% efficient will take 22 days.  This means that our crew most likely 
only be able to go on one sortie of maximum duration during their 28 day stay on the lunar 
surface. 
  



 

7.8.3 Summary	  (Christopher	  Flood)	  
The Lunar Roving Vehicle will be a variation of 
the Small Pressurized Rover Concept being 
currently developed by NASA.  This will provide 
FLEETS with pressurized mobility, along with 
the necessary transportation to fulfill all science 
objectives. The total proposed mass of this 
module is 4000 kg. The development of the Lunar 
Roving Vehicle will depend directly on advanced 
technologies.  These technologies are 
regenerative brakes, wheels, light-weight 
structural materials, active suspensions, ice shield 
thermal control systems, and most importantly 
batteries. These technologies are required to be 
able to fully develop a vehicle to meet these requirements. However, these technologies will also 
be applicable elsewhere, mainly with electric automobiles. The pressurized mobility offered by 
Lunar Roving Vehicle is an integral component of FLEETS. 
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Figure 1.1.3-1: General Configuration 
(Woodfill) 



8 Communications	  (Michael	  Cunningham,	  Rajesh	  Yalamanchili)	  

8.1 Introduction	  
Communications are required in order to send voice communications, HD video 
communications, status monitoring data, science data and tracking, telemetry and command data 
back to Earth. We received data rate requirements of 10 Mbps for science data from the science 
team and a requirement of 1 Mbps total for voice communications, status monitoring and TT&C. 
The HD video communications will be used to enable citizen participation by allowing the 
astronauts to communicate directly to Earth. The data rate requirements for the HD video 
communications were not given but were instead determined to be 4 Mbps per HDTV channel 
(the process for which will be shown in the next section). We determined that our video 
communications and science data will be sent on an X band link and that our voice 
communications, status monitoring, and TT&C will be sent on an S band link. The methodology 
for choosing this split and these specific bands will be shown further in the Ground Stations and 
Link Sizing sections. 
Additionally, we imposed our own system requirements of a Bit Error Rate of 10-5 and a required 
link margin of 3 dB. These requirements were determined based on our research, which indicated 
that both of these figures are standard assumptions for space communications. 

8.2 Video	  Compression	  Techniques	  
Because uncompressed 720p HD video reaches bit rates of 800-1000 Mbps, it is not feasible to 
send uncompressed 720p video back to Earth with a reasonable transmission bandwidth and 
power. After analyzing the options for HD video compression, we ultimately decided to use a 
H.264/MPEG-4 AVC compression type. This compression type offers much greater bit rate 
savings with minimal loss in comparison to other types of video compression, such as MPEG-2 
Part 2 or MPEG-4 Part 2. Additionally, the H.264/MPEG-4 AVC compression type is a fairly 
standard video compression scheme that is currently used by youtube, DirectTV, and numerous 
other streaming and satellite television services. Because the stated goal for video 
communications is to enable citizen participation through streaming video, this compatibility 
with streaming services could allow us to reach a wider audience on Earth without requiring use 
of a lossy video compression technique on a video that has already been subjected to lossy 
compression. This lossy to lossy compression should be avoided because it results in very poor 
picture quality. 

This video compression scheme at a frame rate of 24 frames per second is requires a bit rate of 
roughly 4 Mbps. Again, this bit rate is fairly standard for this video compression technique and is 
the bit rate used by many streaming services. This bit rate was determined to be sufficiently low 
enough to support lunar surface communications for all crewed mission phases except for the 
equatorial sortie mission. For this mission, a 4 Mbps data rate requirement was far too high to 
send directly back to Earth from the equator of the moon, so we determined that for this mission, 
a standard definition video should be provided for video communications. This standard 
definition video will also use the H.264/MPEG-4 AVC compression type, but because the 
nominal bit rate for standard definition video is so much lower than the bit rate for 720p video, 
only an 800-1000 kbps data rate is required to transmit compressed standard definition video. 

We also decided to send our HD video (and standard definition video for the equatorial sortie 
mission) back to Earth during all crewed phases of the mission because it was determined that 



the power requirements were sufficiently low to allow us to do so. This ability to transmit video 
during all crewed mission phases is only achievable due to the gains made from video 
compression. 

8.3 Ground	  Stations	  
The two main ground station networks we considered were the Near Earth Network and the 
Deep Space Network. Both networks meet our coverage requirements, however, in general, it is 
difficult to procure time to use the antennas at the Deep Space Network. The Deep Space 
Network has begun implementation of newly built antennas, which could reduce, or, for a time, 
eliminate the overbooking. However, using DSN for our missions could still displace missions 
that may not be able to use the Near Earth Network. The Near Earth Network antenna 
capabilities meet our requirements (as our sizing will show), so we are moving forward with the 
NEN as the communications ground segment. 

 
Figure 8.1: Deep Space Network Overbooking from Reference 4 

 

	   	  



8.3.1 Near	  Earth	  Network	  Overview	  
 
Table 8.3.1 Near Earth Network Site Capabilities 

Location Diameter TX Freq. 

(MHz) 

RX Freq. 

(MHz) 

G/T 
(dB/K) 

Coordinates User 
Tracking 

Hartebeesthoek, 
South Africa 

10 m 2025-2120 2200-2300 

8000-8400 

22.4 

31.0 

25° S 

27° E 

1- & 2-Way 
Dop, Angle 

Wallops, VA 11.3 m 2025-2120 2200-2400 

8025-8400 

23.63 

34.50 

38° N 

75° W 

1- & 2-Way 
Dop, Angle 

Dongara, 
Australia 

13 m 2025-2120 2200-2400 

8000-8500 

23.5 

37.7 

29.0° S 

115.3° E 

1- & 2-Way 
Dop, Angle, 
Ranging 

 

The table shown outlines the capabilities of the stations we have chosen based on the analysis of 
their coverage capabilities from Mission Planning. For our analysis we used the limiting cases 
(in bold) for antenna gain to system noise temperature (G/T) and receiving frequency range 
within each of the two frequency bands. The station in South Africa is the limiting case (in each 
band) for the antenna gain to system noise temperature. The South African station limits the 
range of frequencies we may use within the S band and the station in Virginia limits the range of 
frequencies we me use within the X band.  
 

8.4 Sources	  of	  Loss	  in	  a	  Communication	  Link	  
A link budget is a compilation of all gains and losses in a communication link. To ensure the 
closing of a link (meeting the link budget requirement) we must account for all of the possible 
losses experienced along the link. The losses along the path of the signal account for the majority 
of the losses experienced in the communication links. Path losses include free space loss, 
atmospheric attenuation, and rain attenuation. Free space path loss (FSPL) is a function of 
frequency and range. 
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Figure 8.4: Atmospheric Attenuation Graph 

In the case of communication to Lunar Orbit, the free space loss becomes the largest loss in the 
calculation. Atmospheric and rain attenuation are a function of the signal frequency and location. 
Figure 8.4 displays the zenith atmospheric loss. The vertical red line corresponds to the S band 
frequency range (0.04 dB at zenith) and the vertical green line corresponds to the X band 
frequency range (0.03 dB at zenith). The worst case atmospheric attenuation will occur when the 
antenna is at a 5 degrees elevation angle. 

!"#$%&ℎ!"#$  !"## = csc 5° ∗ !"##  !"  !"#$%ℎ 
Rain attenuation, a function of frequency, also depends on location. The worst rain attenuation 
occurs at the South African NEN site. S band links with a 99.9% availability have a loss of 0.1 
dB while X band links with just a 99% availability have a loss of 1.33 dB at a 5 degree elevation 
angle. These numbers all come directly from the Near Earth Network User’s Guide. Data sent 



along S band communication consist of the more time critical data. As a result, S band 
communication requires the highest availability. For X band communication, the difference 
between 99.9% and 99% availability for X band links was over 5.7 dB. Because X band 
communications consist of data that is not as time critical (video and science data), this data can 
be stored and forwarded in the case of a large weather event disrupting a communications link. 
This capability to store and forward data allowed us to drop down to a 99% availability at the 
South African site so that we could design for a higher nominal data rate at a lower power 
requirement. 

Though losses along the path account for the majority of the losses in a communication link, 
losses at the receiver are not negligible. Distortion within the receiver (within the amplifier) can 
cause loss in the signal. Due to this, a 3 dB implementation loss was assumed for all 
communication links. Another possible loss at the receiving end is polarization loss. The 
antennas on the ground for the Near Earth Network are capable of receiving and transmitting 
both right and left hand circular polarized signals. By designing our antennas to also be circularly 
polarized, we were able to avoid any losses from polarization. We also made the assumption that 
pointing losses would be minimized sufficiently to be negligible. This assumption was made 
because our pointing requirements are sufficiently large enough that they will be able to 
maneuver quickly and accurately enough to reduce our pointing errors to a point at which loss is 
minimal (as explained in the sensors section). Finally, we made two separate assumptions about 
the efficiencies of the antennas that we will be using. We assumed that the omni-directional 
antennas would have an efficiency of 62.5% and that parabolic antennas would have an 
efficiency of 55%. These efficiency numbers are again based on our research, which indicated 
that these efficiency values are fairly typical for these types of antennas. 
The final loss that we accounted for in our calculations was the QPSK power split loss of 3.01 
dB. This loss comes from the modulation scheme, and, while this choice will not be discussed in 
this section, the following section covers the basis for choosing this modulation scheme. 

Table 8.4-1: X band beamwidths for antenna sizes used in final design 

 2.5 m 
antenna 

0.875 m 
antenna 

0.1 m 
antenna 

Beamwidth 
(degrees) 

1.01 6.09 25.58 

 
 

Table 8.4-1: S band beamwidths for antenna sizes used in final design 

 2.5 m 
antenna 

1 m 
antenna 

0.9 m 
antenna 

0.1 m 
antenna 

Beamwidth 
(degrees) 

3.69 9.44 10.37 94.38 

 

	   	  



8.5 Encoding	  and	  Modulation	  
The encoding and modulation techniques can reduce the necessary EIRP to close a link. The 
reduction in EIRP gives you the option of reducing the necessary power or transmitter diameter, 
or increasing the transmission data rate. 

The two modulation schemes we analyzed were BPSK and QPSK. BPSK modulation results in 1 
symbol per Hz where QPSK results in 2 symbols per Hz. This results from the fact that QPSK 
modulation transmits on two (orthogonal) channels while BPSK only transmits on one. However, 
as mentioned previously, the QPSK modulation has a loss due to the splitting of the signal along 
the two channels. The bit error rates are the same for the two modulation schemes, but QPSK, in 
comparison to BPSK, can support two times the data rate. Higher orders of the PSK modulation 
scheme (8PSK, 16PSK, etc.) have a lower bandwidth per bit, however, they require a higher 
energy per bit to noise power spectral density ratio (!!/!!  ) to reach the same bit error rate. In 
addition, as the order of the PSK modulation the probability that thermal noise will cause a bit 
error increases from the fact that the signal is more tightly packed together (the constellation 
points are closer together). As a result, the higher orders were not considered in our analysis. 

For each modulation technique we considered several encoding methods. The purpose of 
encoding is to decrease the chance of errors in the data by adding overhead to correct the error 
when they do happen. Each coding method adds a certain amount of overhead to the data rate but 
reduces required !!/!!. Without coding, the required !!/!! is 9.6 dB. Encoding can reduce the 
required !!/!! to below 3 dB. The encoding methods considered in our analysis include Reed 
Solomon (R-S) Coding, Convolutional Coding (7,1/2), the concatenation of the two without R-S 
interleaving, and the concatenation of the two with R-S interleaving. R-S coding adds about 14% 
overhead to the data rate but reduces the !!/!! to 6.0 dB. Convolution Coding (7, 1/2) outputs 
two symbols for every bit sent into the encoder (7 refers to the number of shift registers used to 
generate the output symbol). This method adds 100% overhead and decreases the !!/!! to 4.2 
dB. The final two coding methods are similar in that they both consist of a concatenation of R-S 
and Convolutional coding. However, one of the concatenations includes an interleaving of the 
bits. Interleaving takes adjacent bits and separates them, which makes the error correction 
method more robust with respect to burst errors. Both of these methods add the same overhead, 
however, the method with interleaving has a lower required !!/!! (2.4 dB as opposed to 3.0 
dB). 



 
Figure 8.5: Bit Error Rate vs Eb/No for different encoding techniques 

The two main considerations for choosing a modulation and encoding technique were the user 
spacecraft equivalent isotropically radiated power (EIRP) and the null-to-null bandwidth (the 
EIRP is used to calculate the required transmitter power and diameter). As shown in the tables 
below, the EIRP for S band communications are relatively small. As a result, a less complicated 
encoding method may be used without affecting the power requirements substantially while also 
reducing the require bandwidth. In the case of the X band communication link, the large EIRP 
necessitates the use of the more complex encoding and modulation scheme. 

 
 

 
 

 
 

 
 



Table 8.5-1: Space to Ground Link of LRS (X band at 8210 MHz) at 25 Mbps 

Modulation Encoding EIRP (dBWi) Bandwidth (MHz) 

BPSK None 55 50 

BPSK Reed Solomon 51.9 57.2 

BPSK 1/2 Convolutional 52.6 100 

BPSK 1/2 Convolutional and R-S 
with interleaving 

51.3 114.4 

QPSK None 55 12.5 

QPSK Reed-Solomon 51.9 14.3 

QPSK 1/2 Convolutional 52.6 25 

QPSK 1/2 Convolutional and R-S 
with interleaving 

51.3 28.6 

 
Table 8.5-2: Habitat to Lunar Relay Satellite (S band at 2275 MHz) at 1 Mbps 

Modulation Encoding EIRP (dBWi) Bandwidth (MHz) 

BPSK None 4.9 2 

BPSK Reed Solomon 1.9 2.29 

BPSK 1/2 Convolutional 2.52 4 

BPSK 1/2 Convolutional and R-S 
with interleaving 

1.3 4.57 

QPSK None 4.9 0.5 

QPSK Reed-Solomon 1.9 0.57 

QPSK 1/2 Convolutional 2.5 1 

QPSK 1/2 Convolutional and R-S 
with interleaving 

1.3 1.14 

 

Our final design consists of QPSK modulation on all links except for the voice communication 
between astronauts on the surface of the moon. The encoding method depends on the frequency 
band of the link. All X band links use R-S and Convolutional coding with interleaving, whereas 
all S band links use R-S coding. 

 
 

 
 



8.6 Example	  Link	  Budget	  Calculation	  
Several parameters must be known before you can begin a link budget calculation. You must 
know the frequency, the range of communication, the rate at which you are sending data, and the 
figure of merit of the receiving antenna (G/T). The nominal data rate will be affected by the 
encoding and modulation technique used for the link. Each encoding and modulation technique 
(with our chosen Bit-error rate) also changes the required !!/!!. As discussed earlier, the 
modulation technique can incur losses in the signal.  

Once you know all of the parameters discussed above, you can begin a link budget calculation. 
The calculation takes into account all of the atmospheric and rain attenuation losses (if there are 
any), the power split loss, the figure of merit (G/T) of the receiving antenna, the implementation 
loss, the free space path loss, and Boltzmann’s constant. Since the goal of this process is to 
calculate the transmitter diameter and power, a link margin is assumed. These values are 
converted to decibels and added (or subtracted) to calculate the equivalent isotropically radiated 
power (EIRP). From the calculated EIRP we can directly determine power and antenna diameter. 
Table 8.6: Example Link Calculation for the LRS Space to Ground Link 
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(See the Appendix for Link Budget Calculations for each link) 



8.7 Lunar	  Relay	  Satellites	  
The Lunar Relay Satellite constellation is capable of providing constant communications to Earth 
on both the X and S bands. The specifics for the mass and volume of the satellites has not yet 
been designed, but we anticipate the dimensions of each satellite to be about 5.4 m in diameter 
with a conical 3.2 m height. This volume was chosen because it is the maximum space left in the 
payload fairing on launch. The mass of each of the satellites was also estimated to be roughly a 
3500 kg wet mass. This mass was based on the mass of other similar communication satellites 
such as TDRS, with a small additional mass margin added to allow for a mass overrun in the 
final design of the satellites. Additionally, in our analysis using the Lunar Relay Satellites, we 
assumed a system noise temperature of 100 K (used to calculate the antenna G/T). 

The antennas chosen for the Lunar Relay Satellites were steerable dual-reflector antennas. The 
steerable aspect of these antennas were chosen because the relatively high pointing accuracy 
requirements (just over 1 degree for the Space to Ground Link). The antennas should also be 
dual-reflectors capable of sending and receiving in both X and S bands because all crewed 
modules will be transmitting in both X and S band frequencies and will need the LRS 
constellation to be able to communicate on both of these frequencies. 

The sizing of the antennas was selected based on the maximum range and data rate at which the 
antennas would transmit. For the Space to Ground Link (SGL), this maximum distance comes 
when the moon is at apogee (405,000 km) and the maximum data rate is assumed to be a 25 
Mbps X band data rate (includes all video communications and science data). Using the link 
budget analysis shown above, we were able to determine a sizing of 2.5 m for the Space to 
Ground Link antenna. 

The sizing of the Single Access antennas was chosen in a similar way to the sizing of the Space 
to Ground Link. However, before designing the sizing of the Single Access antennas, we first 
had to determine the number of antennas necessary. We found that a minimum of three steerable 
Single Access antennas are necessary because this is the largest number of modules that will 
need to communicate with any single Lunar Relay Satellite at a given time. Once we were able to 
decide on this number, we proceeded with sizing analysis that is very similar to the analysis that 
we did for the Space to Ground Link. In this situation, the maximum requirement comes in Lunar 
Transfer Orbit. In LTO, the maximum distance varies based on the link, but the critical path was 
determined (based on the point at which the power is the same for communication to Earth and 
to a LRS) to have a maximum range of roughly 305,000 km on the S band frequency with a data 
rate requirement of 1 Mbps. We again used the link budget analysis shown below in order to 
determine an antenna sizing of 2.5 m for all three of the Single Access antennas. 

 

8.8 Link	  Sizing	  
The frequencies chosen for communications were based on the frequency capabilities of the Near 
Earth Network Stations. Because we did not have access to the list of frequencies that were 
currently in use, we chose frequencies that were evenly spaced along the bands that we had to 
work with. It is likely that in a final design, some of these frequencies would be found to be 
unusable and would have to change, however these small changes would cause a negligible 
effect in the final results. 



The reason we chose to split up our data between the S and X bands is because of what data is 
being transmitted over each band. The S band (as we talked about in the Sources of Loss section) 
is designed to the highest (99.9%) availability with respect to rain attenuation because of the 
criticality of the data that must be sent back as close to 100% of the time as possible. The design 
of splitting the data into two frequency bands also gives our design added resiliency because, in 
the case that our communications on one band was knocked out, we would still be able to 
communicate with Earth, although it may be in a sub-optimal setting. 
 

Table 8.8-1: Chosen Communication Frequencies 

 Crew 
Module/OLV  

Lunar 
Habitat  

Rover OPM/LPM 
to Earth 

OPM/LPM to 
OPM/LPM 

EVA 
Comm.  

Frequency 
(MHz) 

8100 
2225 

8210 
2275 

 
2350 

 
2250 

 
2300 

 
900 (UHF) 

 
In Lunar Transfer Orbit, the Crew Module, the Orbital Propulsion Modules, and the Lunar 
Propulsion Modules will all need to be transmitting data to Earth. As we discussed in the 
previous section on Lunar Relay Satellites, these maximum slant ranges were determined by 
finding the power neutral point in LTO where you could transmit to either LRS or Earth at the 
same power. This range was then used with the method of determining antenna sizing described 
in the Link Calculation section. 

 
Figure 8.8: Lunar Operations Communications Diagram 

 

The figure above is an illustration of all of the possible communications paths during lunar 
operations. The Crew Module to Earth link is not a standard link, and it will only be used for the 



equatorial sortie missions or in the case of complete LRS failure. During nominal operations, all 
lunar communications will be relayed through LRS before being sent back to our Near Earth 
Network ground stations. Another interesting link shown here is the S band link from the lunar 
rover to LRS. This link exists because the simple UHF band voice communications being used 
may not be sufficient to ensure constant contact with the lunar habitat or Earth. This is true 
because the lunar South Pole is a fairly mountainous region in which it is possible to lose a direct 
line of sight back to the habitat. This necessitates the ability of the rover to communicate with a 
Lunar Relay Satellite. Finally, we determined that our maximum slant range during lunar 
operations would be roughly 3600 km. This distance represents the maximum distance from any 
point at the lunar South Pole to a Lunar Relay Satellite. 

There are also some cases in which the data rate we are using is less than the nominal data rate 
we determined. The nominal data rates are 25 Mbps for lunar operations on X band and 1 Mbps 
on S band for every module that required an S band link. In Lunar Transfer Orbit, the X band 
data rate chosen was just 10 Mbps. This was chosen because the power requirement to send a full 
25 Mbps of data back would have exceeded the power available for communication. In addition, 
it was more efficient to only send back a 4 Mbps video feed and 6 Mbps of science data with the 
rest of the science data being stored and forwarded when the opportunity arises. Additionally, for 
the lunar equatorial (near side) sortie mission, we will be using a 5 Mbps data rate. In this case, 
you will not have sight of the Relay Satellites, and to avoid additional design costs for this 
mission, we will be using the same hardware already on board the Crew Module, but simply drop 
the data rate down to 5 Mbps in order to stay within the allotted power. Also, for the lunar 
descent stage on both the OLV and Crew Module, we have designed for a 20 Mbps data rate. 
This was chosen because storing and forwarding data during lunar descent is not necessary, and 
including this additional capability does not make sense for this phase. Finally, the S band links 
will be at 1 Mbps for all operations except for the Crew Module’s emergency S band omni-
directional antenna, which will instead operate 200 kbps (to be discussed in the next section).  

Table 8.8-2: Mass and Power Summary for Each Module 

Module Crew Module Habitat OLV OPM/LPM Rover 

Mass (kg) 14.1 0.2 0.1592 6.46130911 0.08 

Power (W) 15.4 1.31 1.169 15.67 0.5 

 

 

8.9 Emergency	  Communications	  
As mentioned earlier, the LRS antennas are all the same size, so if the SGL fails we have the 
ability to maneuver the satellite and reposition one of the three remaining antennas to point 
towards Earth. In fact, one antenna will already be able to point somewhat in that direction to 
communicate with a module in LTO. While this capability means that we would also lose one 
communication channel during lunar operations, this is a far better alternative to having to losing 
the satellite completely. If for some reason a satellite did not have the ability to communicate to 
Earth, the satellite could communicate with another LRS to relay the data.  

A higher transmission data rate has been incorporated for the relay satellites in case of a weather 
event restricting our ability to communicate with Earth from the surface of the moon. The 



habitat, for example, will have the ability to store the science data and forward it at a higher data 
rate at a later time. This capability is also important in case one or more of the Lunar Relay 
Satellites fails. In this case, we will be able to store data until a working LRS is within line of 
sight to transmit the stored data at the higher data rate. 

Finally, we include an omnidirectional antenna sized for use during an emergency on the crew 
module. The antenna is capable of transmitting at a 200 kbps data rate at a power of less than 20 
watts. If you are in a situation where you cannot see the LRS and you are around 400,000 km 
away, you must decrease the data rate to be able to communicate to Earth using this antenna. We 
will be sending voice communications and some minimal sensor data back to Earth over this 
emergency antenna to ensure that the ground control can get them back into LTO and safely back 
to Earth. We have also assumed that in the case of an emergency that requires the use of this 
antenna, we will have access to the Deep Space Network. Without the use of the Deep Space 
Network, the power requirements exceed the power available resulting in the possibility of a 
catastrophic mission failure. 
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9 Costing	  and	  Program	  scheduling	  (Matthew	  Marcus)	  

9.1 Cost	  Estimation	  Methods	  
Cost estimation was conducted primarily using cost estimating relations (CERs) from 
Arney and Wilhite, the NASA Spacecraft/Vehicle Level Cost Model (SVLCM), and the NASA 
Advanced Missions Costing Model (AMCM). Both of these models allow for the estimation of 
development cost and first unit production cost, based on vehicle dry mass. CERs for Arney and 
Wilhite were based on the formula  

! = !" !! 
where C is the cost in millions of dollars, m is the dry mass of the vehicle in kg, and ka and b are 
coefficients determined for each vehicle based on regressions based on historical data of existing 
and previous space vehicles, and on projections of future vehicles currently or previously under 
development. Values used for ka and b for each vehicle are listed below in Table 9.1-1: 

No publicly available documentation regarding AMCM could be found, however, an online 
calculator, developed by NASA, was available. In addition to dry mass, AMCM takes into 
account block development and varying vehicle complexity within a given vehicle type, and 
features more vehicle categories than Arney and Wilhite’s CERs. Therefore, AMCM was used 
for vehicles with significant heritage from other vehicles, and for hardware not taken considered 
by Arney and Wilhite. To use AMCM, the mass of a vehicle, block number, and difficulty were 
entered into the NASA calculator, and the values were recorded for the total cost, iterating 
quantity of production units from 1 to 16 units, and a regression was generated based on the 
output values, giving the development cost for the vehicle, as well regression coefficients a and 
b, listed below in Table 9.1-2 for vehicle production. Since the mass of the vehicle is taken into 
consideration by the NASA calculator, the formula used for the AMCM CER is  

! = !" !! 
where, as before, C is the cost in millions of dollars and ka and b are regression coefficients, but 
n is the unit number.  

Table 9.1-1: Arney and Wilhite and SVLCM derived CER coefficients for all 
applicable vehicles 

System  DDT&E Cost Coefficients Flight Unit Cost Coefficients 
k a b k a b 

CM 285.57 0.2667 49.923 0.2409 
LPM-D 168.22 0.3152 4.8935 0.4146 
LPM-A 405.62 0.2151 66.129 0.1606 
LRS 13.89 0.55 1.071 0.662 
OPM-C 29.125 0.4554 2.6147 0.4782 
OPM-S 29.125 0.4554 1.8650 0.4782 
OPM-M 29.125 0.4554 1.8650 0.4782 
LHAB 751.64 0.1183 124.32 0.1402 
TMT 29.125 0.4554 1.8650 0.4782 

 



The final development cost, design work and production and testing of test articles, as well as the 
first unit production costs, for each vehicle are listed below, in table 9.1-3. Costs are adjusted 
from the year stated in each CER to constant 2013 dollars. 

9.1.1 CM	  Cost	  Estimation	  
Initial mass estimation of the crew module was based on the design envelope volume of the CM, 
following relationships determined by Heineman. The CM volume was determined based on the 
required open volume within the capsule, as mandated by the crew systems design. As the CM 
design was refined, and masses of each subsystem were determined, the actual dry mass of the 
design was used for cost estimation. CM cost was estimated using Arney and Wilhite’s CERs for 
a crew capsule. 
  

Table 9.1-2: AMCM Production Cost Coefficients for applicable vehicles 

System Type 
Flight Unit Cost Coefficients 

k a b 
OLV 1.8650 0.4782 
Crew FH Fairing 124.32 0.1402 
Cargo FH Fairing 1.8650 0.4782 

 

Table 9.1-3: Vehicle DDT&E and First Unit Production Costs 

Vehicle DDT&E Cost ($M) First Unit Production 
Cost ($M) 

CM 3029 406 
FH Fairings 1.5 5 
LHAB 2112 421 
LPM 3570 265 
LROV 2074 142 
LRS 1330 260 
MPCV 5200** 380** 
OLV 196 409 
OPM-C 1491 160 
OPM-M 1592 122 
OPM-S 959 72 
SLS * 1355*** 
TMT 3653 444 

 

* SLS DDT&E cost not accounted for in $3B/year cost. See section 9.1.11 below 

** First two MPCV vehicles produced used for testing, and are therefore are covered in DDT&E 
*** Calculated cost of production of first SLS IA/B 

 



9.1.2 OLV	  Cost	  Estimation	  
The OLV was modeled as a block 2 vehicle, with heritage of some systems from the CM. As 
such, development and production costs were calculated using AMCM. A curve for the OLV 
total cost can be found in Appendix C. 

9.1.3 OPM	  Cost	  Estimation	  
All OPMs were modeled as propulsive stages, and were costed using Arney and Wilhite’s CERs 
for propulsive stages. The specific CER coefficients used for each OPM can be found in 
Table 9.1-1. 

9.1.4 LPM	  Cost	  Estimation	  
For cost estimation, the LPM-A and LPM-D were modeled as two separate vehicles, and were 
costed using Arney and Wilhite’s CERs for an ascent stage and descent stage, respectively, based 
on the inert mass of each stage. 

9.1.5 LHAB	  Cost	  Estimation	  
The LHAB was costed using Arney and Wilhite’s CER for surface habitats. 

9.1.6 TMT	  Mass	  and	  Cost	  Estimation	  
The volume of the TMT was determined using the Celantano curve for necessary volume per 
crew member to meet the performance limit for a long duration mission, leading to a total 
habitable volume of 45 cubic meters. This led to a vehicle gross mass of 9100 kg, which was 
assumed to not include life support consumables. Based on this gross mass, the cost was 
estimated using Arney and Wilhite’s CER for in-space habitats. 
The rate of consumable use was modeled to be the same as the ISS. Consumable mass was based 
on the number and capacity of cargo vehicles typically sent the ISS each year. This was assumed 
to include four Progress vehicles, one HTV, one ATV, and two Dragons. It was assumed that 
approximately 40% of the payload launched on these vehicles was dedicated to consumables, 
which equates to approximately 10,000 kg of consumables per year. The ISS has a crew of six, 
and the notional mission to Phobos only has a crew of four. However, the calculated consumable 
mass is for the ISS for one year, and the duration of the proposed Phobos mission would be 18 
months; therefore the consumable requirements are assumed to be approximately the same. If it 
is desired to pursue a mission to Phobos in further detail, a more detailed analysis of the required 
consumable mass will need to be conducted, but was not pursued in any greater detail for at the 
top level design of this mission. 

9.1.7 LROV	  Cost	  Estimation	  
The lunar rovers were costed based on the CER developed by a previous ENAE484 design 
project for TURTLE, another lunar rover (ENAE484 Space Systems Design). 

9.1.8 LRS	  Cost	  Estimation	  
The LRS production and development costs were based on NASA Spacecraft\Vehicle Level Cost 
Model (SVLCM) for an unmanned planetary vehicle. 

9.1.9 Falcon	  Heavy	  Payload	  Fairing	  Cost	  Estimation	  
It was assumed that FLEETs would be required to pay the development cost to develop custom, 
oversized payload fairings for FH. These were modeled as payload fairings in AMCM. A sample 
regression plot can be found in Appendix C. Fairing mass was estimated based on geometric 



scaling of the standard FH payload fairing mass, which was assumed to be approximately 2000 
kg. Based on these inputs to AMCM, development cost of each custom fairing was $1.5M, and 
the first unit production cost of each is approximately $5M, although both also follow a 66% 
learning curve, as determined by AMCM. This means that after the first manned lunar mission, 
the cost of a cargo fairing is reduced to approximately $1M. 

9.1.10 MPCV	  Cost	  Estimation	  
MPCV cost estimation was based on a NASA Exploration Systems Directorate (ESD 
Integration) internal report on budget availability scenarios. From this, it was determined that, by 
NASA cost estimations, an additional $5.2B will be required to complete MPCV from the year 
2013, through 2017, the year of the second MPCV test flight. This presentation did not 
differentiate between development and production, so the production cost of the first two 
MPCVs which are scheduled to launch in 2014 and 2017, are assumed to be included in this 
listed development cost. The production cost listed above, is therefore for the third unit, 
assuming an 85% learning curve. The actual first unit production cost, calculated using 
Arney and Wilhite CERs, is estimated as $492M. 

9.1.11 SLS	  Cost	  Estimation	  
The development of the 70MT class SLS was assumed to be conducted by a separate design 
effort within NASA, and was therefore not accounted for in the FLEETS budget, however 
development cost to upgrade SLS from a 70MT class LV to a 105MT class LV was covered by 
the FLEETS program. Production of the first three SLS vehicles was assumed to be $11.1B 
(ESD Integration). An 85% learning curve was applied to these production costs, to achieve 
production costs of $4.23B, $3.60B, and $3.27B for the first, second, and third unit, respectively. 
These costs were assumed to include the development cost of upgrading SLS to a 105MT class 
LV, which matches the current NASA funding plans.  
After the production cost of the first three SLS vehicles, production costs were estimated using 
the SVLCM CER for a launch vehicle stage, modeling the SLS core stage, advanced rocket 
boosters, and cryogenic upper stage each as a separate stage. For these calculations, masses of 
84,000 kg for each advanced rocket booster, 125,000 kg for the core stage, and 15,000kg for the 
cryogenic upper stage were used (Kyle). Based on these values, the 105MT SLS first unit 
production cost was estimated as $1.35B. Development is considered complete after the third 
SLS flight, when upgrade to the 105MT class SLS is complete. Applying a 85% learning curve, 
and using this cost model after the first three launches, the estimated cost of the forth SLS 
produced is $979M. 

9.2 Yearly	  program	  cost	  breakdown	  

9.2.1 Phase	  I-‐III	  Vehicle	  Development	  
Development of each vehicle within the FLEETS architecture is tabulated below in Table 9.2.1-
1. It was assumed that any crewed vehicle would take at least seven years to develop, and that 
any unscrewed vehicle would take at least five years to develop, with development times for 
certain vehicles being stretched out to fit within budgetary constraints. MPCV development was 
extended from five to fourteen years, in order to accelerate development of vehicles necessary to 
facilitate manned lunar landings as soon as possible.  



Development of the 70MT SLS vehicle is 
assumed to be completed by an independent 
NASA program, and is assumed ready by the 
first flight in program year 14. Development of 
the 105MT class vehicle is accounted for in the 
production of the first three SLS vehicles, and 
is therefore assumed complete by the third SLS 
launch. 

The development schedule of all phase I-III 
vehicles is shown below in Figure 9.2.1. In each 
case, a beta cost spreading function was applied 
to more accurately estimate development costs.  

 
 

 
 

 

Table 9.2.1-1: Vehicle Development Times 

Vehicle Development Time (years) 

CM 7 
FH 
Fairings 1 

LHAB 7 
LPM 7 
LROV 7 
LRS 2 
MPCV 14 
OLV 7 
OPM-C 5 
OPM-M 5 
OPM-S 5 
SLS * 
TMT 7 

 

* See above discussion of SLS development 

 
Figure 9.2.1-1: Phase I-III Development Schedule 

 



9.2.2 Phase	  IV	  Vehicle	  Development	  
Vehicles for future missions beyond Earth orbit will be developed concurrently with lunar phase 
I-III operations.  Therefore, vehicle development schedules are driven primarily by available 
funding, and do not necessarily meet the development time assumptions for phase I-III hardware.  
For example, in the notional Phobos mission, the OPM-M has a five year development time, like 
the previous OPMs.  However, the TMT has its development spread over ten years to avoid 
delaying existing operations, or SLS development, necessary to utilize the TMT.  Similar to 
phase I-III development, a beta cost spreading function was applied to phase IV vehicle 
development.  Phase IV development schedule can be seen below, in Figure 9.2.2-1. 

 

 	  

 
Figure 9.2.2-1: Phase IV Development Schedule 

 



9.3 Program	  Scheduling	  
Figure 9.3-1, 9.3-2, and 9.3-3 show the production and operations cost of each vehicle, based on 
the proposed DRM and conops, superimposed on the total development cost in that year.  Table 
9.3-1 lists the typical operational and production cost for a single mission of a given type. 

 
 

Figure 9.3-1: Vehicle Production Costs, Years 1-11 
 

 
Figure 9.3-2: Vehicle Production Costs, Years 12-20 

 



 

 
Manned lunar missions start at the beginning of Phase II.  Once Phase II starts, a manned 
mission is scheduled for every program year.  Table 9.3-2 shows the year of significant program 
milestones.  This assumes an idealized schedule with the main goal of landing humans on the 
moon as soon as possible, progressing into each successive phase once all minimum phase 
objectives have been completed.  This does not take into account secondary objectives, or 
potential program delays. 

Table 9.3-2: Program milestones 

Milestone Program year 

First test launches Year 5 

LRS deployment missions Year 7 

First manned lunar mission Year 9 (start of Phase II) 

First long-term lunar habitat mission Year 12 (start of Phase III) 

Beginning of LEO assembly for first manned 
Phobos mission 

Year 21 (start of Phase IV) 

First crew departs to Phobos Year 25 

  

 
Figure 9.3-3: Vehicle Production Costs, Years 21-25 

 
Table 9.3-1: Average Mission Costs 

Mission	  Type	   LRS	  Deployment	   2-‐Person	  Lunar	   4-‐Person	  Lunar	   4-‐Person	  Phobos	  
Mission	  Cost	   $0.75B	   $1.2B	   $1.7B	   $7.1B	  
 



Appendix	  A	  –	  Human	  Factors	  Experiment	  –	  Lunar	  Landing	  Simulator	  	  

Introduction	  and	  Study	  Objectives	  (Jesse	  Cummings)	  
As per the requirements of the project, a human factors hardware experiment was designed and 
executed. The project selected was adapting a pre-existing lunar landing simulator to examine 
the differences between two different piloting configurations. The difference between these 
configurations was the way the pilot observed his or her surroundings. The first configuration 
allowed the pilot to observe his or her surroundings through a simulated camera feed from a 
fixed, external camera on the craft. The second configuration removed this camera and instead 
simulated an internal virtual cockpit with windows that the pilot could look out of. In addition, 
this configuration utilized a 6 degree-of-freedom head-tracking tool called TrackIR that 
accurately tracked the pilots’ head movements, allowing them to look around the inside of the 
cockpit and most importantly change their field of view through the window. The goal of this 
study was to ssess the differences between having parallax effects and using a fixed camera feed 
to pilot and land a craft on the moon. 

Hardware	  and	  Experimental	  Setup	  (Sean	  Robert)	  

Orbiter	  2010	  and	  AMSO	  
Orbiter Space Flight Simulator is a high fidelity spaceflight simulator developed by Dr. Martin 
Schweiger at University College London. It was developed to provide realistic spaceflight 
physics and allow the user to simulate many missions with both real and fictional spacecraft. 
Orbiter 2010 is available from the University College of London Medical Physics website at 
<orbit.medphys.ucl.ac.uk>. For this experiment, Orbiter 2010-P1, build 100830 was used. 
Unfortunately, Orbiter does not provide all of the features necessary for this experiment to be 
successful. It lacks three-dimensional lunar surfaces and lunar vehicle crash and failure physics. 
For this reason, an add-on was needed to fill the requirements that Orbiter failed to. 
The Apollo Mission Simulator for Orbiter (AMSO) is an add-on for Orbiter 2010 that was 
created by Alain Capt of ACSoft Productions. AMSO allows the user to fully simulate each part 
of each Apollo mission from AS-201’s re-entry test to Apollo 11’s lunar landing and Apollo 17’s 
final splashdown. The software is compatible with Orbiter 2010-P1, builds 100606 through 
101016. AMSO provides three-dimensional, fully solid meshes of the Apollo program’s lunar 
landing sites as well as the crash physics to go along with it. With AMSO, the user can either run 
autopilot simulations of each phase of the mission or take over and complete the remainder of the 
mission by hand.  

Hardware	  
This simulator was run on a custom-built computer which was built from parts purchased from 
<www.Newegg.com> through the University of Maryland. The computer is comprised of the 
following parts tabulated on the next page. 
  



 
Table A-1: Computer Components 
Description Quantity Price Item Number Total Price 
LITE-ON DVD Burner - Bulk 
Black SATA Model iHAS124-04 1 $17.99 N82E16827106289 $17.99 
Thermaltake ARMOR A30 
VM70001W2Z Black SECC 
MicroATX Mini Tower Computer 
Case 1 $109.99 N82E16811133187 $109.99 
HIS H677FN1GD Radeon HD 
6770 1GB 128-bit GDDR5 PCI 
Express 2.1 x16 HDCP Ready 
CrossFireX Support Video Card 
with Eyefinity 2 $119.99 N82E16814161387 $239.98 
Thermaltake TR2 TR-700 700W 
ATX 12V V2.3 & EPS 12V SLI 
Ready CrossFire Ready Active 
PFC Power Supply 1 $79.99 N82E16817153167 $79.99 
Kingston HyperX 8GB (2 x 4GB) 
240-Pin DDR3 SDRAM DDR3 
1600 (PC3 12800) Desktop 
Memory Model 
KHX1600C9D3K2/8GX 1 $59.99 N82E16820104173 $59.99 
ASRock H77 Pro4-M LGA 1155 
Intel H77 HDMI SATA 6Gb/s 
USB 3.0 Micro ATX Intel 
Motherboard 1 $89.99 N82E16813157301 $89.99 
Intel Core i5-3330 Ivy Bridge 
3.0GHz (3.2GHz Turbo) LGA 
1155 Quad-Core Desktop 
Processor Intel HD Graphics 2500 
BX80637i53330 1 $189.99 N82E16819116781 $189.99 
COOLER MASTER GeminII 
S524 120mm Long Life Sleeve 
CPU Cooler Compatible with Intel 
2011/1366/1155/775 and AMD 
FM1/FM2/AM3+ 1 $39.99 N82E16835103100 $39.99 
BYTECC Model SATA-118C 18" 
Serial ATA-150/300 Cable 
w/Locking Latch 2 $3.49 N82E16812270093 $6.98 

   
Grand Total $842.88 

 
This computer can support up to six visual outputs – more than adequate to run the simulation in 
Orbiter. Input is given via a standard keyboard, a standard computer mouse, and a 3-axis 
joystick. Having completed our experiments with the computer, it will be used as a control 



station for the Neutral Buoyancy Research Facility (NBRF), part of the Space Systems Lab at the 
University of Maryland. 

TrackIR	  
In order to simulate parallax for that part of the experiment, a head tracking hardware and 
software needed to be implemented. To this end, TrackIR 5 was used. TrackIR physically 
consists of an infrared emitter and sensor approximately two inches across which is mounted 
atop the main display.  

 
This detects an infrared reflection off of the three reflective points of the TrackIR hat clip and 
uses that to interpret the head’s location and what direction it’s facing. Through this, TrackIR 
provides 6 degree of freedom head tracking. This hardware and software is fully compatible with 
and supported by Orbiter, allowing a user to look around inside of a virtual cockpit in the 
simulator with only minor problems such as clipping through the wall of the craft if the user’s 
head translates too far. 

Experimental	  Setup	  
The physical setup of the experiment has an array of monitors in front of the user. The central 
monitor provides the main view of the outside, either through a simulated camera feed or through 
a virtual window with TrackIR. The left and right monitors provide auxiliary camera feeds and 
the bottom two monitors provide various Multi-Function Displays with information such as 
altitude, angle, velocity, and acceleration.  

 

 
Figure A-1: TrackIR 5 sensor and hat clip 

 

  
Figure A-2: Notional Model of Experimental Setup 



The user must fly two scenarios several times, both with and without TrackIR enabled. In all 
cases, the goal is to land the craft safely on the lunar surface. In one scenario, the user must 
simply land in the shortest amount of time. In the second, he/she must land at a designated 
landing spot in the middle of a shallow crater. The simulation begins after the lunar descent burn 
with the craft in a descent trajectory approximately 1.5 kilometers above the lunar surface, 
oriented in the proper direction for a braking thrust. Success is dictated by landing safely on the 
surface with a horizontal speed of less than 2 m/s, a vertical speed of less than 4 m/s, and some 
amount of fuel left in the descent stage. If the user crashes or aborts (switches to the ascent stage 
before landing), that is noted with the rest of his/her test data.  

Changes	  
The experiment changed drastically between its conception and the final version. In the initial 
version, the plan was to compare two piloting configurations – laying down and standing up. In 
the supine position, the pilot would receive information on an array of monitors suspended above 
him. In this position, no monitors would be virtual windows and TrackIR would not be 
implemented at all. 

 
In the standing orientation, the main pilot would have a virtual window display with TrackIR and 
two auxiliary displays for MFDs. There would also be three additional monitors with camera 
views for the other three crew members to look out. This setup would have involved 
communication and teamwork to land the craft. 

 
Figure A-3: Notional Model of Supine Experiment 



 
It quickly became clear that there were too many differences between these two setups and that 
no reliable data could be acquired from this experiment. The other crew members were removed 
from the standing setup and eventually, the supine setup was done away with altogether. The 
focus shifted from determining the cabin layout for landing to determining how much, if at all, 
the pilots benefited from windows (or monitors with parallax) compared with simple screens. 

Testing	  Scenario	  (Jesse	  Cummings)	  
The testing scenario executed by test subjects required that the subjects simply attempt to land 
the Apollo Landing Module as quickly and safely as possible. The simulation begins partway 
through the descent stage of the mission to the lunar surface, with the craft approximately 1.5 km 
above the surface of the moon. The craft is pre-oriented with the thruster aligned with the 
velocity vector. In both configurations, pilots were given information such as altitude, vertical 
speed, absolute speed, and a set of crosshairs with gradations showing the craft’s angle with 
respect to the surface plane of the moon.  
Using all of this data, pilots could determine the orientation of the craft with respect to the 
surface, the vertical speed and altitude of the craft, and, by comparing the vertical speed to the 
absolute speed, the approximate ground speed of the craft. In addition to these readouts, pilots 
were also able to utilize three built-in functions to Orbiter 2010 to assist them. These were an 
automatic horizontal level toggle, which keeps the crosshairs aligned parallel to the surface, a kill 
rotation button which would automatically halt all rotations on the craft, and a hold altitude 
toggle that would automatically adjust thrust to attempt to keep the vertical component equal to 
the gravitational force on the craft (regardless of orientation). In the fixed camera feed 
configuration, the viewpoint was fixed to be perpendicular to the thrust vector of the engine. In 
the second parallax configuration, pilots were able to look out of the windows of the Apollo 
craft, enabling views of the horizon and the surrounding surface of the moon. 

The built-in requirements for a successful landing in the AMSO add-on to Orbiter are that the 
vertical speed of the craft must be between 0 and -5 meters per second, and that ground speed 
can be no more than 2 meters per second in any direction. All results were recorded and used to 
assess the learning curve associated with each configuration. 

 

 
Figure A-4: Notional Model of Multi-Person Experiment 



Results	  (Jesse	  Cummings)	  
Three separate metrics were used to determine the effectiveness of each piloting orientation. 
These are as follows: 

1. Learning Curve 
2. NASA Task Load Index Ratings 
3. Cooper-Harper Rating 

The results of each metric are described in the following sections. 

Learning	  Curve	  
Each crash and successful landing (with time of the landing) were recorded for each test subject 
in each configuration. In order to assess learning curve, outliers in the data due to program error 
or dismissible human error such as pushing the wrong button by accident are ignored in this 
analysis. Each test subject’s results are displayed below for each configuration. The blank 
intervals between data points on the plot represent times that the pilot crashed. These are 
included because even if a pilot crashes, he or she can gain valuable experience from that 
particular trial. For this reason they were not omitted from the plots. 

 
Figure A-5: Subject 1 Configuration 1 Flight Times 
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Figure A-6: Subject 1 Configuration 2 Flight Times 

 
Figure A-7: Subject 2 Configuration 1 Flight Times 
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Figure A-8: Subject 2 Configuration 2 Flight Times 

 
Figure A-9: Subject 3 Configuration 1 Flight Times 
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Figure A-10: Subject 3 Configuration 2 Flight Times 

 
Figure A-11: Subject 4 Configuration 1 Flight Times 
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Figure A-12: Subject 4 Configuration 2 Flight Times 

 

The mean learning curves for each configuration per subject, along with the total average 
learning curve and standard deviation, are included in the table below. 

 
Table A-2: Learning Curve Data 

 Configuration 1 Configuration 2 

Subject 1 0.88 0.84 

Subject 2 1.06 0.85 

Subject 3 0.74 0.98 

Subject 4 0.98 0.88 

Average 0.91 0.89 

Standard Deviation 0.14 0.07 

 

Examining the learning curve data, it is clear that flight times for configuration 1 are very 
scattered and inconsistent, whereas times for configuration 2 are more consistent. This could be 
due to a number of factors. Test subject 2 had very erratic times for trials in configuration 1 that 
actually increased over time, resulting in a learning curve greater than 1 in the table above. Test 
subject 4 had very consistent flight times that barely changed across trials in this configuration. 
The other two test subjects, however, had flight times that converged well and followed a clear 
learning curve. Based on this data alone, it could be determined that configuration 1 results in 
inconsistent pilot performance and pilot performance and improvement cannot be accurately 
predicted using this method. The average learning curve for configuration 1 was 91%, but had a 
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large standard deviation of 14%, suggesting that much more testing is needed to confirm the 
inconsistency of configuration 1. 

Configuration 2 had more uniform results than configuration 1, with all but one test subjects 
following a clear learning curve. Test subject 3 is the outlier in this case, with practically no 
learning curve exhibited. These results for configuration 2 could potentially be influenced by the 
amount of prior experience of the pilots. All test subjects attempted configuration 1 before 
configuration 2, and thus were familiar with the controls and behavior of the craft, as well as 
what general techniques worked best in the landing process. The learning curves exhibited by 
subjects were closely grouped around 87% with the exception of Test subject 3 who exhibited 
practically no improvement across multiple trials. The average learning curve for configuration 2 
was 89%, which is very close to configuration 1, but exhibited a standard deviation of 7%, half 
that of configuration 1. This seems to suggest that being able to change one’s field of view and 
take advantage of parallax effects results in a much more consistent learning curve across a 
population of pilots. 

 One can also assess the effectiveness of each piloting orientation in terms of where each test 
subject’s flight time leveled out in configuration 1 versus configuration 2. Looking at the data, 
test subjects 1 and 2 were able to land more effectively using the TrackIR system. Test subject 3 
was much more effective at landing the craft in configuration 1 compared to configuration 2, 
with a final landing time in configuration 1 that was half of the final configuration 2 landing 
time. Test subject 4 exhibited approximately equal final performances between configuration 1 
and 2. 
The following conclusions can be drawn from both of these analyses: 

• Configuration 1 is very inconsistent in learning curve and performance across test 
subjects 

• Configuration 2 exhibits a clear learning curve followed by most test subjects around the 
same value of 89% 

• Configuration 2 often results in equal or longer landing times than configuration 1 
 

NASA	  TLX	  Rating	  Scales	  
The second method of comparing the two configurations consisted of obtaining NASA TLX 
Ratings of each configuration from each test subject. The scale is from 1 to 21, with 21 denoting 
a high level and 1 a low level, except in the case of performance were lower is better. The sheet 
for the TLX ratings can be found in Appendix C. The ratings for configuration 1 and 2 are 
tabulated below. 
  



 
Table A-3: TLX Ratings for Configuration 1 

 Subject 1 Subject 2 Subject 3 Subject 4 Average 

Mental 
Demand 15	   14	   5	   14	   12	  

Physical 
Demand 3	   2	   0	   3	   2	  

Temporal 
Demand 15	   17	   10	   11	   13.25	  

Performance 
 5	   11	   4	   4	   6	  

Effort 
 16	   7	   12	   17	   13	  

Frustration 

 13	   10	   14	   15	   13	  

 

Table A-4: TLX Ratings for Configuration 2 

 Subject 1 Subject 2 Subject 3 Subject 4 Average 

Mental 
Demand 17	   18	   16	   17	   17	  

Physical 
Demand 3	   5	   5	   3	   4	  

Temporal 
Demand 17	   10	   11	   13	   12.75	  

Performance 4	   7	   11	   15	   9.25	  

Effort 14	   14	   20	   18	   16.5	  

Frustration 12	   14	   18	   17	   15.25	  

 
Examining differences between the two configurations in the average of each category, some 
differences between the two configurations can be determined. First and foremost, it is clear that 
the mental demand for configuration 2 is much higher than that of configuration 1. All test 
subjects indicated an increase in this category from configuration 1 to configuration 2. Physical 
demand was slightly higher in configuration 2, most likely due to the additional need to control 
head movements as well as hand movements during the simulation. The increase is very slight, 
however, and is not a clear indicator that configuration 2 is noticeably more physically 
demanding. Temporal demand was consistent between the two configurations, indicating that 



test subjects did not feel any difference in time pressure between the two tasks. Performance was 
noticeably rated better in configuration 1 than configuration 2, which seems to conflict with the 
test flight data showing that more test subjects performed equally or better in 2 than 1. This could 
be the result of test subjects feeling as though they could have performed better in configuration 
2 but had difficulty attaining that level of performance. The amount of effort required in 
configuration 2 was also higher than in configuration 1, most likely due to the test subjects 
having to process and adjust to the additional intermediate reference frame introduced by 
TrackIR. Finally, frustration was slightly higher in configuration 2 than configuration 1. 

 

Cooper-‐Harper	  Rating	  
Each subject was required to give each configuration a Cooper-Harper rating as a third metric for 
assessing their effectiveness. The flow-chart used to do this can be found in Appendix C. The 
results of this are tabulated below. 
Table A-5: Cooper-Harper Ratings 

 Configuration 1 Configuration 2 

Subject 1 4	   3	  

Subject 2 4	   5	  

Subject 3 4	   7	  

Subject 4 2	   5	  

Average 3.5	   5	  

 

The average Cooper-Harper rating for configuration 1 was 3.5, bordering on the line between 
acceptable and not acceptable. The average rating for configuration 2, however, was a 5, 
indicating that there are moderate deficiencies in the craft that need to be addressed. Through 
these ratings, subjects indicated that, for most subjects, while configuration 2 can generate better 
performance and a smoother learning curve, it is overall more difficult to pilot than configuration 
1. 

 

Conclusions	  
After examining each of these three metrics, it is clear that in general configuration 2 is more 
difficult to pilot in, but can generate better results. The use of a fixed-view camera in 
configuration 1 seems to generate inconsistent results among test subjects and further testing 
across a larger pool of subjects is needed to assess what the performance and learning curve 
trends are. Based on these results, giving pilots physical viewports instead of forcing them to 
depend on external camera feeds is a much safer design and will result in much more consistent 
performance when used in missions. 

  



Appendix	  B	  –	  Public	  Outreach	  

Education	  and	  Public	  Outreach	  (Doug	  Astler)	  
The FLEETS team had two major education and public outreach activities throughout our design 
process.  The first activity consisted of a day of teaching  a group of second graders in a nearby 
elementary school (Montgomery Knolls, in Silver Spring, MD), and the second was reaching out 
to the public at the University of Maryland’s annual family day.  The trip to Montgomery Knolls 
took place on  April 9th, and Maryland’s family day took place on April 27. 

Montgomery	  Knolls	  Elementary	  (Doug	  Astler)	  
On April 9th, a portion of the FLEETS team made a trip to Montgomery Knolls Elementary 
school in Silver Spring, MD, where they taught seven 2nd grade classrooms about the phases of 
the moon.  The lesson plan for the day included a Powerpoint presentation, and two mini 
experiments to reinforce the kids’ understanding of what they had learned. 

 
Picture B-1 Powerpoint Presentation Detailing the Phases of the Moon 

The first hands-on mini experiment let the kids simulate the moon orbiting around the Earth 
using a tennis ball and flashlight.  One child was given a tennis ball, while another child shined a 
flashlight at the ball.  The first student would move the ball around their head, and depending on 
the balls position relative to their face and the flashlight, different amounts of the ball would be 
lit up just like how the moon appears to us as it orbits around the Earth! 

The second hands-on experiment was both delicious and informative!  Each student was given 
two Oreos each, along with two different phases of the moon.  Their task was to open the Oreos, 
leaving the frosting on one side of the cookie, and then to scrape away frosting until their Oreos 
looked like the two phases of the moon they were given.  Once they finished drawing their 
phases of the moon, they were allowed to eat the Oreos, who knew that science could be 
delicious? 



 
Picture B-2 An Example Full set of Oreo Moon Phases (Source: www.sciencebob.com) 

Overall, the entire trip was incredibly rewarding.  Everyone that went from UMD had a blast 
teaching the kids, and we’ve been told that the kids are all asking when the astronauts from 
college are coming back! 



 
Picture B-3 Two Members of the FLEET Team Introducing Themselves to the Classroom 

 

Maryland	  Day	  (Doug	  Astler)	  
On the University of Maryland’s family day, Maryland Day (April 27th), the FLEETS team had a 
booth, poster, and simulation set up to let the public see what we had been working on.  Over the 
six hour event, hundreds of kids and families saw our booth and were able to talk and ask 
questions of the FLEET team. 
Anyone who came by was able to use our simulated lander and try to land on the surface of the 
moon!  There were also many other activities set up to inspire all who came along.  Throughout 
the day, the different things going on included: divers in the University of Maryland’s Neutral 
Buoyancy Research Facility showing kids how the tank can be used to test objects in a simulated 
low gravity environment, rovers and obstacle courses for everyone to test their driving skills on, 
a “face in the hole” astronaut suit for photos, and even our own “astronaut” walking around for 
photo opportunities and questions! 

All in all, the event was a huge success, and the FLEETS team knows that many lives were 
touched throughout the day.  It was especially awesome to see the wonder in kids’ eyes as our 
“astronaut” walked around.  Hearing them ask “Is that a real astronaut?” made the entire 
experience just that much more special for everyone who volunteered that day. 



 
Picture B-4 Our Own “Astronaut” Posing With One of the Rovers Available to Drive At UMD’s 

Maryland Day 

  



Appendix	  C:	  Communication	  Link	  Budget	  Calculations	  
 

 
Figure C.1: Habitat to LRS (X band) 



 
Figure C.2: Habitat to LRS (S band) 

 



 
Figure C.3: Crew Module to Earth for Lunar Near Side Equatorial Sortie Mission (X band) 

 



 
Figure C.4: Crew Module to Earth for Lunar Transfer Orbit (X band) 

 



 
Figure C.5: Crew Module to LRS for Lunar Operations (X band) 

 



 
Figure C.6: Crew Module to Earth for Lunar Near Side Equatorial Sortie Mission (S band) 

 



 
Figure C.7: Crew Module to Earth in Lunar Transfer Orbit (S band) 

 



 
Figure C.8: OLV to LRS (X band) 

 



 
Figure C.9: OLV to LRS (S band) 

 



 
Figure C.10: Rover to LRS (S band) 

 



 
Figure C.10: OPM to Earth (S band) 

 



 
Figure C.11: OPM to OPM Docking (S band Omnidirectional) 

 



 
Figure C.12: Emergency antenna for Crew Module to Earth  (S band Omnidirectional) 

  

 



 
Figure C.13: Astronaut to Astronaut (UHF Omnidirectional) 

Appendix	  D:	  Trade	  Studies	  and	  Additional	  Information	  

Preliminary	  Costing	  Analysis	  for	  Several	  Architectures	  (Michelle	  Sultzman)	  
In the preliminary stages of planning, several different architectures were compared based on 
costing and earliest manned mission completion. These analyses did not take into account beta-
function costing analysis; analysis was performed under the assumption that the ability to fund 
was the limiting factor in how quickly missions could begin launching. Analyses assume that all 
propulsion modules are identical in design. Falcon Heavy launch vehicles were assumed for LEO 
launches, while Delta IV rockets were assumed for GEO launched. An 85% learning curve was 
assumed. The architectures were analyzed for three separate cases (with one exception): launch 
and rendezvous in LEO (LEO/LEO), launch to LEO and rendezvous in LLO (LEO/LLO), and 
launch and rendezvous in GEO (GEO/GEO). None of these architectures were used in the final 
design. 

Architecture	  1	  
The first architecture consisted of a set of propulsion modules, a capsule that could support 
habitation of a four person crew for 35 days (28 days on the lunar surface and 7 days of transit), 
and a landing craft, which was essentially a propulsion modules with additional structure. 



LEO/LEO	  
All system components were launched to LEO where rendezvous was performed. The entire 
stack then travelled to LLO where it descended to the surface. The mission was carried out and 
the crew capsule was launched and performed a direct injection maneuver to return to Earth. 

Upfront Costs ($M2008) 6763.6 

Number of Launches Per Mission 10 

Total Program Costs ($M2008) 19007 

Year of First Manned Mission 2 

Average Cost Per kg Over Mission Span ($2008) 4271.2 

LEO/LLO	  
All system components were launched to LEO and sent separately to LLO. Rendezvous occurred 
in LLO, and once finished the entire descended to the surface. The mission was carried out and 
the crew capsule was launched and performed a direct injection maneuver to return to Earth. 
 

Upfront Costs ($M2008) 4309.6 

Number of Launches Per Mission 7 

Total Program Costs ($M2008) 14004.9 

Year of First Manned Mission 1 

Average Cost Per kg Over Mission Span ($2008) 4188.2 

GEO/GEO	  
All system components were launched to GEO where rendezvous was performed. The entire 
stack then travelled to LLO where it descended to the surface. The mission was carried out and 
the crew capsule was launched and performed a direct injection maneuver to return to Earth. 

Upfront Costs ($M2008) 4219.4 

Number of Launches Per Mission 18 

Total Program Costs ($M2008) 23615 

Year of First Manned Mission 2 

Average Cost Per kg Over Mission Span ($2008) 11185 

Table D-1: Results of Costing Analysis of Architecture 1 – LEO/LEO 

Table D-2: Results of Costing Analysis of Architecture 1 – LEO/LLO 

Table D-3: Results of Costing Analysis of Architecture 1 – GEO/GEO 



Architecture	  2	  
The second architecture consisted of a set of propulsion modules, a capsule that could support 
habitation of a four person crew for 7 days (transit time), and a habitable lander that could 
support a crew of four for 28 days (the habitat had the ability to separate from the lander). 

LEO/LEO	  
All system components were launched to LEO where rendezvous was performed. The entire 
stack then travelled to LLO where the habitable lander and necessary propulsion modules 
descended to the surface. The mission was carried out and the habitable part of the lander was 
launched into LLO. The crew was transferred back to the capsule and returned to Earth. 
 

Upfront Costs ($M2008) 6104.2 

Number of Launches Per Mission 6 

Total Program Costs ($M2008) 15354 

Year of First Manned Mission 2 

Average Cost Per kg Over Mission Span ($2008) 6209.2 

LEO/LLO	  
All system components were launched to LEO and sent separately to LLO. Rendezvous occurred 
in LLO, and once finished the habitable lander and necessary propulsion modules descended to 
the surface. The mission was carried out and the habitable part of the lander was launched into 
LLO. The crew was transferred back to the capsule and returned to Earth. 
 

 

Upfront Costs ($M2008) 6085.8 

Number of Launches Per Mission 6 

Total Program Costs ($M2008) 15282 

Year of First Manned Mission 2 

Average Cost Per kg Over Mission Span ($2008) 6016.1 

GEO/GEO	  
All system components were launched to GEO where rendezvous was performed. The entire 
stack then travelled to LLO where the habitable lander and necessary propulsion modules 
descended to the surface. The mission was carried out and the habitable part of the lander was 
launched into LLO. The crew was transferred back to the capsule and returned to Earth. 
This architecture was not viable given the budgetary constraints according to this basic analysis. 

Architecture	  3	  
The third architecture consisted of a set of propulsion modules, a capsule that could support 
habitation of a four person crew for 1 days (transit time from launch to LEO), a lunar bus that 

Table D-4: Results of Costing Analysis of Architecture 2 – LEO/LEO 

Table D-5: Results of Costing Analysis of Architecture 1 – LEO/LLO 



could support habitation for 7 days (transit from LEO to LLO), a habitable landing stage that 
could support habitation for 28 days (the habitat could separate from the lander). 

LEO/LEO	  
All system components were launched to LEO where rendezvous was performed. The crew was 
launched to LEO in the capsule and then transferred to the lunar bus. The entire stack then 
travelled to LLO where the habitable lander and necessary propulsion modules descended to the 
surface. The mission was carried out and the habitable part of the lander was launched into LLO. 
The crew was transferred back into the bus and returned to LEO where they boarded the capsule 
and returned to Earth. 
 

 

Upfront Costs ($M2008) 7338.6 

Number of Launches Per Mission 6 

Total Program Costs ($M2008) 15014 

Year of First Manned Mission 2 

Average Cost Per kg Over Mission Span ($2008) 6106.7 

LEO/LLO	  
All system components were launched to LEO and sent to LLO separately, with the exception of 
the lunar bus, which remained in LEO. The crew was launched to LEO in the capsule and then 
transferred to the lunar bus. The bus then travelled to LLO where the crew was transferred to the 
habitable lander and it and the necessary propulsion modules descended to the surface. The 
mission was carried out and the habitable part of the lander was launched into LLO. The crew 
was transferred back into the bus and returned to LEO where they boarded the capsule and 
returned to Earth. 

 
 

Upfront Costs ($M2008) 7320.2 

Number of Launches Per Mission 6 

Total Program Costs ($M2008) 14942 

Year of First Manned Mission 2 

Average Cost Per kg Over Mission Span ($2008) 5922.9 

GEO/GEO	  
The GEO/GEO case was not analyzed for this particular architecture. 

Nonpolar	  Orbit	  Launch	  Windows	  (Michelle	  Sultzman)	  
Although the first several missions were designed to land and set up a habitat at the lunar South 
Pole, the program was designed to be expandable. Ultimately that may mean Near-Earth objects 

Table D-6: Results of Costing Analysis of Architecture 1 – LEO/LEO 

Table D-7: Results of Costing Analysis of Architecture 1 – LEO/LLO 



or missions to Mars, but it could also include other sites on the Moon. Section 5.3 of this report 
covers launch window constraints for a polar mission; this section will focus on equatorial 
landing site factors when defining launch windows. 

Rocket	  Performance	  
Launch windows for multiple insertions into polar orbits are limited by the amount of RAAN 
change the modules are capable of performing. Similarly, launch windows for insertion into 
nonpolar orbits have a rocket performance constraint: ability to perform inclination changes. The 
initial Earth-Moon transfer orbit and the amount of propellant available for inclination changes 
will create a band of acceptable landing site latitudes on the lunar surface. As the Moon orbits 
the Earth, its position will rise and fall with respect to the Earth because of its orbital tilt with 
respect to the ecliptic. Therefore, the band of latitudes will shift up and down upon the Moon’s 
surface throughout the lunar cycle. 

While rocket performance limited polar orbit launch windows to one launch every lunar cycle, 
the inclination change capability is not as restrictive a condition. Depending on the desired site’s 
latitude it could remain within the band for a significant portion of the lunar cycle. The number 
of opportunities for launch presented each month would increase should an equatorial landing 
site be chosen. 

Trans-‐Lunar	  Injection	  Burn	  
For the first missions, maintaining communication during important operations while in orbit and 
during landing drove the requirement that all TLI burns occur at second ground track intersection 
of each day. Any nonpolar orbit will probably have a gap in LRS coverage during the portions 
when the Moon blocks the view of the orbit from Earth, and this will no longer be a factor in 
deciding at what point the TLI burn is performed.  

Different latitudes will be accessible depending on whether or not the module is inserted into 
LLO from above or below the Earth-Moon plane, and this will be the deciding factor when 
determining at which intersection the TLI burn should be performed. This will further reinforce 
the requirement that the TLI burn for each launch be performed at the same intersection. 

Lighting	  Conditions	  
During the Apollo missions, landings were required to occur when the sun’s elevation angle was 
between seven and twenty degrees (Wheeler). At lower angles elongated shadows are created 
that hide features of the terrain, and at higher elevation angles the lunar surface becomes washed 
out. At the poles the Sun is never more than a few degrees above the horizon, so this condition 
was impossible to meet (a factor mitigated by launching during lunar summer). Sites at most 
other latitudes, however, spend about sixteen hours per lunar cycle in that condition, restricting 
each launch’s window to one day per lunar cycle per site. Apollo missions worked around this 
small window by choosing several possible landing sites, but because LLO rendezvous is a large 
component of this program, this option will not be available. If this range of elevation angles 
were to be relaxed, the launch windows could be expanded. 

 	  



AMCM	  Regression	  Curves	  (Matthew	  Marcus)	  
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OLV	  

OLV	  Engineering	  Drawings	  

 

 



 

 



LPM	  

RCS	  
 
A dead band attitude control simulator was used to determine the amount of RCS propellant 
mass needed to hold an OPM-S in dead band during transit to LTO. The simulator works by 
propagating the OPM-S through time in discrete steps using the governing equations. 
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Every time time is updated the OPM-S’s angular position and velocity and is determined and 
whether a maneuver needs to occur. The dead band used was plus or minus 5 degrees and plus or 
minus 0.7 degrees per second. Figure XXXX-1 illustrates the logic used to determine whether or 
not to thrust and the direction to thrust.  

 

 
The shaded area on the top indicates to burn negative and the shaded area on the bottom 
indicates to burn positive. All white areas indicate a non-burn. The desired dead band is inside 
the box. Figure XXXX-2 shows a sample output.  
The total amount of thrust time can be determined and with a known mass flow rate, the total 
amount of propellant mass needed can be found. Figure XXXX-2 shows an average output of a 
simulated trajectory.  

 

Figure XXXX-1: Attitude Simulator Logic Diagram 



Figure XXXX-2: Attitude Simulator Trajectory  
 

 
 



Human	  Factors	  Testing	  

 



 
Figure XXXX: Cooper-Harper Rating Flow-Chart 

 
  



Appendix	  E:	  Acronyms	  
 

AMCM Advanced Missions Costing Model 
ATV  Automated Transfer Vehicle 

CER  Cost Estimating Relations 
CM  Crew Module 

DDT&E Design, Development, Testing and Evaluation 
EEO  Elliptical Earth Orbit 

EVA  Extra Vehicular Activity 
FH  Falcon Heavy 

HTV  H-II transfer Vehicle 
ISS  International Space Station 

LEO  Low Earth Orbit  
LLO  Low Lunar Orbit 

LTO  Lunar Transfer Orbit 
MTO  Martian Transfer Orbit 

MCO  Martian Capture Orbit 
MPCV  Multi-Purpose Crew Vehicle  

MT  Metric Ton 
PTO  Phobos Transfer Orbit 

SLS  Space Launch System 
SVLCM Spacecraft/Vehicle Level Cost Model 
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Appendix	  G:	  Code	  Repository	  

Scott	  Wingate	  

LPM	  
function BoilOff 
  
%Solar radiaton 
Ai = 30; %m^2 
At = 94.2; %m^2 
alpha = 0.09; 
epsout = 0.9; 
epsin = 0.02; 
Ac = 3.5; %cm^2 to m^2  
s = 0.007; %m 
k = 0.0098; 
Is = 1400; %W/m^2 
Tsp = 3; %K 
Ttank = 75; %K 
sigma = 5.67*10^-8; 
H2vap = 461e3; %J/kg 
O2vap = 214e3; %J/kg 
t = 3*24*60*60; %sec 
  
Qin = Is*Ai*alpha; 
a = epsout*sigma*At; 
b = epsin*sigma*At; 
c = (k*Ac)/s; 
  
r = roots([a+b,0,0,c,-1*(a*Tsp^4+b*Ttank^4+c*Ttank+Qin)]); 
Tw = r(1) 
  
Qdotrad = (Tw^4-Ttank^4)*b; 
Qdotcond = (Tw-Ttank)*c; 
  
Qdot = Qdotrad + Qdotcond; 
  
mO2s = (0.5*Qdot*t)/O2vap 
mH2s = (0.5*Qdot*t)/H2vap 
  
%Intertank 
D = 6; 
w = 0.0004; 
l = 0.85; 
kcf = 10; 
  
Qdotintcond = (pi*D*w)*kcf*(90-60)/l; 
mH2int = Qdotintcond*t/H2vap 
  
%to upper stage 
lu = 0.52; 
wu = 0.0004; 
  
Qdotup = (pi*D*wu)*kcf*(280-60)/lu; 



mH2up = Qdotup*t/H2vap 
  
%Thrust 
width = 0.0004; 
lt = 1.578; 
  
Qdott = (pi*D*width)*kcf*(3000-90)/lt; 
mO2t = Qdott*350/O2vap 
  
%total 
mTotal = mO2s + mO2t + mH2s + mH2int + mH2up 
mO2s + mO2t 
mH2s + mH2int + mH2up 
end 
 

CM	  
function [ T_c_i, T_c_o, T_h_o, isAcceptable ] = heatExchanger(coldFluid, 
hotFluid, lamda, D, L, t, Qdot, mdot_c, mdot_h, T_h_i ) 
%function [ T_c_i, T_c_o, T_h_o ] = heatExchanger(lamda, Cp_c, Cp_h, Nu_c, 
k_c, Nu_h, k_h, D, L, t, Qdot, mdot_c, mdot_h, T_h_i ) 
%Calculates temperatures of liquids through a heat exchanger 
%{ 
D = diameter of pipe [m] 
L = length of pipe [m] 
t = thickness of pipe [m] 
Qdot = heat needed to transfer [W} 
mdot_c = mass flow of cold fluid [kg/s] 
mdot_h = mass flow of hot fluid [kg/s] 
T_h_i = temperature of the hot fluid at the inlet 
  
subscript notation 
_c => cold 
_h => hot 
_i => inlet 
_o => outlet 
%} 
  
%Known values not specified in input 
%{ 
lamda = 205; %thermal conductivity (of pipe I think) [W/(m*K)]. Value for 
Aluminum 
Cp_c  = 2061; %heat capacity of the cold fluid [J/(kg*K)]. Value for Ammonia  
Cp_h  = 1865; %heat capacity of the hot fluid [J/(kg*K]. Value for water 
Nu_c  = 4; 
k_c   = 0.54; %thermal transfer coeff. [W/(m*K). Value for ammonia 
Nu_h  = 4; 
k_h   = 0.58; %thermal transfer coeff. [W/(m*K). Value for water 
%} 
  
%mdot * heat capacity values 
%Note: FluProp returns the specific heat, density, heat capacity, freezing 
point, and boiling point for a specified fluid 
[Cp_c,rho_c,h_c,Tfreeze_c,Tboil_c] = FluProp(coldFluid); 
[Cp_h,rho_h,h_h,Tfreeze_h,Tboil_h] = FluProp(hotFluid); 



C_h = mdot_h*Cp_h; 
C_c = mdot_c*Cp_c *1.00001; 
  
C_min = min(C_h, C_c); 
C_max = max(C_h, C_c); 
C = C_min/C_max; 
  
%Point discontinuity for effectiveness equation at C = 1 
if abs(C - 1) < 0.0001 
    C = 1.0001; 
end 
  
%Heat transfer coefficients 
%h_c = Nu_c*k_c/D; % [W/(m^2 *K)]. Convective heat transfer coeff. 
%h_h = Nu_h*k_h/D; % [W/(m^2 *K)]. Convective heat transfer coeff. 
U = ( 1/h_h + t/lamda + 1/h_c)^(-1); %overall heat transfer coefficient 
%[W/(m^2 K)]. 
 
%Number of Transfer Units (NTU) Method 
A = D*L; %Heat transfer area. (Might need to change this) 
NTU = U*A/C_min; %NTU of 1 is approx. 50% effectiveness. NTU of 2 is approx 
60% effectiveness. 
  
effectiveness_counterflow = (1-exp(-NTU*(1-C)))/(1-C*exp(-NTU*(1-C))); %for a 
counter-current flow heat exchanger 
effectiveness_parallel = (1-exp(-NTU*(1+C)))/(1+C); %for a parallel flow heat 
exchanger 
effectiveness = effectiveness_counterflow; 
  
Qdot_max = Qdot/effectiveness; 
  
%Calculate temperatures 
T_c_i = T_h_i - Qdot_max/C_min; 
T_h_o = T_h_i -effectiveness/C_h * C_min *(T_h_i-T_c_i); 
T_c_o = T_c_i +effectiveness/C_c * C_min *(T_h_i-T_c_i); 
  
  
%checks to make sure it's not giving impossible answers 
isAcceptable = 1; %1 = true 
 
% isAcceptable = 0 if any of the fluids are below their freezing point, or 
above their boiling point. These if statements are not shown to save space 

 

 

MATLAB	  Crew	  Module:	  Normal	  Mode	  –	  Sunlit	  Design	  
clear all; close all; clc; 
  
%Knowns 
lamda = 235; %thermal conductivity of pipe [W/(m*K)]. Value for Aluminum 
t = 0.002; %m 
coldFluid = 'ethylene-glycol-water'; 
[Cp,rho,h,Tfreeze,Tboil] = FluProp(coldFluid); 



  
T_in = 300; %T_c_o; 
D = 1; %m. Unit value 
n = 1000; 
  
  
% Specified values 
Qdot_air = 1430; %W; 2 people + sun input 
Qdot_avionics = 1264; %W; liquid pump + avionics 
  
T_out = 280; %K 
Flux_q = 6000; %W/m^2 
T_o_fluidAvs = 320; %K. Temperature of the fluid after cooling Avionics 
hotFluid = 'air'; 
T_h_i = 295.4; %K. = 72 degrees F. Cabin air temperature 
T_h_o_original = 288; %K. = 58.7 degrees F. Potential air temperature after 
being cooled. 
  
  
% Calculate radiator and mdot values 
Qdot = Qdot_air + Qdot_avionics; %Qdot = 5000; %W 
L_rad = Qdot/(D*Flux_q) 
A = L_rad*D 
mdot = Qdot/(Cp* (T_in-T_out)) 
  
[ T_rad, A_rad ] = Radiator_withFlux(coldFluid, lamda, D, L_rad, t, mdot, 
T_in, T_out) 
A_fraction = A/A_rad 
  
  
%Vary L, mdot_fluidAir, mdot_h, T_o_fluidAvs 
%Goals: 
%T_c_i == T_out (to match optimized value) 
%mdot_c == mdot 
%T_c_o == T_in (To match initial value). Might need to adjust this 
%isAcceptable == 1 
    %T_h_o == T_h_o_original (For comfort, containted in isAcceptable) 
   
  
  
%Vary (manually) 
L_air = 4; %meters. Length of pipe where heat transfer to air occurs 
%A = D*L_air; 
mdot_fluidAir = 0.03045; 
mdot_h = .2; %kg/s. Massflow of the air 
T_o_fluidAvs = 320; %K 
  
%Calculate 
[ T_c_i, T_o_fluidAir, T_h_o, isAcceptable ] = heatExchanger(coldFluid, 
hotFluid, lamda, D, L_air, t, Qdot_air, mdot_fluidAir, mdot_h, T_h_i ); 
[Cp_c,rho_c,h_c,Tfreeze_c,Tboil_c] = FluProp(coldFluid); 
mdot_fluidAvs = Qdot_avionics/(Cp_c*(T_o_fluidAvs - T_c_i)); 
mdot_c = mdot_fluidAir + mdot_fluidAvs; 



T_c_o = (mdot_fluidAvs/mdot_c)*T_o_fluidAvs + 
(mdot_fluidAir/mdot_c)*T_o_fluidAir; %Temperature of the fluid after heat 
exchanger and mixing  
  
  
%Results: 
fprintf(['T_c_i = ', num2str(T_c_i), '\tDesired = ',num2str(T_out), '\t\t 
percent error = ', num2str((T_c_i/T_out - 1)*100), ' percent \n']) 
fprintf(['mdot_c = ', num2str(mdot_c), '\tDesired = ',num2str(mdot), '\t 
percent error = ', num2str((mdot_c/mdot - 1)*100), ' percent \n']) 
fprintf(['T_c_o = ', num2str(T_c_o), '\tDesired = ',num2str(T_in), '\t\t 
percent error = ', num2str((T_c_o/T_in - 1)*100), ' percent \n']) 
  
if isAcceptable 
    fprintf('Acceptable!!!\n') 
else 
    fprintf('Unacceptable :(\n') 
end 
  
fprintf(['T_h_o = ', num2str(T_h_o), '\t\tDesired ~ 
',num2str(T_h_o_original), '\t\t percent error = ', 
num2str((T_h_o/T_h_o_original- 1)*100), ' percent \n']) 
 

Chris	  O’Hare	  

Eclipse	  Calculations	  
% This code determines the maximum number of minutes of eclipse at low 
% earth orbit from 200-500 km altitude 
  
Re = 6378; 
mu = 398600; 
  
h = 200:500; 
  
a = h+Re; 
  
Tsec = sqrt(a.^3/mu)*2*pi; 
Tmin = Tsec/60; 
  
phi = asin(Re./a); 
  
PercentShadow = phi./pi; 
  
MinShadow = Tmin.*PercentShadow; 
  
plot(h,MinShadow) 
title('Earth: Max minutes of shadow per orbit') 
xlabel('Altitude (km)') 
ylabel('Minutes in shadow') 
  
% This code determines the maximum number of minutes of eclipse at low 
% lunar orbit from 200-500 km altitude 
Rl = 1737; 



mul = 4902; 
hl = 100:300; 
  
al = Rl+hl; 
  
Tsecl = sqrt(al.^3/mul)*2*pi; 
Tminl = Tsecl/60; 
phil = asin(Rl./al); 
  
PerShadl = phil./pi; 
  
MinShadl = Tminl.*PerShadl 
  
figure 
plot(hl,MinShadl) 
title('Moon: Max minutes of shadow per orbit') 
xlabel('Altitude (km)') 
ylabel('Minutes in shadow') 
 

Preliminary	  Program	  Cost	  Analysis	  
%% Constants 
clear; 
clc; 
  
delta = 0.1; 
isp = 320; 
Ve = isp*9.81; 
LC = 0.825; 
  
DvLEOtoLTO = 3107; 
DvLTOtoLLO = 837; 
DvLLOtoMoon = 2706; 
DvMoontoLLO = 2334; 
DvLLOtoLTO = 837; 
DvLTOtoLEO = 3107; 
  
AmanNon = 21.95; 
BmanNon = 0.55; 
AmanProd = 0.6906; 
BmanProd = 0.662; 
  
ALVNon = 8.662; 
BLVNon = 0.55; 
ALVProd = 0.2057; 
BLVProd = 0.662; 
  
%% Config 1 - One Spacecraft, Direct insertion return 
  
  
% Declare SC1 mass 
% This calculates mass as a function of days habitated,as per crew systems 
% heuristic equation on Feb 7 
NumDaysSC1 = 17; 



SC1Mass = 1342.4 * (NumDaysSC1^0.4601); 
%SC1Mass = 5000; 
  
% determine unit PM masses 
ReturnMass = SC1Mass; 
phi = exp(-DvLLOtoLTO/Ve) 
UnitPM = ReturnMass * (1-phi)/(phi-delta); 
InertUnitPM = UnitPM*delta; 
  
% determine lunar unit PM masses 
LunarPLMass = SC1Mass; 
phi = exp(-DvMoontoLLO/Ve); 
UnitLunarPM = LunarPLMass * (1-phi)/(phi-delta); 
InertUnitLunarPM = UnitLunarPM*delta; 
  
% determine total mass for lunar descent, number of unit lunar stages for 
% lunar descent.  Total unit PM's are rounded up to nearest integer 
DescentPL = LunarPLMass+UnitLunarPM; 
phi = exp(-DvLLOtoMoon/Ve); 
DescentStageMass = DescentPL * (1-phi)/(phi-delta); 
  
  
% determine total mass to get into LLO from LTO 
LloPL = DescentPL + DescentStageMass + UnitPM; 
phi = exp(-DvLTOtoLLO/Ve); 
ToLLOStageMass = LloPL * (1-phi)/(phi-delta); 
  
  
% Determine total mass from LEO 
LeoPL = LloPL + ToLLOStageMass; 
phi = exp(-DvLEOtoLTO/Ve); 
LtoStageMass = LeoPL * (1-phi)/(phi-delta); 
  
  
% Total mission mass 
TotalMissionMass = LeoPL + LtoStageMass; 
  
%Determine development costs of each structure, total dev cost 
SC1Cost = NonRecurCost(SC1Mass,AmanNon,BmanNon); 
UnitPMCost = NonRecurCost(InertUnitPM,ALVNon, BLVNon); 
UnitLunarPMCost = NonRecurCost(InertUnitLunarPM,ALVNon, BLVNon); 
  
TotalDevelopmentCost = SC1Cost + UnitPMCost + UnitLunarPMCost; 
  
% Determine 1st production costs of each structure 
SC1ProdCost = NonRecurCost(SC1Mass,AmanProd,BmanProd); 
UnitPMProdCost = NonRecurCost(InertUnitPM,ALVProd, BLVProd); 
UnitLunarPMProdCost = NonRecurCost(InertUnitLunarPM,ALVProd, BLVProd); 
  
% Determine first mission cost 
p = log10(LC)/log10(2); 
TotPMCost = 0; 
NumOfUnitPM = ceil((LtoStageMass+ToLLOStageMass)/UnitPM) + 1 
for i = 1:(NumOfUnitPM) 



    cost = UnitPMProdCost*(i^p); 
    TotPMCost = TotPMCost+cost; 
end 
TotLPMCost = 0; 
NumOfUnitLPM = ceil(DescentStageMass/UnitLunarPM) + 1 
for i = 1:(NumOfUnitLPM) 
    cost = UnitLunarPMProdCost*(i^p); 
    TotLPMCost = TotLPMCost+cost; 
end 
  
FirstMissProdCost = SC1ProdCost + TotPMCost + TotLPMCost; 
  
% Determine number of Falcon Heavy launches per mission based on mass5 
NumFalcHeavPerMiss = ceil(TotalMissionMass/55000); 
  
FalcHeavCost = NumFalcHeavPerMiss * 125; 
  
FirstMissCost = FirstMissProdCost + FalcHeavCost; 
  
EarliestFirstMission = (TotalDevelopmentCost+FirstMissCost)/3000; 
  
% Calculate the average costs per mission over 10 mission, partial Falcons 
% are considered 
NumOfMissions = 10; 
ProgMass = TotalMissionMass * NumOfMissions; 
  
ProgNumUnitPM = NumOfUnitPM * NumOfMissions; 
ProgNumUnitLPM = NumOfUnitLPM * NumOfMissions; 
  
ProgFalcHeav = ProgMass / 55000; 
ProgFalcHeavCost = ProgFalcHeav * 125; 
  
ProgPMCost = 0; 
for i = 1:(ProgNumUnitPM) 
    cost = UnitPMProdCost*(i^p); 
    ProgPMCost = ProgPMCost+cost; 
end 
  
ProgLPMCost = 0; 
for i = 1:(ProgNumUnitLPM) 
    cost = UnitLunarPMProdCost*(i^p); 
    ProgLPMCost = ProgLPMCost+cost; 
end 
  
ProgSC1Cost = 0; 
for i = 1:(NumOfMissions) 
    cost = SC1ProdCost*(i^p); 
    ProgSC1Cost = ProgSC1Cost+cost; 
end 
  
AvgCostPerMission = 
(ProgFalcHeavCost+ProgPMCost+ProgLPMCost+ProgSC1Cost+TotalDevelopmentCost)/Nu
mOfMissions; 



AvgProdCostPerMission = 
(ProgFalcHeavCost+ProgPMCost+ProgLPMCost+ProgSC1Cost)/NumOfMissions; 
  

Crew	  Module	  Sizing	  and	  Volume	  Calculator	  
clear 
clc 
  
% Set these parameters 
OpenSpW = 1.8; 
OpenSpL = 2.2; 
OpenSpH = 2.4; 
  
InEnvLowH = 1; 
  
HalfAngle = 25; 
  
InnerOuterSpacing = 0.1; 
  
% Calculate Inner Environment  
  
InEnvDiam = sqrt(OpenSpW^2 + OpenSpL^2); 
InEnvRad = 0.5*InEnvDiam; 
  
InEnvFrusH = OpenSpH - InEnvLowH; 
InEnvFrusTopDiam = InEnvDiam - 2*(InEnvFrusH*tand(HalfAngle)); 
InEnvFrusTopRad = 0.5*InEnvFrusTopDiam; 
  
  
  
  
  
%% Determine the volume for Open Space and Inner Envelope Material Space 
  
% Lower cylinder 
d = OpenSpW/2; 
R = InEnvRad; 
A = (R^2/2)*(2*acos(d/R) - sin(2*acos(d/R))) 
  
InEnvLowTotalVol = pi*InEnvRad^2 * InEnvLowH; 
InEnvMatSpLowVol = 2 * A * InEnvLowH; 
OpenSpLowVol = InEnvLowTotalVol - InEnvMatSpLowVol; 
  
% Frustum 
InEnvFrusTotalVol = (1/3)*pi*InEnvFrusH*(InEnvRad^2 + 
InEnvRad*InEnvFrusTopRad + InEnvFrusTopRad^2); 
  
h = 0:0.01:((InEnvRad-d)/tand(HalfAngle)); 
Vol = 0; 
for i=1:length(h) 
    R = InEnvRad - h(i)*tand(HalfAngle); 
    Vol = Vol + 0.01*(R^2/2)*(2*acos(d/R) - sin(2*acos(d/R))); 
end 



  
InEnvMatSpFrusVol = 2*Vol; 
OpenSpFrusVol = InEnvFrusTotalVol - InEnvMatSpFrusVol; 
  
% Totals 
InEnvTotalVol = InEnvLowTotalVol + InEnvFrusTotalVol 
OpenSpTotalVol = OpenSpLowVol + OpenSpFrusVol 
InEnvMatSpTotalVol = InEnvMatSpLowVol + InEnvMatSpFrusVol; 
  
%% Determine outer hull sizing 
  
a = InEnvLowH*tand(HalfAngle); 
HullDiam = (InEnvRad + InnerOuterSpacing + a)*2 
HullRad = 0.5*HullDiam; 
HullH = HullRad/tand(HalfAngle) 
  
%% Determine space taken up by inner hull 
thick = 0.009; %m 
  
Rout = InEnvRad+thick; 
RtopFrus = InEnvFrusTopRad+thick; 
FrusHout = InEnvFrusH+thick; 
OutInLowVol = pi*(Rout)^2 * InEnvLowH; 
OutInFrusVol = (1/3)*pi*FrusHout*(Rout^2 + Rout*RtopFrus + RtopFrus^2); 
  
OutInTotVol = OutInLowVol + OutInFrusVol; 
  
%% Determine space inside the outer hull 
OutTh = 0.01; %m 
  
%Lower section 
LowR = HullRad - OutTh; 
MidR = LowR - tand(HalfAngle); 
  
TotLowSpaceVol = (1/3)*pi*InEnvLowH*(LowR^2 + LowR*MidR + MidR^2); 
  
OuterEnvLowSpace = TotLowSpaceVol - OutInLowVol 
  
% Upper Section 
HighR = InEnvFrusTopRad + InnerOuterSpacing - OutTh; 
TopConeH = HighR/tand(HalfAngle); 
TotConeSpaceVol = (1/3)*pi*HighR^2*TopConeH; 
  
CutConeR = 0.4 - OutTh; 
CutconeH = CutConeR/tand(HalfAngle); 
CutConeSpaceVol = (1/3)*pi*CutConeR^2*CutconeH; 
  
OuterEnvUpperSpaceVol = TotConeSpaceVol - CutConeSpaceVol 
  
  

	  


